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FOREWORD 


Thit  report  was  prepared  by  the  Advanced  Engine  and  Technology 
Department  of  the  General  Electric  Company,  Evendale,  Ohio  under  Air  Force 
Contract  AF33(61S)- 1586.  Thia  advanced  technology  program,  "Analytical  and 
Experimental  Evaluation  of  the  Superaonic  Combuation  Ramjet  Engine",  waa 
adminiatered  and  directed  by  the  Air  Force  Aero  Propulaion  Laboratory, 
Reaearch  and  Technology  Diviaion,  Mr.  Ruben  Canny,  Project  Engineer. 

Thia  Volume  II  preaenta  the  work  performed  under  Item  II  Component 
Evaluation,  Taak  2  -  "Fuel  Injection  and  Cotnbuation"  under  contract  AF33(615) 
1586.  Thia  work  waa  conducted  under  the  direction  of  J.  W.  Vdoviak,  Manager 
of  Combuation  and  Augmentation.  The  principle  contributora  were  A.  Lingen, 
Manager  of  Superaonic  Combuation  Unit,  M.  J.  Kenworthy,  W.  C.  Colley, 

P.  T.  Haraha  and  D..  E.  Nieaer. 

Thia  report  (Volume  II)  waa  publiahed  under  General  Electric  report 
numberR65FPD184  and  diatributed  aa  directed  by  Contract  No.  AF33(615)> 

1586. 


Volume  II  of  thia  report,  which  include*  SCRAMJET  component  experi* 
mental  evaluationa  and  reaulta  together  with  atate>of>the-art  diacuaaiona  and 
vehicle  deaign  criteria,  ia  claaaified  Confidential  except  for  aectiwna  deacribing 
the  General  Electric  Hyperaonic  Arc  Tunnel,  the  M  -  3.25  Cold  Flow  Wind 
Tunnel  and  explanations  of  the  calculation  techniquea  uaed  for  data  processing. 

The  classification  of  Volume  II  is  Confidential  as  directed  by  the 
DD  Form  254  Security  Check  List,  included  in  the  contract. 


"This  document  convains  information  affecting  the  National 
defense  of  the  United  States  within  the  meaning  of  the 
Espionage  Laws,  Title  18,  U.  S.  C. ,  Sections  793  and  794, 
the  transmission  or  revelation  of  which  in  any  manner  to  an 
unauthorized  person  is  prohibited  by  law.  " 
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CONFIDINTIAL 


A  BSTRACT 


This  abstract  is  classified  Confidential. 

This  final  technical  report  describes  the  results  of  analytical  and  experi¬ 
mental  evaluations  of  the  supersonic  combustion  ramjet  engine.  The  principal 
objective  of  this  program  was  to  investigate  practical  component  and  engine 
designs,  weights  and  performance  levels  leading  toward  the  preliminary  design 
of  a  flight  test  vehicle.  While  concentrating  primarily  on  information  in 
support  of  hypersonic  (Mach  6-12)  cruise  missions,  this  program  imparts 
supporting  technology  for  flight  operations  up  to  orbital  velocity. 

Volume  U  of  this  three  volume  report  is  devoted  to  Item  II  •  Component 
Evaluation,  Task  2  -  "Fuel  Injection  and  Combustion". 

This  was  an  experimental  and  analytical  inver  tigation  to  supply  design 
information  for  the  aerothermo  design  of  a  supersonic  combustor  for  a  flight 
teat  vehicle.  The  experimental  investigations  were  conducted  in  two 
separate  facilities.  The  penetration  of  fuel  jets  into  a  supersonic  stream  was 
investigated  in  a  cold  flow  supersonic  wind  tunnel  (Mach  •  3.  25).  Combustion 
tests  of  scale  model  combustors  were  conducted  in  General  Electric's  Hyper* 
sonic  Arc  Tunnel.  The  results  from  the  cold  flow  tests  and  from  Mixing 
Theory  were  utilised  in  designing  combustors.  Combustion  tests  of  several 
configurations  identified  a  burner  having  adequate  performance  characteristics 
for  achieving  the  vehicle  mission.  The  aero-thermo  design  of  the  vehicle 
combustor  was  based  on  this  tested  configuration. 


PUBLICATION  REVIEW 


This  technical  document  has  been  reviewed  and  approved  by  the  Air  Force 
Aero  Propulsion  Laboratory,  R&TD,  Wright  Patterson  Air  Force  Base,  Ohio. 

Date;  1  November  1965 


CONFIDENTIAL 
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SECTION  I  -  INTRODUCTION 


Experiments  relsted  to  the  development  of  supersonic  hydrogen  combustion 
systems  for  hypersonic  ramjet  engines  have  been  conducted  by  the  General 
Electric  Company  during  the  past  several  years.  Prior  to  completion  of  the 
Hypersonic  Arc  Tunnel,  these  experiments  were  performed  in  a  combustion  heated 
wind  tunnel,  using  a  Mach  2.  5  vitiated  air  stream  with  stagnation  temperatures 
characteristic  of  flight  speeds  up  to  Mach  6.  Early  experiments  in  this  facility 
were  reported  in  Reference  2,  and  later  experiments  in  References  10,  11  and 
12.  The  major  conclusions  from  these  studies  were:  (1)  supersonic  com¬ 
bustion  was  feasible,  (2)  mixing  was  slow  and  Ignition  difficult  when  hydrogen 
was  injected  parallel  to  the  air  stream,  (3)  cross  stream  injection  facilitated 
both  mixing  and  flame  stabilization,  and  (4)  combustion  induced  boundary  layer 
separations  could  be  used  as  flame  stabilizers  and  mixing  promoters. 

Analytical  studies  disclosed  that  there  were  no  performance  losses 
inherent  in  shock  waves  and  boundary  layer  separations  induced  solely  by  the 
copibustion  process  (Reference  13),  implying  that  these  phenomena  could 
safely  be  employed  as  mixers  and  igniters.  These  studias  also  disclosed  the 
inadequacy  of  some  of  the  performance  parameters  traditionally  applied  to  sub¬ 
sonic  combustors  for  use  with  supersonic  combustors,  and  suggested  that  new 
performance  criteria  be  developed.  This  was  subsequently  done  (Reference  14), 
the  result  being  the  Thrust  Potential,  a  parameter  related  to  the  ability  of  the 
combustor  to  produce  thrust  when  installed  in  the  engine,  and  which  combines 
the  contributions  of  individual  causes  of  performance  defects. 

The  initial  experiments  conducted  in  the  Hypersonic  Arc  Tunnel  Facility 
were  studies  of  fuel  injection  from  a  flat  plate  into  a  Mach  3.  5  free  air  jet 
having  a  stagnation  enthalpy  representative  of  Mach  8  flight.  These  studies  con¬ 
firmed  that  burner  ignition  was  facilitated  by  injection  of  fuel  perpendicular  to 
the  air  stream.  They  also  revealed  advantages  of  shaping  the  fuel  jet  to  present 
minimum  frontal  blockage.  It  was  found  that  fuel  injected  from  a  slot  in  the  plate 
oriented  with  its  long  axis  parallel  to  the  airflow  would  penetrate  the  air  stream 
without  unduly  disrupting  the  boundary  layer. 

Use  of  penetrating  fuel  jets  to  best  advantage  demanded  that  more  extensive 
penetration  data  he  obtained.  The  quantitative  effects  of  such  variables  as  jet 
nozzle  geometry,  injectant  density  and  injection  pressure  on  the  extent  of  pene¬ 
tration  required  detailed  exploration.  The  Arc  Tunnel  Facility  was  ill  suited 
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environment.  Since  chemical  reaction  waa  judged  to  exert  negligible  influence 
on  the  mechanisms  of  jet  penetration,  the  needed  study  was  undertaken  in  a 
low-cost,  low-temperature,  supersonic  wind  tunnel  facility. 

Most  experiments  conducted  to  this  point  had  investigated  specific 
phenomena  contributing  to  the  over-all  combustion  process,  such  as  flame 
stabilization,  fuel-air  mixing,  or  jet  penetration.  Few  experiments  had  been 
conducted  with  the  object  of  fully  evaluating  over-all  combustor  performance 
in  a  system  directly  applicable  to  an  engine  design,  Development  tests  of  a 
practical  combustion  system,  which  were  badly  needed,  are  the  subject  of  this 
report. 
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SECTION  II  -  PROGRAM  SUMMARY 
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Extensive  testing  of  several  combustor-injector  combinations  at  con¬ 
ditions  simulating  flight  from  Mach  5.  I  to  10.  5,  resulted  in  the  identification 
of  a  configuration  having  suitable  performance  characteristics  for  an  attractive 
flight  test  vehicle.  This  combustor  development  was  guided  by  cold  flow 
tests  on  the  penetration  of  fuel  and  by  analytical  work  on  mixing  theory  and 
combustion  aerothermodynamics. 

Cold-flow  penetration  tests  were  conducted  to  verify  a  simple  penetration 
theory  which  was  developed.  An  existing  Mach  3.  25  wind  timnel  was  modified 
for  Helium  and  air  injection  from  a  flat  plate  at  the  tunnel  centerline,  thereby, 
providing  a  quick  and  reliable  test  technique.  Many  configurations  were 
screened  and  the  relative  merits  of  several  geometries  were  evaluated  on  the 
basis  oi  a  fixed  quantity  of  injection  flow.  A  general  penetration  theory,  for¬ 
mulated  from  simple  momentum  considerations,  was  found  to  fit  the  data  well. 

A  long  row  of  holes  was  identified  as  a  superior  injection  configuration. 
This  geometry  was  found  to  produce  a  stream  of  fuel  with  a  cross  section  which 
was  very  high  relative  to  the  width.  The  latter  observation  led  to  the  formu¬ 
lation  of  a  simple  mixing  model  which  coupled  easily  with  the  analytical  pene¬ 
tration  model  to  allow  definition  of  the  effect  of  penetration  parameters  on  the 
combustbr  process  mixing  efficiency.  The  mixing  theory  was  based  on  classical 
two-dimensional  wake  mixing.  The  unified  penetration  theory  was  used  to 
generate  the  variation  of  mixing  efficiency  with  combustor  length  and  equivalence 
ratio. 


Presented  in  this  report  is  a  complete  detailed  description  of  the  General 
Electric  Arc  Tunnel  Facility  which  was  used  as  a  hot-gas  source  for  tests  of 
scale-model  supersonic  combusiurs.  A  complete  combustor  environment  was 
provided,  with  fuel  injection  type  and  spacing  and  all  the  details  of  combustor 
geometry  exactly  as  envisioned  in  a  flight  engine.  This  configuration  had  a 
three-inch  entrance  diameter  size  and  was  made  up  of  water-cooled  test  hard¬ 
ware.  Analytical  studies  were  performed  ana  methods  of  data  taking  and 
analysis  were  reviewed,  improved,  finally  formulated  and  put  into  use.  A  com¬ 
bustor  performance  criterion  was  used,  the  net  thrust  potential,  which  expressed 
the  measured  combustor  performance  in  terms  of  system  net  thrust.  Relative 
merits  of  combustors  are  apparent  from  this  criterion,  as  well  as,  absolute 
merits,  since  the  factor  is  a  ratio  of  actual  to  ideal  system  net  thrust  with  a 
given  inlet  and  nozzle. 
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The  arc  tunnel  teat  program  consisted  of  some  92  test  runs  which  com¬ 
prised  a  total  arc  time  of  nine  hours  34  minutes.  From  this  large  number  of 
runs,  21  were  processed  and  yielded  the  measured  combustor  performance 
presented  in  this  report.  These  testa  included  enthalpy  levels  which  simulate 
flight  over  the  range  of  Mach  5.  1  to  10.  5.  The  test  program  was  concerned 
with  the  following  six  facets  of  the  combustor  performance  problem: 

1)  Evaluation  of  ignition  methods  for  the  Mach  6  to  8  range. 

2)  Measurement  of  performance  of  step  combustors  with  area  ratio 
2,  5  over  the  range  of  enthalpies  simulating  Mach  6  to  9  flight. 

3)  Measurement  of  the  performance  of  conical  combustors  over  the 
same  range. 

4)  Some  brief  observations  on  the  characteristics  of  a  constant-area 
geometry  with  a  wall-slot  injector. 

5)  The  formulation  of  a  final  design  incorporating  injectors  with 
downstream  thrust  and  an  advanced  geometry. 

6)  The  acquisition  of  test  experience  for  a  combustor /noarle  combination. 

The  experimental  work  in  the  arc  tunnel  was  supported  by  continuing 
evaluations  of  various  conxbustor  phenomena  through  the  use  of  several 
analytical  models.  The  concept  of  "transonic  combustion"  was  dealt  with  as 
supersonic  heat  addition  ending  at  a  choked  condition.  Choking  criteria  were 
developed  for  uniform  (one-dimensional)  and  non-uniform  flows.  The  particular 
importance  of  momentum  to  the  choking  criteria  led  to  a  re -emphasis  of  early 
ideas  on  the  importance  of  the  momentum  quantity  to  the  one-dimensionalization 
of  non-uniform  flows.  The  study  of  choking  phenomena  also  provided  a  basis  for 
correlations  of  minimumwall  forces  for  "transonic  combustion". 

The  final  combustor  design  was  formulated  which  was  very  close  to  the 
step/cone  geometry  tested  in  the  arc  tunnel.  The  inlet  design,  with  six 
"barrels",  provides  six  "struts"  which  are  believed  to  be  effective  in  main¬ 
taining  efficiency  at  levels  observed  in  tests,  out  to  the  vicinity  of  Mach  12. 

Two  stages  of  fuel  injection  are  provided,  one  at  the  step  area  change  and  one 
three  diameters  upstream  of  the  step  area  c:  «nge.  Only  the  fuel  injectors  at 
the  step  are  employed  from  Mach  6  to  near  Much  8  and  both  sets  are  used  to 
provide  a  smooth  transition  up  to  a  point  where  all  fuel  flow  is  to  the  upstream 
fuel  injectors  (at  a  Mach  number  near  9.  5).  All  injectors  are  rows  of  six  sonic 
holes  directed  at  30  degrees  downstream.  There  are  eight  equally  spaced  sets 
at  the  upstream  section  in  each  of  the  six  pipes  (48  fuel  injectors)  and  six 
eqully  spaced  sets  at  the  downstream  station.  The  combustor  area  ratio  is  2.0. 
The  geometry  is  identical  to  that  of  the  step/cone  geometry  tested  in  the  arc 
tunnel  with  the  exception  of  the  multiple  pipes. 
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Performance  valuei  were  calculated  for  the  aelected  configurations 
over  the  range  from  Mach  6  to  12.  Heavy  emphasis  was  placed  on  the  experi> 
mental  informat  on  hand.  Wall  force  and  friction  drag  were  calculated  in 
keeping  with  present  cycle  assumptions  and  the  projected  efficiency  varied 
from  .  85  (at  Mach  6  and  ER  =  1,  0)  to  .  90  (at  Mach  12  and  ER  =  1.  6). 
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SECTION  111 

ITEM  II  -  COMPONENT  EVALUATION 
TASK  2  -  FUEL  INJECTION  1.  COMBUSTION 


A.  TASK  OBJECTIVES 

AerothermodynAmic  analyse!  of  nnixing  phenomena  and  loss  mechanisms 
shall  be  extended  in  order  to  provide  theoretical  comparisons  for  test  results 
and  permit  extrapolation  of  pertinent  parameters  over  the  Mach  6-25  flight 
spectrum.  This  effort  shall  be  compared  with  existing  analyses  and  supported 
by  cold  flow  tests  in  the  Mach  3  tunnel,  which  shall  also  provide  preliminary 
screening  of  concepts  prior  to  flame  tunnel  testing. 

Combustion  testing  of  selected  injector  designs  shall  be  accomplished  in 
an  existing  steady  state  facility.  The  most  promising  designs  shall  be  further 
evaluated  in  a  closed  combustor,  in  a  steady  state,  arc  txinnel  facility.  An 
enclosed  combustor  shall  be  tested  in  the  existing  steady  state  facility,  with  a 
reference  velocity  and  stagnation  temperature  corresponding  to  Mach  6  flight. 
This  test  model  shall  be  designed  such  that  data  will  provide  adequate  infor¬ 
mation  for  determining  combustion  efficiency,  wall  friction  factors,  total 
momentum  coefficient  for  injected  fuel,  and  realistic  exit  conditions  for  the 
definition  of  nozzle  thrust  coefficient. 

An  enclosed  duct  for  the  arc  tunnel  shall  be  designed,  fabricated  and 
tested  at  contained  stream  conditions.  This  model  shall  incorporate  removable 
sections  to  permit  investigations  of  fuel  injectors  and  film  cooling  effects  at 
reference  velocities  and  stagnation  temperatures  corresponding  to  flights 
from  Mach  6  to  9. 

B.  SUMMARY  OF  WORK  ACCOMPLISHED 

The  work  accomplished  under  the  topic  of  "Fuel  Injection  and  Combustion" 
is  properly  divided  into  three  parts: 


1) 

2) 


Cold  flow  penetration  tests  of  injectors 

Arc  tunnel  tests  of  scale-model  combustors 

Combustor  design  considerations  for  the  flight  test  vehicle 
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The  tubaequent  Bummary  of  this  work  is  divided  into  three  parts,  under 
these  three  special  headings. 

Cold  flow  tests  were  identified  as  a  convenient  technique  for  screening 
injectors  for  use  in  scale-model  and  full-scale  supersonic  bombustors.  The 
data  correlations  of  the  cold-flow  test  data  allowed  generalization  of  the  data 
for  all  important  variables.  Several  injectors  from  this  study  were  evaluated 
in  ecalo-model  combustor  teats.  The  cold-flow  tests  also  were  instrumental  in 
allowing  simple  mixing  calculations  to  be  coupled  to  penetration  calculations,  a 
procedure  which  resulted  in  a  technique  which  is  capable  of  showing  the  effects 
of  a  wide  range  of  injection  variables  on  combustor  mixing  efficiency. 

The  General  Electric  arc  tunnel  was  used  as  a  hot-gas  source  for  scale- 
model  tests  of  combustor  geometry.  An  elaborate  teat  setup  was  used  to  obtain 
detailed  measurements  of  all  pertinent  combustor  parameters  and  multi-stream 
analysis  techniques  were  employed  to  obtain  combustor  performance  criteria. 
Teats  were  made  to  identify  workable  ignition  systems  for  Mach  6  to  8  and  to 
evaluate  combustor  performance  with  several  injector  geometries  and  several 
combustor  geometries.  A  step-cone  tailpipe,  used  in  conjunction  with  an  8 
injector  arrangement  of  30  degree  sonic  holes,  was  found  to  have  excellent  per¬ 
formance  over  the  test  range  of  Mach  6  to  9.  This  geometry  was  selected  as 
the  basic  type  on  which  to  base  the  design  for  the  flight  test  vehicle  discussed  in 
Volume  I  of  this  report. 

Through  consideration  of  analytical  and  experimental  results,  the  details 
of  the  flight  test  vehicle  combustor  were  formulated  and  performance  was  cal¬ 
culated  for  the  range  Mach  6  to  12.  It  was  concluded  that  the  combustor  com¬ 
ponent  provided  adequate  performance  for  an  attractive  flight  test  vehicle. 

Cold-Flow  Penetration  Tests 

C'old-flow  penetration  tests  were  conducted  to  verify  a  simple  pen..tration 
theory  which  was  developed.  An  existing  Mach  3.  25  wind  tunnel  was  modified 
for  Helium  and  air  injection  from  a  flat  plate  at  the  tunnel  centerline,  thereby, 
providing  a  quick  and  reliable  test  technique.  Many  configurations  were  screened 
and  the  relative  merits  of  several  geometries  were  evaluated  on  the  basis  of  a 
fixed  quantity  of  injection  flow.  A  general  penetration  theory  was  fo’-mulated 
from  simple  momentum  considerations  and  was  found  to  fit  the  data  well. 

A  long  row  of  holes  was  identified  as  superior  injection  configuration. 

This  geometry  was  found  to  produce  a  slug  of  fuel  ,  the  cross  section  of  which 
was  very  high  relative  to  the  width.  The  latter  observation  led  to  the  formulation 
of  simple  mixing  model  which  coupled  easily  with  analytical  penetration  model  to 
allow  the  definition  of  the  effect  of  penetration  parameters  on  the  combustion 
process  mixing  efficiency.  The  mixing  theory  was  based  on  classical,  two- 
dimensional,  wake  mixing.  The  unified  penetration  theory  was  used  to  generate 
the  variation  of  mixing  efficiency  with  combustor  length  and  with  equivalence 
rat io. 
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Thes*  studies  provided  several  important  results: 

1)  A  general  penetration  theory  which  fit  thf  data  and  pro¬ 
vided  methods  of  extrapolation  for  all  of  the  important 
injection  variables  such  as  size,  penetration  pressure 
and  temperature,  free  stream  Mach  number,  and  fuel/air 
ratio. 

2)  The  identification  of  a  unique  injector  geometry  of 
practical  proportions  providing  performance  superior 
to  single  hole  injectors. 

3)  A  unified  theory  of  penetration  and  subsequent  mixing 
which  was  used  to  examine  trends  associated  with  the 
effects  of  combustor  length  and  fuel/air  ratios  on  the 
mixing  efficiency  of  the  combustion  process. 

A  penetration  theory  was  developed  by  treating  the  penetrating  jet  as  a 
simple  momentum  exchange  phenomenon  associated  with  the  drag  of  the 
obstruction  which  the  injectaut  poses  for  the  air  stream.  This  theory  was 
found  to  adequately  describe  the  trends  of  data  from  the  penetration  experiments. 
Details  of  the  theory  are  presented  in  this  report.  The  form  of  the  correlations, 
based  on  the  theory,  allows  the  evaluation  of  the  effects  of  all  the  important  in¬ 
jection  parameters;  i.  e.  ,  injection  pressure  and  temperature,  injection  Mach 
number,  f/ees'eream  Mach  number  and  respective  fluid  densities. 

The  penetration  tests  were  conducted  with  a  variety  of  injector  geometries. 
These  terminated  when  improved  configurations  which  had  practical  use  were 
identified.  The  tests  were  begun  with  single,  normal  round  holes  and  corres¬ 
pondence  was  establishei  with  the  results  obtained  by  other  investigators.  The 
adv^Va^'j  of  sunersonic  penetration  was  found  for  the  correct  restraint  of  a 
given  fuel  flow.  Note  that,  as  used  throughout  this  study,  the  non-dimensionalizing 
of  the  penetration  distance  with  the  throat  diameter  of  the  injector  (or  th-  diameter 
correapon  ling  to  the  total  throat  area  of  an  injector)  placed  on  the  penetration  the 
proper  restraint  of  a  fuel  flow.  This  practice  was  not  adopted  by  other 
vestigators  of  penetration  into  a  supersonic  stream. 

Theoretic*.!  gro  ind.'*  for  the  improved  penetration  of  supersonic  injectors 
were  found  and  usod  to  identify  injector  configurations  which  had  low  aspect 
ratio  (thac  is,  were  long  in  the  direction  of  the  air  stream  and  narrow  in  a 
(imensiou  perpe.edicular  to  the  air  stream).  Of  these  high  slenderness  ratio  or 
low  asp-ct  ratio  configuratieny,  a  series  of  round  sonic  holes  which  were  axially 
aligned  were  identified  as  tho  most  desirable  from  a  mechanical  standpoint.  Both 
normal  and  30  degtc*s  downstream  Injecting  rows  were  found  to  have  equivalent 
penetr'tion  and  a  theoretical  reasoning  for  this  was  developed  from,  momentum 
consice rations.  Both  these  p'omising  configurations  were  applied  to  combustor 
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geometries  for  subsequent  scale-model  testing  in  the  General  Electric  Arc 
Tunnel. 

The  observations  of  penetration  phenomena  from  tests  identified  the 
possibility  of  a  simplified  nuxing  theory  which  accounted  for  only  the  shear 
mechanism  between  the  injected  jet  snd  a  freestream  flow.  Appropriate 
treatments  were  found  which  concerned  axisymmetric  and  two-dimensional 
mixing  models  with  confluent,  (cocurrent)  flow.  From  these  analyses,  a  two- 
dimensional  model  was  chosen  for  two  important  reasons;  it  was  the  simplest 
and  was  the  method  that  best  matched  the  fuel  injectors.  Mixing  calculations 
were  made  whirh  accounted  for  confluent  (cocurrent)  flow  by  treating  the  system 
as  a  wake  at  a  distance  far  downstream  of  the  fuel  injection.  The  calculations 
identified  moderate  performance  for  relatively  long  combustors,  under  conditions 
approximating  constant  pressure  fields.  The  method  was  then  extended  to  account 
approximately  for  axial  static-pressure  gradients,  such  as  those  normally  result¬ 
ing  from  combustion,  and  a  degree  of  performance  improvement  was  identified 
for  several  size  gradients.  Variations  in  mixing  effrc.ency  were  generated  for 
a  range  of  combustor  length  and  equivalence  ratio  with  and  without  aixal  pressure 
gradients.  These  variations  are  presented  in  Section  C.  l.e.  Note  that  a  relatively 
constant  pressure  environment  is  typical  of  a  divergent  combustor  at  Mach  12, 
while  Mach  6  performance  is  believed  to  tend  toward  the  infinite  pressure  gradient 
case  provided  transonic  combustion  is  involved. 

Arc-Tunnel  Tests  of  Scale  Model  Combustors 

Presented  in  this  report  is  a  complete  detailed  description  of  the  General 
Electric  Arc  Tunnel  Facility  which  was  used  as  a  hot-gas  source  for  tests  of 
scale -model  supersonic  combustors.  A  complete  combustor  environment  was 
provided  with  fuel  injection  type  and  spacing  and  all  the  details  of  combustor 
geometry  exactly  as  envisioned  in  a  flight  engine,  but  in  a  3-inch  entrance 
diameter  size  and  in  water-cooled  test  hardware.  Analytical  studies  were  per¬ 
formed  and  methods  of  data  taking  and  analysis  were  reviewed,  improved, 
finally  formulated  and  put  into  use.  A  combustor  performance  criterion  was 
used,  the  net-thrust  potential,  which  expressed  the  measured  combustor  per- 
forntance  in  terms  of  system  net  thrust.  Relative  merits  of  combustor  are 
apparent  from  this  criterion  as  well  as  absolute  merits,  since  the  factor  is  a 
ratio  of  actual  to  ideal  system  net  thrust  with  a  given  inlet  and  nozzle. 

The  Arc  Tunnel  Test  Program  consisted  of  some  92  test  runs  which  com¬ 
prised  a  total  arc  time  of  9  hours  34  minutes.  From  this  large  number  of  runs, 

62  runs  were  processed  as  having  yielded  good  data  and  21  were  performance 
runs  which  yielded  measured  combustor  performance  as  presented  in  this  report. 
These  tests  included  enthalpy  levels  which  simulate  flight  over  the  range  of 
Mach  5.  1  to  10.  3.  The  test  program  was  concerned  with  six  facets  of  the  com¬ 
bustor  performance  problem: 


10 

CONFIDINTIAL 


tat 


rT  ) 


CONFIDINTIAL 

AF  APL-TR-65-103 


1)  Evzluation  of  ignition  methods  for  the  Mach  6  to  8  range.  ^ 

2)  Measurement  of  performance  of  step  combustors  with  area 
ratio  2.  5  over  the  range  of  enthalpies  simulating  Mach  6  to 
9  flight. 

3)  Measurement  of  the  performance  of  conical  combustors  over  ^ 

the  same  range. 

4)  Some  brief  observations  on  the  characteristics  of  a  constant- 
area  geometry  with  a  wall-slot  injector. 

5)  The  formulation  of  a  final  design  incorporating  injectors  g 

with  downstream  thrust  and  an  advanced  geometry. 

6)  The  acquisition  of  test  experience  for  a  combustor/nozzle 
combination. 

These  facets  are  dealt  with  separately  in  the  subsequent  section  on  "Data  and  g 

Results". 

The  experimental  work  in  the  arc  tunnel  was  supported  by  continuing 
evaluations  of  various  combustor  phenomena  using  several  analytical  models. 

The  concept  of  "transonic  combustion"  was  dealt  with  as  supersonic  heat 

addition  ending  at  a  choked  condition.  Choking  criteria  were  developed  for  i 

uniform  (one -dimensional)  and  non-uniform  flows.  The  particular  importance 

of  momentum  to  the  choking  criteria  led  to  a  re-emphasis  of  early  ideas  on  the 

importance  of  the  momentum  quantity  to  the  one-dimensionalization  of  non-umform 

flows.  The  study  of  choking  phenomena  also  provided  a  basis  for  correlations  of 

mi  limum  wall  forces  for  "transonic  combustion". 

» 

These  studies  had  several  important  results:  (1)  re-affirmation  of  the 
need  for  detailed  combustor-exit  measurements;  (2)  development  of  a  workable 
ignition  system  for  the  Mach  6  to  8  range;  (3)  evaluation  of  the  concept  of 
abrupt  area  change  in  combustors  having  an  area  ratio  of  2.  5  for  the  range 
Mach  6  to  9;  (4)  identification  of  conical  geometries  as  having  superior  wall- 

pressure  force  characteristics  to  step  geometries;  (5)  formulation  of  a  final  ^ 

configuration  incorporating  both  a  step  and  conical  geometry  in  an  area  ratio  of 

2.  0,  (6)  extension  of  choking  criteria  from  one-dimensional  flow  to  flow  with 

non-ur'formity  in  Mach  number  and  temperature;  and,  (7)  formulation  of 

appropriate  one-dimensional  equivalent  values  for  non-uniform  streams  with 

severe  variations  in  Mach  number,  composition,  temperature  and  pressure. 
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Analytical  consideration  was  given  to  the  various  sources  of  loss  in 
combustor  performance  as  evident  from  detailed  test  observations  of  the  burner 
exit  flow.  First  among  the  sources  of  loss  was  a  profile  of  fuel/air  ratio.  Since 
most  cycles  require  burning  at  equivalence  ratio  equal  to  1.0,  losses  due  to 
fuel/air  profile  are  most  severe  because  stoichiometric  heat  release  is  a  maximum. 
Rich  streaks  have  unburned  fuel  and  lean  streaks  have  unused  oxygen.  The 
independent  variable  for  the  variation  or  profile  in  fuel/air  ratio  can  be  either 
area  or  time;  and,  because  the  supersonic  combustor  is  basically  a  turbulent 
mixing  process,  the  usual  case  has  losses  from  both  sources.  (The  previously 
mentioned  mixing  calculations  accounted  only  for  spatial  or  area  profile).  Pro¬ 
files  of  temperature  with  area  or  time  are  also  sources  of  loss  in  efficiency.  As 
temperature  increases,  heat  release  becomes  unavailable  due  to  dissociation  at  a 
rate  exponential  with  temperature.  Therefore,  peaks  and  valleys  of  temperature 
produce  different  deviations  from  the  average  dissociation  levels  with  large  net 
positive  losses  in  heat  release.  A  similar  combustor  loss  results  from  the 
heat  transferred  to  the  combustor  wall.  A  further  loss  due  to  freezing  of  the 
composition  in  the  nozzle  expansion  process  is  believed  to  be  properly  attributable 
to  the  combustor  design,  but  is  traditionally  allocated  to  the  exhaust-nozzle. 

The  Arc  Tunnel  Test  Program  was  initiated  at  the  lowest  enthalpy  level  cf 
interest,  Mach  6.  Even  burners  with  normal  fuel  injection  were  found  to  be  unlit 
at  enthalpies  as  high  as  that  for  Mach  7.  5.  As  a  result,  an  experimental  study 
was  made  of  ignition  methods.  Two  appropriate  methods  were  identified.  For  a 
single  fuel  injection  plane,  a  hot-gas  source  was  successfully  employed  which  lit 
the  burner  without  detrimental  effects  upstream  of  the  fuel  injection  station  and, 
hence,  without  danger  of  causing  inlet  unstart.  For  combustors  with  two-stage 
fuel  injection,  it  was  found  that  the  fuel-air  mixture  from  the  upstream  injectors 
could  be  lit  by  normal  injection  from  the  downstream  injection.  In  both  cases,  the 
burner  remained  lit  after  the  ignition  method  was  no  longer  active.  It  was  con¬ 
cluded  that  Mach  6  to  12  flight  test  vehicles  could  easily  be  fired  by  either  of  these 
convenient  methods. 

Initial  configurations  in  the  performance  evaluation  program  were  step  com¬ 
bustors,  that  is,  the  combustor  area  changed  abruptly  from  the  inlet  value  to  the 
exit  value  in  one  plane.  This  method  of  area  change  was  studied  as  the  simplest 
approach  to  the  area-change  design  problem.  Despite  reasonings  to  the  contrary, 
high  step  pressures  were  never  obtained  under  supersonic  conditions.  However, 
this  type  of  combustor  produced  satisfactory  performance  for  flight  at  Mach 
numbers  up  to  8  by  virtue  of  choking  phenomena  (transonic  combustion).  These 
choking  effects  produced  the  high  step  pressures  necessary  for  high  performance. 
Tests  at  high  enthalpies  (representative  of  Mach  3  to  10.  5)  were  conducted  with  a 
wide  variety  of  injector  configurations  and  arrangements  without  success  in 
achieving  high  values  of  step  pressures,  therefore,  this  method  of  area  change  was 
abondoned  in  favor  of  more  subtle  area  variations  for  Mach  6  to  12  combustors. 
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Testi  were  conducted  with  combuatort  having  conical  area  varir'ion  over 
the  entire  length  (10  entrance  diameters  as  in  the  case  of  the  step  combustors). 
These  geometries  were  found  to  have  high  wall  force  and  moderate  efficiency  at 
conditions  simulating  Mach  8  and,  therefore,  adequate  performance  for  a  flight 
vehicle  at  this  Mach  number.  However,  two  serious  drawbacks  were  noted. 

First,  the  geometry  was  found  sensitive  to  fuel  loading  at  low  Mach  conditions. 

A  possible  fix  was  identified  as  staged  fuel  injection.  Second  and  more  important, 
the  efficiency  at  conditionj  simulating  Mach  9  to  10  was  found  to  be  very  low. 

Since  the  mechanism  for  obtaining  high  efficiency  was  felt  to  be  the  use  of  constant 
area  combustors,  this  entirely  conical  geometry  was  abandoned  in  favor  of  a 
more  subtle  area  variation. 

At  the  conclusion  of  the  preliminary  studies  of  conical  and  step  combustors, 
a  combustion  area  variation  was  devised  which  provided  several  important 
characteristics  gleaned  from  the  previous  geometries.  Low  Mach  fuel  loading 
was  to  be  provided  by  fuel  staging.  A  geometry  incorporating  a  short  constant- 
area  section  followed  by  a  small  step  and  a  subsequent  conical  divergence  to 
the  exit  area  was  decided  upon  as  having  all  the  right  characteristics.  The  step 
area  change  provides  a  resistance  to  upstream  propagation  of  disturbances  from 
high  fuel  loadings  at  low-Mach  conditions.  The  constant  area  section  provides 
maximum  pressure  disturbances  for  given  fuel  injection  and  burning,  a  necessary 
situation  if  high-Mach  efficiency  is  to  be  good.  The  over-all  area  ratio  of  20  is 
required  so  that  stoichiometric  fuel  flow  can  be  burned  in  a  choked  combustor  at 
Mach  6  conditions.  Tests  were  conducted  with  such  a  geometry.  At  Mach  6  burning 
to  an  equivalence  ratio  of  0.  7  was  achieved  with  a  single  fuel  injection  stage. 
Measured  performance  was  excellent  over  the  range  of  enthalpies  from  Mach  6  to 
9.  5  and  this  geometry  was  selected  for  use  in  the  design  of  the  flight  test  vehicle. 
Minor  modifications  were  made  to  the  geometry  in  the  vehicle  design  to  provide  a 
longer  constant-area  section  after  first-stage  injection  and,  thereby,  assure  the 
maximum  achievable  high-Mach  performance. 

Choking  phenomena  were  studied  in  analytical  work  which  supported  the 
step-combustor  experiments.  The  usual  one-dimensional  criterion  of  Mach  1.0 
for  choking  was  examined  and  found  to  be  usual  at  real  combustor  exists.  The 
governing  relationship  which  was  selected  was  the  minimum  quantity  of  total 
momentum  for  given  flow  and  total  temperature.  For  one -dimensional  flow,  this 
minimum  level  is  a  characteristic  of  Mach  1.  0  conditions.  Two-part  streams 
were  studied  as  characteristic  of  combustor  exit  conditions,  with  the  unburned 
stream  at  higher  Mach  number  than  the  burned  stream. 

The  streams  were  found  to  be  choked  where  the  sum  of  the  total  momentum 
quantities  was  a  minimum  for  a  given  total  flow  and  mixed  total  temperature. 

When  appropriate  one -dimensional  averages  were  taken  for  the  case  of  equal 
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velocity  (which  was  close  to  the  actual  case  in  the  experiments),  the  average 
Mach  number  was  1, 0  (F,  W,  h^  and  A  correct  quantities,  see  next  paragraph). 

Particular  care  was  taken  in  reducing  the  experimental  data  to  provide 
combustion  efficiency  values  which  would  produce  correct  engine  thrusts  in  the 
one-dimensional  cycle  program.  As  is  well  known  to  those  schooled  in  the  art 
of  non-uniform  flow  thermodynamics,  the  quantities  required  to  be  correct  for 
the  cycle  calculations  must  be  the  total  (integrated)  quantities  used  by  cycle 
program  to  determine  thrust.  In  the  case  of  the  General  Electric  cycle  program, 
these  determining  quantities  for  the  combustor  are:  area  (a).  Flow  (W),  total 
enthalpy  or  energy  (h^),  and  total  momentum  F.  In  the  analysis  of  data,  multi¬ 
stream  techniques  were  employed  and  the  resultant  values  reported  are  those 
in  which  A,  W,  h  and  F  are  implicit.  Hence,  the  reported  values  are  directly 
applicable  to  cyc^e  calculations. 

Combustor  Design  Considerations 

A  final  combustor  design  was  formulated  which  was  very  close  to  the 
step/cone  geometry  tested  in  the  arc  tunnel.  The  nature  of  the  inlet  design,  with 
six  "barrels",  provides  six  "struts"  which  are  believed  to  be  effective  in  main¬ 
taining  efficiency  at  levels  observed  in  testa,  out  to  the  vicinity  of  Mach  12. 

Two  stages  of  fuel  injection  are  provided,  one  at  the  step  area  change  and  one 
three  diameters  upstream  of  the  step  area  change.  Only  the  fuel  injectors  at  the 
step  are  employed  from  Mach  6  to  near  Mach  8  and  both  sets  are  used  to  provide 
a  smooth  transition  up  to  the  point  where  all  fuel  flow  is  to  the  upstream  fuel 
injectors  (at  a  Mach  number  near  9.  5).  All  injectors  are  rows  of  6  sonic  holes 
directed  at  30  degrees  downstream.  Theie  are  eight  equally  spaced  sets  at  the 
upstream  section  in  each  of  the  six  pipes  (48  fuel  injectors)  and  six  equally 
spaced  sets  at  the  downstream  station.  The  combustor  area  ratio  is  2.0.  The 
geometry  is  identical  to  that  of  the  step/cone  geometry  tested  in  the  arc  tuimel 
with  the  exception  of  the  multiple  inlet  pipes. 

Performance  numbers  for  the  selected  configurations  were  derived  for  a 
range  from  Mach  6  to  12.  Heavy  emphasis  was  placed  on  the  experimental  infor¬ 
mation  on  hand.  Wall  force  and  friction  drag  were  taken  in  keeping  with  present 
cycle  assumptions  and  the  projected  efficiency  varied  from  .  85  at  Mach  6  and 
ER  =  1.  0  to  .  90  at  Mach  12  and  ER  =  1.6. 

C.  DATA  AND  RESULTS 

1.  Cold  Flow  Studies 

jT; _ Int  roduction 

The  mixing  of  fuel  and  air  has  been  a  major  feasibility  problem  in 
the  design  of  SCRAMJET  combustors  Experimental  work  at  General  Electric 
on  mixing  of  hydrogen  and  air  in  196  1  -  1963  (Reference  1  and  2  )  demonstrated 
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the  difficulty  of  obtaining  uniform  mixturei  in  abort  lengths.  This  mixing  work 
included  data  on  free-stream  struts,  injection  parallel  to  a  wall,  and  penetrating 
jets.  Mixing  theories  were  also  explored.  The  available  theories  in  the  literature 
were  found  to  be  inadequate  for  handling  the  entire  complex  mixing  problem  ex¬ 
pected  in  SCRAMJET  combustors. 

Test  combustors  for  arc  tunnel  testing  were  constructed  that  utilized 
penetrating  wall  injectors  in  order  to  assure  ignition  and  to  obtain  any  mixing 
benefits  that  accrued.  Penetrating  Jets  provide  a  better  initial  fuel  distribution 
that  downstream  wall  injectors  and  produce  faster  mixing  because  of  the  large 
velocity  difference  and  resulting  shear  gradients  between  the  freestream  and  the 
injected  gas. 

The  present  cold-flow  experimental  program  was  conducted  to  find 
additional  information  on  fuel  injection  penetration  into  supersonic  streams 
sufficient  to  permit  design  of  SCRAMJET  combustors  and  to  correlate  previous 
data.  One  objective  was  to  thoroughly  investigate  the  governing  relationships  of 
penetration  into  a  supersonic  flow  stream  by:  documentation  and  analysis  of  the 
effects  of  test  variables  on  the  penetration  phenomena;  establishing  design  criteria 
for  fuel  injectors;  and  defining  promising  injector  configurations  to  be  further 
evaluated  in  future  closed  duct  arc  tunnel  combustion  tests.  Another  major 
objective  was  to  analyze  the  distinctions  between  normal  injection  and  downstream 
or  partly  downstream  injection  by  defining  the  respective  penetration  characteristics. 

The  experimental  investigation  was  carried  out  using  a  cold  flow  facility 
with  injection  from  a  flat  plate  aligned  in  a  Mach  3.25  wind  tunnel.  Gaseous 
helium-air  mixtures  and  gaseous  nitrogen  were  used  as  the  injection  media. 

Some  of  the  injection  penetration  variables  investigated  were  shape,  size,  aspect 
ratio,  angle  of  the  injector  and  Mach  number,  ratio  of  specific  heats  and  pressure 
of  the  injectant. 

Most  other  investigators  studied  penetration  using  single  round  holes  or 
slot  injectors  stationed  crosswise  with  the  freestream  flow  direction.  Before  this 
program  was  initiated,  combustion  tests  had  been  performed  at  General  Electric 
which  employed  fuel  injectors  of  the  following  general  types:  round  holes,  a  long 
row  of  holes  and  a  supersonic  slot.  Except  for  a  limited  amount  of  single  round 
hole  data  to  confirm  agreement  with  other  investigators,  the  major  emphasis  in 
this  cold  flow  program  was  on  injector  configurations  of  long  rows  of  holes  or  low 
aspect  ratio  injectors.  Although  the  experimental  effort  was  confined  to  initial 
penetration  of  jets  as  distinguished  from  subsequent  mixing,  a  mixing  theory  was 
identified  which  treats  the  mixing  of  the  penetrated  jets. 
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Mixing  theories  available  in  the  literature  was  examined  under 
SCRAMJET  Air  Force  funding  in  1962-63  and  were  found  to  be  inadequate  for 
treating  the  entire  mixing  problem  in  SCRAMJET  combuatora.  However,  a 
heoretical  approach  was  identified  which  handled  the  effects  of  cocurrent  flow, 
ensity,  Mach  number,  combustion  and  static  pressure  gradient.  This  approach 
vas  limited  because  it  treated  only  a  single  shear-generated  mixing  mechanism. 

In  general,  it  could  not  treat  the  effects  of  approach  turbulence,  overlapping 
mixing  zones,  wall  shear,  or  the  effects  of  penetrating  jets.  The  work  in  1964 
on  penetrating  jets  has  led  to  a  quantitative  desciiption  of  the  flow  field  at  the 
injection  station  that  is  amenable  to  treatment  by  a  single  mixing  mechanism 
theory.  This  permitted  extending  the  objectives  of  this  work  to  include  the 
derivation  of  simplified  mixing  expressions,  and  the  application  of  these  equations 
to  the  calculations  of  mixiqg  efficiencies  in  a  combustor,  including  explanations  of 
the  expected  effects  of  combustion  and  static  pressure  gradients. 

The  section  of  this  report  on  Cold  Flow  Studies  contains  a  theoretical 
analysis  of  penetration,  and  a  presentation  of  penetration  data  acquired  from 
Schlieren  photographs.  A  comparison  with  the  penetration  data  of  other  investi¬ 
gators  is  included.  Also  an  extensive  section  on  Schlieren  technique  is  presented 
Finally,  a  mixing  theory  based  on  two-dimensional  wake  theory  is  applied  to  the 
penetrating  jets  with  an  example  calculation  of  mixing  efficiency  for  a  combustion 
configuration. 

b.  Experimental  Techniques 
1)  Test  Facilities 

aj _ Mach  3,  25  Wind  Tunnel 

The  supersonic  wind  tunnel  used  for  th  s  cold  flow 
penetration  investigation  is  shown  in  Figures  1  and  2  .  This  wind  tunnel  was 
designed  for  Mach  3.25  flow  at  the  10"  *  10"  test  section. 

A  schematic  of  the  wind  tunnel  test  section  showing  the 
centerbody  flat-plate  and  injector  inlet  piping  is  shown  in  Figure  2.  Figure  3  is 
a  photograph  of  the  tunnel  throat  and  test  section  with  the  centerbody  flat  plate 
installed.  The  tunnel  has  a  fixed  contoured  throat,  1.  7"  x  10"  designed  for  a 
Mach  number  of  3.25  with  parallel  flow  at  the  test  section.  Air  was  supplied  at 
50  pps  at  130  psia  and  heated  to  150*F  to  prevent  moisture  condensation  in  the 
test  section.  The  air  supply  ^or  the  tunnel  is  tapped  off  the  main  high  pressure 
supply  line  from  test  faciiit',  house  compressors.  Since  there  is  no  suction  or 
return  line  to  the  compressors,  the  tunnel  flow  is  discharged  to  atmosphere 
after  passing  througn  the  tunnel  diffuser. 

b) _ Flat-Plate  Centerbody  and  Injectors 

Gas  injection  was  from  the  surface  of  the  centerbody 
flat-plate  that  spans  the  wind  tunnel  at  the  test  section  windows.  The  centerbody 
was  supported  by  four  bolls  through  the  wind  tunnel  side  walls.  The  injector  gas 
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Figure  1  -  Mach  3.2S  Wind  Tunnel 


A7APL-T»-65-103 


CONFIDENTIAL 


flow  control  valves 


_  Hcated  Am  iNLCT  (150°  F) 


Valve 


/Too  PSIA 
50  LBs/sci  J' 


CCNTFUBOOT 
10"  X  18" 


V 


SHUT  OFF 
VALVES 


HEL I UM 


r  -  ORIFICE 


-  INJECTION  GAS 


^  -  Ware  I  0UTLET7 


VCONTOURED  FOR  MACH 
3.25 

SONIC  THROAT  1.7"  x  10" 


ri(ur«  2  -  Wind  Tunn*l  SctMMtlc. 


CONFIDENTIAL 


AF  APL-TR-65-103 


CONFIDSMTIAL 


was  piped  through  the  wind  tunnel  wall  and  through  a  hole  in  the  centerbody  to  an 
injector  plenum  chamber  below  the  injector  plate.  The  aingle  injecto"  hole 
configurations  or  the  last  hole  in  a  long  row  of  holes  was  located  approximately 
eight  inches  downstream  from  the  lead  edge  of  the  centerbody  flat-plate.  The 
injector  plates  were  readily  interchangeable  by  means  of  four  screws  through 
the  bottom  of  the  centerbody  flat-plate.  Bottled  helium,  nitrogen,  and  a  100  psig 
dry  air  supply  uere  available  for  injection.  The  injector  piping  is  shown  on  the 
schematic  in  Figure  2.  This  injector  piping  facilitated  mixing  of  the  injector 
gases.  During  some  of  the  air  injection  tests,  a  trace  of  helium  was  introduced 
into  the  100  ps  g  dry  air  line  to  form  a  base  for  gas  sampling  measurements  of 
concentration.  Injectants  were  supplied  at  70*F  thus  providing  a  temperature 
difference  between  main  air  and  injector  gas  that  could  be  used  for  detecting 
composition  by  temperature  irc  asurements.  Figures  3  and  4  show  the  centerbody 
flat -plate  installed  in  the  wind  tunnel.  The  centerbody  contained  nine  static 
pressure  taps  and  an  instrumentation  rake.  Both  impact  pressure  and  total  temp¬ 
erature  probes  were  included  in  the  instrumentation  rake.  The  position  of  the 
interchangeable  injector  plates  is  shown  in  Figure  5.  Some  of  the  14  different 
injector  plate  configurations  that  were  tested  are  shown  in  Figure  6.  Two  of  the 
original  injecior  configurations,  the  .  1  inch  diameter  hole  and  the  9-1/32  inch 
diameter  holes  were  modified  in  the  following  order: 

9  -  1/16  inch  diameter  hc.les 

14  -  1/16  inch  diameter  holes 

14  -  holes  with  increasing  diameter  aft 

14  -  .  154  inch  diameter  holes 

Table  I  shows  the  shape  and  dimensions  of  all  the  injector  plate  configurations 
te  stec:. 


2)  Instrumentation 

The  experimental  data  gathered  during  this  investigation  con¬ 
sisted  test  section  flow  conditions,  static  pressure  distributions  on  the  test 
section  walls  and  on  the  centerbody  flat-plate,  injectant  flow  conditions,  and 
penetration  and  concentration  measurements  downstream  of  the  injector  port. 
Penetration  and  concentration  data  consisted  of  Schlieren  photographs,  total 
temperature  and  impact  pressure  measurements,  and  gas  sample  measurements 
of  concentration. 


Static  pressures  were  recorded  by  mercury  manometers  and 
high  pressure  gages  were  used  to  measure  the  wind  tunnel  plenum  pressure  and 
injector  plenum  pressure. 

Copper  Constantan  thermocouples  were  used  to  measure  the 
freestream  temperatur  i  in  the  wmd  tunnel  and  injector  plenum  chambers  These 
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Figure  4  -  Flat  Plate  With  Injector  and  Wake  Rake. 
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Figure  6  -  Injector  Plates. 
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TABLE  1 

INJECTOR  CONF'GURAnONS  TESTED  IN  MACH  3.25  WIND  TUNNEL 
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Holes  1/4"  C 
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3"  Long  Supersonic 
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thermocouples,  connected  to  a  multipoint  acanner  and  recorder,  were  located 
in  the  low  velocity,  low  turbulence  areas  of  their  reapective  plenum  chambers. 

aj _ Wake  Rake  System 

A  stationary  wake  rake  was  located  directly  downstream 
of  the  injector,  approximately  six  inches  downstream  from  the  injector  hole  and 
approximately  fourteen  inches  downstream  from  the  lead  edge  of  the  centerbody 
flat  plate.  Two  different  wake  rakes  were  used  during  this  investigation.  The 
wake  rakes  are  shown  in  Figure  7.  The  first  wake  rake  contained  six  pressure 
probes  and  six  thermocouple  probes;  the  second  contained  an  additional  thermo¬ 
couple  probe.  The  second  wake  rake  was  brought  into  use  when  approximately 
75%  of  the  testing  remained. 

Structural  considerations  were  important  in  the  thermo¬ 
couple  design.  As  shown  in  Figure  7  stainless  steel  tubing  1/16  inch  diameter 
shrouded  the  thermocouples.  The  large  shroud  with  bleed  holes  facilitated 
nearly  true  readings  of  total  temperature.  Without  a  shroud,  bare  thermocouples 
read  the  recovery  temperature  of  the  stream  instead  of  the  total  temperature; 
the  shroud  and  bleed  hole  combination  reduce  the  stream  velocity  to  a  low  subsonic 
value . 


The  impact  pressure  probes  were  made  of  .  040  inch 
outside  diameter  and  .  008-.  010  inch  wall  thickness  stainless  steel  tubing. 
Wiancko  pressure  transducers  with  a  50  psi  range  measured  the  impact 
pressures  from  tht  pressure  probes  and  were  also  recorded  by  the  multipoint 
recorder.  The  tubing  leading  from  the  impact  pressure  probes  could  be  dis¬ 
connected  from  the  pressure  transdurers  and  connected  to  a  vacuum  purged  gas 
sampling  system  which  collected  the  samples  in  bottles.  A  Beckman  GC-ZA  gas 
chromatograph  was  used  to  analyre  the  wake  downstream  of  the  injector  from  the 
samples  drawn  through  the  pressure  probes.  During  initial  checkout  testing,  a 
directly  connected  Gow-Mac  thermal  conductivity  analyrer  was  used,  but  the 
response  time  was  too  slow  to  obtain  all  the  desired  test  data  during  short  test 
runs . 


bj _ Schlieren  Systems 

Figure  8  is  a  schematic  drawing  of  the  Schlieren  system 
that  was  used  for  most  of  the  penetration  measurement  in  this  program.  The 
system  consisted  of  a  100  watt  continuous  arc  light  source,  a  focusing  lens,  a 
rectangular  slit,  two  mirrors,  a  knife  edge,  and  a  speed  graphic  camera. 
Measurements  of  the  outer  boundary  of  the  penetration  jet  were  made  from  the 
Schlieren  photographs  at  approximately  5  inches  downstream  from  the  injector 
hole  and  approximately  13  inches  downstream  from  the  lead  edge  of  the  centerbody 
flat  plate. 
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Other  Schlieren  iyetems  were  u»ed  for  ipecific 
effects  such  as:  a  spark  light  source;  a  distributed  light  Schlieren  system,  and 
a  light  dispersing  prism  for  color  Schlieren.  Figure  9  is  a  schematic  of  the 
distributed  light  Schlieren  system  that  was  used  with  the  100  watt  continuous  arc 
light  source  as  well  as  with  a  spark  light  source. 

3)  Test  Procedures 

Before  this  test  program  was  initiated,  a  calibration  of  the 
wind  tunnel  was  conducted  to  verify  the  flow  conditions  in  the  test  section.  With 
the  ccnterbody  flat  plate  installed  including  the  wake  rake,  impact  pressures 
from  the  Pitot  pressure  probes  were  measures.  From  the  ratio  of  these  impact 
pressures  to  static  pressures  measured  from  tunnel  aide  wall  taps  and  using  the 
Rayleigh-Pitot  equation  as  tabulated  in  Reference  3  ,  the  Mach  number  in  the 

test  section  was  determined.  Two  additional  measurements  of  Mach  number  were 
available  by  assuming  zero  total  pressure  loss  and  ratioing  the  total  pressure  to 
static  pressure  or  ratioing  the  total  pressure  to  the  impact  pressure.  Also,  the 
Mach  number  was  found  from  measurements  of  the  angles  of  the  Mach  lines  on 
Schlieren  photographs  during  conditions  of  no  injector  flow.  The  pressure 
measurements  method  of  calibration  was  within  approximately  *  2%  of  the  design 
value  of  Mach  3  25  for  this  wind  tunnel. 

The  Wiancko  pressure  transducers  were  calibrated  before 
each  test  run  and  it  was  found  that  only  very  minute  adjustments  of  the  recorder 
were  needed  between  runs.  The  injectant  mass  flow  rate  for  each  Injector  con¬ 
figuration  was  calibrated  previous  to  a  test  run  by  measuring  the  pressure  drop 
across  a  standard  ASME  orifice.  Prior  to  a  te  st  run,  the  Schlieren  ystem  was 
aligned  and  focused,  and  a  Speed  Graphic  camera  was  focused  on  the  plane  of 
the  injector  in  the  test  section  Dimensional  calibration  of  the  Schlieren  photo¬ 
graphs  was  established  by  two  static  pressure  lines  where  were  in  view  below  the 
plate;  these  were  two  inches  apart. 
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The  test  conducted  during  this  investigation  w-re  started  by 
establishing  primary  flow  after  a  brief  facility  warm-up  time.  After  the  throat 
of  the  tunnel  was  started  and  supersonic  flow  was  established,  the  recorder 
was  started  and  performed  continuous  scans  of  temperatures  and  pressures. 

At  a  predetermined  injection  pressure,  gas  samples  were  taken,  after  which  a 
full  range  of  injection  pressures  were  Investigated  with  Schlieren  photographs 
taken  at  each  pressure  point. 
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c_. _ Background  Analysis 

Simplified  models  of  the  penetrating  mechanism  together  with  analy¬ 
tical  calculations  based  on  the  proposed  models  are  helpful  in  understanding  the 
governing  relationships  that  are  found  expeTlmentilly .  Appropriate  correlating 
pararrieters  can  also  be  identified  from  these  models.  However,  the  correlating 
pararr.eters  adopted  in  the  available  literature  on  pene'ration  are  not  all  consistent 
with  one  another  and  sometimes  suggest  inappropriate  relationships  between  the 
va  riable . 
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This  section  of  the  report  discusses  the  difficulties  with  the 
available  data  correlations  in  the  liaterature  and  explains  the  reasons  for 
the  correlating  methods  adopted  in  this  report.  Analytical  models  for  the 
penetrating  mechanism  are  discussed  and  a  physical  interpretation  is  given 
for  the  effect  of  the  shape  of  the  injection  hole,  round  versus  low  aspect  ratio, 
and  sonic  versus  supersonic. 

1)  Definition  of  Penetration 

Injecting  fluid  in  a  direction  normal  to  another  flow  aids  the 
spread  of  fluid  across  the  stream.  Experimentally,  this  effect  is  not  always 
easily  separated  from  the  turbulent  mixing  that  occurs  simultaneously  with 
the  normal  penetration. 

Figure  10  is  an  illustrative  sketch  of  a  penetrating  jet.  The 
initially  normal  jet  is  turned  almost  parallel  to  the  freestream  flow.  Even 
though  the  penetration  is  completed,  the  injected  gas  continues  to  spread 
through  the  stream  by  the  process  of  turbulent  mixing.  Actually,  there  may 
also  be  some  continued  penetrating  effect  of  the  initial  jet  momentum  at  all 
downstream  distances.  However,  in  this  experimental  study  of  penetration  into 
supersonic  flow,  the  penetration  phenomena  itself  seemed  to  be  essentially 
completed  in  a  very  short  downstream  distance. 


A  large  body  of  the  literature  on  jets  penetrating  into  super¬ 
sonic  streams  has  not  included  freestream  measurements;  only  wall  static 


pressures  were  measured 
for  thrust-vector  cont* 
measurements  or  direc. 
vector-control,  they  are 
distance.  The  flow  sepa. 
in  these  wall  pressure  m 
Since  these  separations  h 
ratio  hole  patterns  deve' 


Much  of  this  work  was  motivated  by  applications 
exhaust  nozzles.  While  these  wall  pressure 
.'ce  measurements  might  be  adequate  for  thrust- 
:  suitable  for  estimating  the  actual  penetration 
ions  caused  by  normal  injection  and  documented 
lurements  are  of  interest  in  designing  fuel  injectors, 
t  been  found  to  be  of  small  extent  for  the  low  aspect 
*  in  this  program,  no  effort  was  made  to  include 
in  this  report  discussioi.  >.ne  extensive  thrust-vector  control  work.  (Reference 
4  is  a  literature  survey  on  work  for  thrust  vector  control. ). 


To  properly  examine  penetration,  detailed  freestream 
measurements  of  mixing  jft  are  needed.  To  correlate  these  detailed  profile 
measurements,  some  simplification  is  b'  'pful.  The  locus  of  maximum  con¬ 
centration  of  injectant  at  each  downstreai.i  station  is  one  simplified  description 
of  the  penetration.  If  the  injected  flow  were  found  to  be  symmetric  about  this 
locus,  only  an  additional  spreading  parameter  would  be  required  to  completely 
describe  the  jet.  Unfortunately,  symmetry  is  not  very  good  for  many  pene¬ 
trating  jets. 
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Figure  11  indicates  that  the  concentration  of  a  penetrating 
round  sonic  jet  is  noc  symmetrical.  Figure  12  shows  that  with  low  aspect  ratio 
holes,  the  concentration  profile  is  fairly  flat  from  the  plane  of  injection  to  the 
extremity  of  the  jet,  making  the  location  of  a  maximum  concentration  difficult 
to  determine  and,  therefore,  an  inappropriate  criterion. 

Near  a  wall  another  difficulty  occurs.  As  illustrated 
schematically  in  Figure  13  after  the  penetration  is  nearly  complete,  downstream 
mixing  continues  to  spread  the  injected  fluid.  As  the  fluid  mixes  toward  the  wall, 
the  shape  of  the  concentration  curve  becomes  modified  in  such  a  way  as  to  make 
the  peak  concentration  move  toward  the  wall.  This  shift  occurs  because  pure 
air  enters  the  mixing  region  only  from  the  side  away  from  the  wall.  When  this 
peak  reaches  the  wall,  the  penetration  based  on  maximum  concentration  becomes 
zero. 


In  addition  to  shifting  the  peak  concentration  towards  the  wall, 
the  turbulence  levels  near  the  wall  are  modified,  creating  a  variable  non-symmetric 
mixing  field.  Under  these  circumstances,  it  becomes  difficult  to  separate  the 
concept  of  penetratio;:  from  the  turbulent  mixing  phenomena. 
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Walls  are  not  the  only  cause  of  considerable  turbulence  level 
variation.  Wakes  adjacent  to  a  mixing  fuel  jet,  such  as  occur  behind  injection 
spraybars,  create  high  turbulence  level  fields  on  one  side  of  the  injected  flow 
which  result  in  non-symmetrical  mixing  patterns. 

Another  approach  to  penetration  measurements  adopts  the 
outermost  extremity  of  the  injected  fluid  as  the  most  significant  measurements 
to  correlate.  At  distances  far  downstream,  this  technique  suffers  because  it 
primarily  shows  the  effect  of  the  turbulent  mixing. 

In  experiments  with  subsonic  free  streams  where  high  intensity 
turbulence  may  exit  in  the  approach  stream,  the  outer  boundary  of  the  penetration 
becomes  a  function  of  the  approach  turbulence,  greatly  complicating  comparison 
with  other  experiments.  In  general,  supersonic  t\innels  have  very  low  turbulence, 
and,  therefore,  only  the  turbulence  generated  by  the  jet  itself  and  the  wall 
boundary  layer  affect  the  results.  The  Schlieren  pictures  obtained  in  this  study 
showed  that  penetration  is  essentially  completed  in  a  very  short  downstream 
distance,  and  that  beyond  this  distance  the  outer  boundary  propagated  into  the 
freestream  at  a  very  slow  rate,  making  the  outer  boundary  a  reasonable  measure 
of  the  penetration. 
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The  penetration  work  presented  in  this  report  deals  primarily 
with  the  measurement  of  the  outer  extremity  of  the  injected  flow.  This  approach 
was  particularly  convenient  due  to  the  considerable  success  of  obtaining  good 
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(All  Symbols  as  Usco  in  RcrtRCNCt  5) 


Figure  11  -  Jet  Concentration  Profile  (fro*  Reference  S) 
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Schlieren  pictures.  Schlieren  picture*  can  identify  the  high  concentration 
f^radients  near  the  edge  of  the  injected  flow  easier  than  the  more  gradual  changes 
near  the  concentration  peak.  Since  the  supersonic  tunnel  flow  had  a  near>zero 
turbulence  level,  the  edge  of  the  injected  gas  flow  was  also  the  outer  edge  of  the 
turbulent  mixing  sone,  again  making  for  easy  detection  by  Schlieren  technique. 
The  very  small  increase  in  the  distance  to  the  edge  of  the  jet  as  length  was 
increased  assured  that  only  small  effects  of  turbulent  mixing  were  involved. 

Reference  5  correlated  the  true  increase  in  the  distance  to  the 
maximum  concentration  for  round  sonic  jets  and  found  a  very  small  effect  of 
increasing  distance,  The  Schlieren  pictures  in  this  study  show  the  rate  of 
change  with  distance  but  no  attempt  was  made  to  correlate  this  variable.  The 
fairly  flat  concentration  profile  detected  by  gas  sample  measurements  and  temp¬ 
erature  measurements  for  low  aspect  ratio  injectors,  together  with  a  rapid 
decrease  in  concentration  at  the  outer  extremity,  suggests  that  this  outer  edge 
is  an  appropriate  measurement  for  characterizing  penetration. 

The  available  data  in  the  literature  based  on  maximum  con¬ 
centration  determinations  can  be  compared  with  the  data  in  this  report  by 
making  use  of  available  profile  data  to  convert  maximum  concentration  data  to 
outer  edge  correlations. 

2)  Ar.*lvtical  Models 

Simple  models  of  a  penetrating  jet  can  be  postulated  and 
relationships  can  be  calculated  from  these  models.  Many  of  these  simple 
models  have  obvious  limitations.  Figure  14  shows  three  quite  different  models 
that  might  be  investigated. 

A  jet  of  water  into  an  airstream  may  retain  its  cross-sectional 
area  and  shape  for  a  considerable  distance.  The  cross  stream  will  exert  a  force 
on  the  water  jet  similar  to  that  on  a  cylinder.  F  =  Cq  .  .  This  force  accel¬ 
erates  the  water  jet  in  the  direction  of  the  air  stream.*^  A  force  balance 
can  be  expressed  and  a  trajectory  derived. 

The  limitations  of  this  model  are  severe.  It  assumes  that  no 
mixing  takes  place  between  the  jet  and  the  surrounding  air  stream  and  that  the 
jet  cross  section  remains  at  constant  size  and  shape.  This  would  not  be  expected 
with  gas  jets. 


The  second  flow  model  shows  a  gas  jet  which  mixes  with  the 
surrounding  streams  as  it  penetrates.  A  mixing  assumption  is  required;  for 
example,  the  mixing  can  be  assumed  to  be  similar  to  that  which  would  be 
measured  or  found  in  zero  velocity  surroundings;  data  are  available  for  this 
type  of  mixing.  To  set  up  the  force  balance  between  this  jet  and  the  surroundings, 
requires  assumptions  about  the  character  of  the  form  drag.  In  subsonic  free- 
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a)  water  jet  with  constant  cross  section 


■  )  GAS  JET  MIXING  WITH  SURROUNDINGS 


c)  NON-MIXING  GAS  JET  EXPANDING  AND  TURNING  DUE 
TO  PRESSURE  FIELD 


rigur*  14  -  Thr««  Slapls  AnaljrticAl  Modali. 
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stream  flow,  *he  form  drag  on  an  aspirating  jet  ia  probably  unknown,  it  depends 
heavily  on  the  nature  of  the  wake  flow  which  obviously  is  affected  by  the  mixing 
and  aspiration  phenomena.  In  supersonic  flow  where  the  form  drag  is  primarily 
due  to  the  pressure  on  the  front  surface  of  the  jet,  better  drag  estimates  can  be 
made.  The  momentum  transfer  from  the  freestream  to  the  jet  because  of  mixing 
also  enters  into  the  equations. 

In  the  supersonic  flows  studied  in  this  program,  the  jets  are 
bent  over  before  mixing  should  have  reached  the  centerline  of  the  jet.  Mixing 
data  in  the  literature  for  round  holes  indicates  that  the  jet  core  begins  to  be 
aiiected  by  mixing  with  an  equal -density  zero-velocity  surroundings  after  about 
eight  hole  diameters.  While  it  is  unlikely  that  this  relation  will  apply  exactly 
to  high  pressure  sonic  jets,  it  is  of  interest  to  observe  that  at  an  injection 
pressure  for  which  the  injected  density  is  equal  to  that  in  the  M  =  3.  25  flow, 
^j^^plenum  *  0-  ^  f*’*'  helium,  the  measured  penetration  was  found  to  he  five  hole 
diameters  Thus  it  is  seen  that  the  jet  is  turned  before  extensive  degeneration 
of  the  jet  has  occurred  due  to  mixing.  This  observation  justified  the  use  of  a 
penetration  model  that  assumes  zero  mixing. 

The  third  model  is  a  model  which  assumes  zero  mixing  with 
the  freestream  flow  and  ia,  therefore,  more  consistent  with  the  supersonic 
-freestream  flow  regime.  With  zero  mixing,  the  frontal  drag  can  be  equated  to 
the  downstream  momentum  acquired  by  the  turned  jet. 

In  Reference  6  the  flow  blockage  created  by  a  two-dimensional 
slut  across  the  stream  was  set  equal  to  the  flow  area  required  to  pass  the  injected 
gas  after  it  was  turned  iaentropis.ally  downstream  to  the  freestream  static 
pressure.  The  jet  was  assumed  to  cause  a  reaction  in  the  freestream  similar 
to  that  which  would  occur  from  a  forward  facing  step  with  the  same  area. 

Reference  5  again  utilized  the  assumption  of  isentropic 
turning  to  the  freestream  pressure,  and  then  suggested  that  the  freestream 
force  on  the  jet  be  set  equal  to  this  downstream  momentum.  The  penetration 
height  was  determined  by  assuming  that  the  disturbance  in  the  freestream  created 
by  the  jet  involved  a  flow  field  of  constant  shape.  A  quarter  sphere  shape  was 
selected.  The  actual  size  of  this  disturbance  was  determined  from  a  balance 
between  the  freestream  force  on  the  assumed  shape  and  the  downstream  momentum 
acquired  by  the  jet 

The  assumption  of  isentropic  turning  used  in  both  Reference  5 
and  Reference  6  supers' me  models  is  obviously  not  quite  valid;  non-isentropic 
shock  waves  certainly  must  occur  in  the  jet  as  it  is  turned  through  the  90  degree 
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turn.  However,  ve ry  useful  cor relatiorn  were  obtained  in  Reference  2  using 
these  assumptions.  This  model,  however,  fails  to  offer  an  approach  for  deter¬ 
mining  the  difference  between  a  supersonic  injection  point  and  a  sonic  injection 
point,  and  is  not  suitable  for  explaining  the  effects  of  low  aspect  ratio  holes. 

JIJ _ Proposed  Model 

a)  General 

Figure  15  is  the  penetration  model  proposed  in  this 
report  which  leads  to  a  better  understanding  of  supersonic  versus  sonic  holes 
and  other  hole  shape  effects.  In  this  model,  it  is  suggested  that  the  freestream 
force  is  related  to  the  blockage  created  by  the  jet  as  it  expands  to  the  freestream 
pressure  before  turning  in  the  downstream  direction.  This  force  should  equal 
the  acquired  downstream  momentum  of  the  jet  for  normal  injection.  The  pene¬ 
tration  height  is  found  from  this  equality.  The  turn  need  not  be  isentropic,  in 
fact,  the  available  data  seem  to  be  consistent  with  a  downstream  momentum 
roughly  equivalent  to  sonic  flow.  From  a  physical  standpoint,  it  is  not  unreason¬ 
able  to  expect  that  a  jet  expanding  into  a  low  pressure  region  will  develop  shock 
waves  and  expansion  waves  which  could  easily  bring  the  jet  Mach  number  to  unity. 

The  penetration  for  a  given  mass  flow  of  injectant  and 
will  be  greater  if  the  jet  presents  a  lower  blockage  to  the  freestream.  The  jet 
will  penetrate  further  into  the  stream  until  the  blockage  area  is  consistent  with 
the  acquired  downstream  momentum.  The  advantage  of  a  low  aspect  ratio  hole 
is  easily  seen  in  this  model.  It  presents  less  frontal  blockage  width  and  hence 
greater  height  than  a  round  hole.  A  blockage  advantage  of  supersonic  holes  can 
also  be  seen.  A  supersonic  injector  hole  if  good  design  involves  a  lesser  flow 
area  at  the  exit  than  if  the  flow  haa  been  allowed  to  expand  to  the  freestream 
pressure  from  a  sonic  flow  without  the  benefit  of  containing  walls.  The  flow  area 
required  for  an  isentropic  expanaon  in  a  contoured  nozzle  can  be  calculated  from 
the  theoretical  isentropic  flow  equations.  The  flow  area  required  for  a  jet  ex¬ 
panding  to  freestream  from  the  sonic  hole  must  be  determined  from  detailed 
method  of  characteristic  solutions. 

bj _ Supersonic  Injection 

In  order  to  get  an  analytical  estimate  of  the  difference 
in  blockage  between  sonic  and  supersonic  injectors,  detailed  Method-of-Character - 
istics  solutions  were  accomplished  with  an  available  machine  program  (F233E). 
These  calculations  defined  the  jet  shape  that  would  occur  in  %  zero  velocity, 
on-mixing  surroundings.  The  results  showed  a  significantly  greater  flow  area 
for  a  sudden  expansion  than  for  a  contoured  nozzle,  qualitatively  justifying  the 
increased  penetration  that  is  actually  found  for  a  contoured,  paralle'.-flow  nozzle. 

Figure  16  is  a  correlation  of  the  calculated  maximum 
widths  of  expanded  jets.  Calculations  reported  by  NASA  are  also  included.  Both 
axisymmetric  and  two-dimensional  expansions  fell  on  the  same  line.  The  para- 
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meters  that  were  plotted  were  not  derived  theoretically,  but  were  found  empiri¬ 
cally  by  fitting  of  the  data.  However,  these  parameters  have  a  reasonable  form. 
The  axes  represent  the  available  pressure  ratio  for  expansion  and  the  resulting 
increase  in  jet  flow  area.  Results  from  nozxles  with  different  design  Mach 
numbers  were  made  to  fall  on  the  same  curve  by  using  the  correction  show:  in 
Figure  17. 


It  is  interesting  that  a  ratio  of  the  blockage  reduction  of 
a  supersonic  hole  over  a  sonic  hole  is  almost  constant  for  a  configuration  at  high 
injection  pressure  ratios  independent  of  the  exact  pressure  ratio.  For  a  Mach  2 
nozzle  this  correlation  indicates  30%  less  blockage  than  a  sonic  hole.  For  the 
same  Cq,  the  penetration  would  be  expected  to  increase  proportional  to  this 
percentage  change. 


At  very  low  freestream  q's  such  as  occur  in  low 
subsonic  flows,  the  supersonic  jets  may  degenerate  through  shock  waves  and 
mixing  to  the  larger  size  of  sonic  holes  and  the  blockage  of  sonic  and  supersonic 
injectors  may  approach  each  other.  The  available  data  are  consistent  with  this 
hypothesis  but  not  conclusive. 

c)  Low  Aspect  Ratio  Slots 

From  a  fontal  blockage  consideration,  a  two-dimensional 
slot  (long  long  in  the  direction  parallel  to  the  mainstream  flow)  should  penetrate 
further  than  a  round  hole. 

Several  features  of  the  flow  phenomena  can  be  postulated 
to  have  a  possible  modifying  effect  on  the  relations.  The  turned  flow  from  the 
upstream  portion  of  the  jet  must  flow  arotind  the  downstream  portion  creating 
an  effectively  larger  blockage  to  the  flow  than  estimated  from  two-dimensional 
method  of  characteristic  calculations.  The  drag  coefficient  may  increase  on  the 
portion  of  the  jet  furthest  from  the  wall,  limiting  its  penetration.  Also,  as  the 
aspect  ratio  of  an  injector  is  made  less,  its  penetration  becomes  significantly 
affected  by  mixing  with  the  surrounding  gas.  For  the  actual  low  aspect  ratio 
injectors  investigated  in  this  study,  the  slots  were  thin  enought  that  turbulent 
mixing  with  the  surroundings  would  be  expected  to  play  a  part  in  the  penetration 
phenomena. 


With  increasing  injection  pressures,  the  blossoming  jet 
begins  to  approach  the  shape  from  a  round  sonic  hole.  From  the  correlation  in 
Figure  16,  it  is  possible  to  make  a  rough  estimate  of  the  pressure  at  which 
this  should  occur.  When  the  calculated  maximum  width  of  the  expanded  jet  equals 
the  length  of  the  slot,  it  would  be  acting  very  much  like  a  round  hole.  This  occurs 
within  the  range  of  the  experimental  measurements  in  this  study  for  the  case  of 
the  supersonic  slot  with  an  L/D  of  17. 
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By  the  reaaoning  presented  previously  as  for  round 
holes,  the  frontal  blockage  relationship  of  the  expanded  jet  would  suggest  that  a 
supersonic  slot  penetrates  better  than  a  sonic  slot. 

When  penetration  is  affected  by  mixing,  one  might 
expect  different  results  for  different  density  fluids.  Injection  into  quiescent 
medium  shows  different  effects  for  different  density  fluids.  However,  it  is 
possible  in  the  penetration  work  described  here,  that  much  of  the  mixing  that 
occurs  with  the  downstream  portion  of  the  jet  as  it  penetrates  is  with  the  already 
turned  portion  of  the  upstream  part  of  the  jet  and,  therefore,  the  mixing  occurs 
between  equal  density  fluids  and  is  very  similar.  The  experimental  data  do  not 
seem  to  show  any  difference  with  injection  density  other  than  those  accounted 
for  by  the  correlating  parameters  that  were  selected  based  on  aero  mixing  con¬ 
siderations. 


d)  Row  of  Holes 

In  order  to  minimise  tolerance  problems,  simplify 
manufacturing  requirements,  and  to  minimise  friction  loss,  it  might  be  desirable 
to  replace  a  long  slot  with  a  row  of  round  holes.  As  the  jet  from  the  round  hole 
expands  to  the  low  freestream  pressure  the  jets  begin  to  overlap.  Under  this 
circumstance,  the  row  would  logically  act  very  similar  to  a  long  slot. 

e)  Angled  Injection 

It  would  be  expected  that  if  the  direction  of  the  injected 
flow  is  angled  toward  downstream  that  some  of  the  injection  momentum  would 
result  in  thrust  for  the  engine  and  that  the  penetration  distance  might  be  somewhat 
reduced.  According  to  the  adopted  model,  the  downstream  momentum  acquired 
by  the  jet  injected  in  a  direction  normal  to  the  flow,  is  equal  to  its  final  downstream 
momentum.  For  angled  injectors,  it  is  equal  to  the  final  momentum  minus  the 
initial  downstream  momentum.  While  this  momentum  difference  consideration 
should  reduce  the  penetration  of  angled  injectors,  other  features  of  the  jet  increase 
the  penetration  at  high  injection  pressures.  One  feature  is  that  the  injected  flow 
from  s  constant  cross  section  angled  hole  expands  around  the  leading  edge  of  the 
hole  to  supersonic  velocities.  The  flow  also  turns  in  a  direction  more  normal  to 
the  freestream  flow  direction.  Furthermore,  a  round  sonic  hole  injecting  at  less 
than  a  90*  angle  to  the  wall  presents  a  lower  aspect  ratio  shape  to  the  freestream. 
These  features  of  the  flow  tend  to  increase  penetration.  Experimentally,  the  net 
effect  was  to  produce  about  the  same  penetration  with  normal  sonic  holes  or  with 
angled  sonic  holes  flush  with  the  wall. 

4)  Selected  Correlating  Parameter 

Considerations  based  on  the  analytical  model  and  theory  suggest 
that  supersonic  penetration  should  be  related  to  the  dynamic  head,  "q"  or  (P  u^)  of 
the  gases.  The  penetrating  flow  is  turned  parallel  to  the  freestream  flow  by  the 
action  of  forces  at  the  interface  between  the  two  streams.  The  force  due  to  the 
main  stream  is  related  to  the  body  drag. 
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At  Mach  numbers  above  2,  the  coefficient  of  jlrag  for  blunt 
bodies  remains  constant,  so  that  for  a  given  geometry  of  a  blunt 

body  or  a  given  interface  between  two  streams.  The  opposing  due  to  the  injectant 
is  related  to  the  downstream  momentum  which  the  injectant  acquires  in  the  turn. 

The  penetration  is,  therefore,  seen  to  be  related  to  functions 
invrolving  momentum  parameters,  q  or  (  Y  PM^).  Some  penetration  correlations 
reported  in  the  literature  have  utilised  mass  flow  or  velocity  instead  of 
momentum  possibly  because  the  data  involved  did  not  include  injectants  with 
large  density  differences. 

A  long  injection  hole  should  present  less  blockage  thickness 
to  the  freestream.  The  reduced  force  per  unit  height  on  the  interface  permits 
penetration  to  a  greater  height  than  for  a  round  hole.  With  moderate  aspect 
ratio  holes  and  high  injection  pressures,  the  jet  blossoms  out  to  a  shape  approach¬ 
ing  that  of  a  round  hole.  Thus,  only  with  very  long  and  narrow  holes  or  hole 
patterns,  can  significantly  greater  penetration,  thsn  that  for  round  holes,  be 
expected  at  high  injection  pressures. 

The  data  in  this  work  are  plotted  in  terms  of  parameters  that 
illustrate  the  validity  of  momentum  dependence  and  the  aspect  ratio  effect.  The 
following  discussion  explains  the  selection  of  parameters  that  were  compared 
in  this  study. 


Jet  penetration  should  scale  linearly.  Reynolds  nxur.ber  effects 
are  negligible  in  the  penetration  mechanism  if  the  boundary  layers  and  boundary 
layer  separations  are  small  compared  with  the  penetration.  If  the  hole  diameter 
is  doubled  while  the  injectant  pressure  remains  the  same,  the  shape  of  the  jet 
should  remain  exactly  similar;  and  the  jet  should  penetrate  twice  as  far.  In 
comparing  penetration  data  from  different  hole  sizes,  the  penetration  can  be 
made  non-dimensional  by  expressing  it  as  the  number  of  hole  diameters, 
(penetration/D).  Round  sonic  holes  with  different  diameters  should  exhibit 
identical  (penetration/D)  for  the  same  injectant  conditions  of  total  temperature, 
total  pressure,  molecular  weight  and  specific  heat. 

To  correlate  penetration  from  geometrically  dissimilar  jets, 
care  must  be  used  in  defining  the  jet  diameter.  For  the  injectors  used  in  this 
work,  the  penetration  was  made  non-dimensional  by  using  the  effective  hole 
diameter,  Dg*,  which  is  defined  as  the  diameter  of  a  round  sonic  hole  that  will 
pass  the  same  flow  as  the  injector  configuration.  For  the  same  injectant  stag¬ 
nation  conditions,  two  configurations  with  different  injection  hole  designs,  but  the 
same  will  pass  the  same  mass  flow  of  gas.  In  a  combustor  the  fuel  mass 
flow  is  fixed  by  the  mission  and  it  is  desirable  to  select  the  injector  configuration 
having  the  greatest  penetration  for  a  given  mass  flow.  The  configuration  with  the 
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bet'cr  penetrating  shape  will  have  the  greater  (penetration/D^*)  for  the  same 
injectant  conditions  and  mass  flow.  The  ratio  would  not  necessarily  be  greater 
for  the  better  penetrating  shape  if  the  physical  injection  diameter  (which  might 
be  much  larger  for  a  supersonic  hole)  were  used  to  make  penetration  dimension 
less  By  the  scaling  consideration  discussed  in  the  previous  paragraph,  com¬ 
parisons  can  be  made  between  configurations  with  different  D^*.  For  identical 
imectant  conditions  of  total  temperature,  total  pressure,  molecular  weight,  and 
specific  heat  a  better  penetrating  shape  will  exhibit  greater  (penetration/ D  •) 
regardless  of  the  differences  in  flow  area. 


In  these  experiments,  the  total  pressure  of  the  injectant, 

P  ,  was  a  basic  test  variable.  This  parameter  can  be  made  nondimensional 
by  dividing  it  by  a  pressure  in  the  freestream.  Since  the  Mach  number  of  the 
freestream  was  not  a  variable,  the  data  will  correlate  in  the  same  manner  with 
either  static  or  total  freestream  pressures.  The  total  pressure,  (P  ),  was 
selected  because  it  is  a  primary  measurement  in  the  testing. 


It  was  proposed  to  correlate  the  non-dimensional  penetration 
by  one  of  two  parameters:  the  mass  flax  of  the  jet,  P  U,  or  the  momentum 
flux  P  .  Us  ing  the  well-kn  .wr.  definition  of  Mach  number 


M  = 


U 

a 


anj  the  perfect  gas  relations 

P  =  P  R„T/M 
a  =  /y  g  RoT/m““ 

T(/T  =  1  t  — 

Pt/P  ^  (T^/T) 


the  proposed  parameters  may  be  expre-,s*’d  as 


PjM  / 


v_gni_ 
Ro  T, 


c  U 


1  + 


Y  -1 


M 


Y  +1 


1) 


(2) 
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At  long  tt  the  total  preaiure  is  su/ficient  to  choke  the  throat 
of  the  jet,  the  Mach  number  is  determined  by  the  jet  geometry,  and  is  independ¬ 
ent  of  the  total  pressure  and  temperature.  Both  parameters  are  thus  proportional 
to  the  total  pressure  of  the  jet.  The  mass  flux,  P  U,  is  a  function  of  the  temp¬ 
erature  and  molecular  weight  of  the  injectant,  whereas,  the  momentum  flux. 
p  U^/g,  is  independent  of  these  properties. 

Theoretical  considerations  predict  that,  of  the  two  proposed 
correlating  parameters,  the  momentum  flux  should  be  superior.  When  two 
supersonic  perfect-gas  flows  collide  obliquely,  the  trajectory  of  the  boundary 
streamline  is  determined  by  the  Mach  numbers,  static  pressures,  and  the 
specific  heat  ratio  existing  locally  in  the  two  flows.  The  static  pressure  is, 
in  turn,  a  function  of  the  local  Mach  number  and  the  total  pressure  and  specific 
heat  of  each  flow.  The  solution  is  independent  of  the  molecular  weights  and  total 
temperatures  of  the  flows.  Since  the  trajectory  of  the  bounding  streamline 
determines  penetration  of  one  flow  into  the  other,  the  correct  correlating  para¬ 
meter  for  penetration  should  also  be  independent  of  molecular  weight  and  total 
temperature.  The  momentum  flux  is  independent  of  these  properties,  whereas, 
the  mass  flux  is  not. 

The  superiority  of  the  momentum  flux  as  a  correlating  parameter 
was  demonstrated  experimentally  by  comparing  the  penetration  of  jets  of  helium 
and  air  injected  through  the  same  nozzle  at  the  same  total  pressure  and  temperature. 
With  these  two  gases  there  is  a  slight  but  complex  modification  of  the  Mach  number 
field  due  to  the  difference  in  specific  heat  ratio,  gamma.  The  net  effect  of  the 
differences  in  gamma  and  molecular  weight  at  the  injection  point  is  to  make  p 
larger  by  a  factor  of  1.  22  for  the  helium,  but  the  max  flux  (  0  U)  is  lower  by  a 
factor  of  2.  5.  Thus,  if  mass  flux  were  an  adequate  correlating  criterion,  the 
penetration  of  helium  would  be  much  less  than  that  of  air  at  the  same  injection 
pressure.  Consistency  with  the  (  p  U^)  criteria  is  established  if  the  experi¬ 
mental  data  show  nearly  eqvzl  penetration  for  the  two  jets;  nearly  equal  pene¬ 
tration  was  acutally  found  experimentally. 

In  t^is  report,  penetration  is  represented  by  the  symbol  Z 
and  the  term  (Z/Dg*)  is  plotted  against  the  ratio  of  the  jet  total  pressure  to 
the  freestream  total  pressure  Pj/P  •  ,  This  method  of  plotting  was  adopted  to 

illustrate  an  approximate  straight  line  relationship.  A  straight  line  through  the 
origin  in  such  a  plot  is  consistent  with  penetration  being  proportional  to  the 
square  root  of  momentum  as  illustrated  in  the  following  equations; 
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VDe* 


Cl  Pjet  =  C2 


(4^ 


Critical  insight  into  the  effects  of  the  various  properties  affecting  penetration 
can  be  gained  by  expanding  this  correlation.  Using  the  previously  derived 
expression  for  the  momentum  flux  of  a  perfect  gas,  the  correlating  equation 
may  be  written 


(—) 


_ Eiet—M: 


±  m2)  -r_ 

/  Y  .1 


^  2 

Noting  that  A*  =  —  (D^*)  ,  the  absolute  penetration  may  be  expressed  as 


C,  Y  A*  M- 


The  equation  for  the  flow  through  a  sonic  orifice  is 


/Y  gm 
Pjet  A*/  RoTt 
Y  -1  N  Y  41 


2  2(Y-1) 


The  product  A*  may  be  eliminated  between  the  last  two  equations,  producing 


C,  Y  w,  M 


Y  gm 


Y  ^-1 

(1_)  2IV  -II 
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Inapection  of  this  last  equation  reveala  that,  for  a  given 
nozzle  geometry,  injectant  and  injectant  flow  and  temperature,  the  penetration 
ia  independent  of  the  injection  preaaure,  aa  long  aa  the  preaaure  ia  aufficiently 
high  to  make  the  Mach  number  a  function  of  nozzle  geometry  only.  For  a  fixed 
fuel  flow,  the  aame  penetration  ia  attained  by  injecting  at  low  preaaure  through 
large  holes  aa  would  be  attained  by  uaing  high  injection  preaaurea.  The  equation 
alao  ahowa  that  the  penetration  ia  proportional  to  the  fourth  root  of  the  fuel 
temperature:  heating  the  fuel  from  500*R  to  2000*R  will  produce  a  41%  increaae 
in  penetration. 

51  Other  Empirical  Correlating  Parametera 

Correlating  parametera  and  methoda  are  aometimea  aelected 
incorrectly  or  at  leaat  arbitrarily.  Frequently  a  proper  relation  ia  not 
identifiable  from  either  the  available  data  or  from  analytical  modela  or  reaaon- 
ing.  Difficultiea  with  aorne  of  the  individual  correlating  parametera  that  have 
been  uaed  in  the  literature  are  diacuaaed  in  the  paragrapha  that  follow. 


al  Downatream  Length 

There  ahoiild  be  aome  effect  on  the  penetration 
meaaured  depending  on  the  downatream  diatance  at  which  the  meaaurement  ia 
made.  X/D  expreaaea  thia  diatance  in  dimenaionleaa  form.  In  correlating 
data,  the  ^fec^v^  downatream  diatance  haa  been  repreaented  aa  a  power  of  thia 
function  VoT}  •  However,  it  aeema  more  conaiatent  with  the  phyaical 
phenomena,  wmch  involve  an  initial  penetration  followed  by  downatream  mixing 
aa  illuatrated  in  Figure  2,  to  uae  a  term  of  the  form: 


initial 


Alternatively,  a  virtual  origin-upatream  of  the  actual  injection  point  may  alao 
be  uaed: 


D  V  D  / 


The  available  data  do  not  aeem  adequate  for  determing  the  moat  appropriate 
function;  partly  because  of  the  very  small  change  with  distance  that  is  observed 
with  supersonic  flows.  It  is  suspected  that  basic  differences  may  exist  in  the 
length  effect  between  supersonic  and  subsonic  flows.  In  subsonic  freestream 
flows,  the  injection  momentum  of  the  jet  creates  a  secondary  flow  field  in  the 
mainstream,  which  ia  quite  different  from  flow  that  results  from  the  shock  waves 
in  a  supersonic  stream.  In  general,  the  available  correlations  for  subsonic  flow 
show  a  greater  effect  of  (X/D),  than  the  correlations  for  supersonic  freestream 
flows. 
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d)  Inlection  Rate 

One  of  the  most  significant  test  variables  is  the  injection 
flow  rate  or  pressure.  For  subsonic  injection  flows,  this  variable  can  also  be 
expressed  as  injection  velocity.  In  high  pressure  injection  from  sonic  holes; 
the  density  of  the  injected  gas  is  the  variable.  Data  are  frequently  correlated 
by  terms  which  include  both  the  density  and  the  velocity.  In  some  experiments, 
the  correlating  parameter  has  been  determined  from  data  which  did  not  include 
independent  variations  of  density  and  velocity,  resulting  in  the  selection  of  a 
parameter  that  was  inappropriate  for  their  independent  variation.  The  work  in 
this  study  investigated  both  density  and  velo  Mty  effects.  This  was  done  by  vary¬ 
ing  injection  pressure  and  molecular  weight  of  the  injectant. 

One  correlation  was  found  in  the  literature  in  which 
the  injectant  velocity  was  varied  and  seemed  to  be  proportional  to  the  pene¬ 
tration  that  resulted.  However,  instead  of  plotting  the  results  vs.  velocity  or 
a  specific  experimental  variable  such  as  injection  pressure  or  injected  flow, 
the  results  were  plotted  as  a  function  of  P  U.  This  plot  inferred  an  experimental 
result  that  was  not  supported  by  the  experiments;  it  suggested  that  penetration 
was  proportional  to  P  U  for  either  density  or  velocity  variations.  The  relations 
found  by  other  investigators  who  varied  both  density  and  velocity  showed  that 
penetration  was  made  nearly  proporational  to  the  square  root  of  p  U^. 

Another  penetration  study  concluded  that  the  temperature 
of  the  injectant  was  unimportant  (Reference  7  ).  While  it  is  true  that  Z/D  was 

found  to  be  proportional  to  the  square  root  of  P  independent  of  temperature, 
the  diameter  of  the  hole  required  to  pass  a  given  mass  flow  is  greater  for  the 
higher  temperature  gas;  hence,  the  over-all  penetration  was  greater.  Another 
example  of  a  misleading  implication  of  the  (Z/O)  parameter  is  discussed  in  the 
section  below  on  Mach  number. 

While  considerable  analytical  justification  has  been  used 
to  support  the  selection  of  the  term  P  U^,  it  can  also  be  argued  that  the  impulse 
function  is  appropriate.  It  is  not  certain  that  the  existing  data  are  adequate  to 
confirm  advantages  for  the  impulse  function.  In  this  work  (  P  U^)*  at  the  sonic 
throat  was  used.  The  relative  comparisons  between  sonic  and  supersonic  holes 
does  not  change  when  impulse  function  at  ihe  throat  is  used.  However,  con¬ 
ditions  at  the  injector  exit  were  used  to  correlate  injection  at  greater  than  design 
pressure  ratio,  the  impulse  function  is  better  than  P  U  because  impulse  is  a 
continuously  increasing  function  of  Mach  number  at  constant  total  pressure.  The 
proposed  model  qualitatively  relates  the  increased  penetration  of  supersonic  holes 
to  the  reduced  flow  blockage,  instead  of  to  the  increased  impulse  function. 

ej _ Mach  Number 

The  Mach  number  of  the  flows  can  also  be  used  in 
correlating  the  data.  Reference  7  found  the  following  correlating  expression: 
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The  effect  found  for  the  injector  Mach  number  was 
made  dimensionless  by  ratioing  it  to  the  freestream  Mach  number.  However, 
the  freestream  Mach  number  was  not  a  variable  in  the  experiment.  Other 
evidence  indicates  that  it  was  improper  to  ascribe  this  effect  to  the  freestream 
Mach  number. 

It  is  interesting  to  notice  that  the  correlation  predicts 
a  decrease  in  Z/D  with  an  increase  in  the  design  Mach  number  of  the  injector. 
The  penetration  itself  actually  increases  with  increasing  injection  Mach  number 
for  a  given  mass  flow  of  injectant  in  the  above  correlation  although  that  is  not 
obvious  from  the  parameters  used  in  the  correlation.  The  Z/D  term  decreases 
because  the  diameter  of  the  injector  increases  with  Mach  number  for  a  given 
massflow.  In  this  study,  this  difficulty  was  avoided  by  ratioing  the  penetration 
to  the  diameter  of  the  sonic  throat,  D*.  In  the  usual  combustor  problem,  the 
fuel  massflow  to  the  injector  is  the  important  given  quantity;  therefore,  it  is 
desirable  that  the  correlating  equation  indicate  whether  injector  modifications 
increase  or  decrease  the  penetration  for  a  given  nrtassflow  of  injectant.  It  is 
not  of  much  interest  to  know  how  penetration  changes  in  terms  of  D  as  the 
design  Mach  number  changes.  For  injectors  with  the  same  D*  and  injection 
pressure,  the  mass  flow  will  be  the  same,  independent  of  the  supersonic  con¬ 
tour  of  the  injector.  The  correlation,  therefore,  becomes  more  closely 
related  to  the  combustor  problem  of  interest  when  the  penetration  is  ratiocd 
to  D*  rather  than  O. 

The  effect  of  injectioi.  Mach  number  on  penetration 
is  explained  in  this  present  study  as  an  effect  of  the  frontal  blockage  of  the 
resulting  jet. 

d^ _ Discussion  and  Test  Results 


Methods  of  Penetration  Measurements 


aj _ Measurement  Criterion 

During  this  investigation,  injector  penetration  was 
determined  by  three  methods:  temperature  measurements,  gas  samples,  and 
Schlieren  photographs.  Figure  12  shows  a  drawing  of  the  idealized  penetration. 
Penetration  distance  was  identified  from  temperature  and  gas  sample  concen¬ 
tration  profiles  obtained  by  measuring  the  height  above  the  flat  plate  where  the 
concentration  had  fallen  off  to  within  10-20  percent  of  the  maximum  concentration. 
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Penetration  measurements  using  Schlieren  photographs  were  made  by 
measuring  the  height  above  the  flat  plate  to  the  line  of  the  outer  boundary  of 
the  penetrating  jet  .  Schlieren  photographs  identify  the  shape  of  the  edge  of 
the  mixing  region  in  the  main  flow  direction,  while  the  temperature  and  gas 
sample  measurements  identify  the  profile  at  a  single  downstream  location. 

The  three  methods  were  cmsistent  in  identifying  the  position  of  the  outer 
boundary  of  the  penetrating  jet;  although  the  tempezature  difference  measure¬ 
ments  indicated  richer  concentrations  of  injected  gas  than  did  the  gas  samples. 
The  agreement  of  identification  of  the  outer  boundary  of  the  penetrating  jet  is 
shown  in  Figures  18,  19  and  20.  The  line  for  temperature  measurements  denotes 
the  range  where  the  concentration  had  fallen  off  to  within  10-20  percent  of  the 
maximum  or  peak  concentration.  Approximately  5  to  6  inches  downstream  of 
the  injector,  both  Schlieren  photographs  and  gas  samples  indicated  a  fairly 
uniform  concentration  of  injectant  from  the  wall  to  almost  the  outer  boundary 
of  the  penetrating  jet.  From  Schlieren  photographs,  the  penetrating  jet  was 
found  to  accomplish  most  of  its  penetration  in  a  very  short  downstream  distance. 
The  accomplishment  of  penetration  in  a  very  short  distance  simplified  analytical 
models  for  penetration  by  eliminating  the  need  to  consider  mixing  between  the 
two  streams  in  postulating  the  penetration  mechanism.  Also  measurements  of 
penetration  were  simplified  because  a  measurement  at  only  one  downstream 
location  provided  a  reasonable  indication  of  the  extent  of  penetration.  The  uni¬ 
formity  from  the  wall,  and  the  rapid  completion  of  penetration  suggests  that  the 
outer  extremity  of  the  jet  provides  a  good  characteristic  dimension  of  penetration; 
the  measurement  of  this  edge  was,  therefore,  used  extensively  in  the  work  for 
correlation  of  the  data. 

b)  Temperature  Measurements 

Total  enthalpy  per  pound  mixes  in  free  turbulent  flow 
by  the  same  mechanism  as  the  mass  flow.  Hence,  it  is  possible  to  calculate 
local  composition  from  local  total  enthalpy  measurements.  In  low  Mach  number 
uniform  temperature  flow,  the  total  enthalpy  or  composition  can  be  determined 
from  a  thermocouple  immersed  in  the  stream.  For  supersonk;  flow,  a  bare 
thermocouple  measures  recovery  temperature.  To  get  a  nearly  true  reading  of 
total  temperature,  a  shroud  is  placed  around  the  thermocouple  so  that  a  low  Mach 
number  flow  passes  the  bead.  In  a  stream  which  varies  with  time,  thermocouples 
do  not  provide  a  mass  average  temperature;  the  averaging  process  is  affected  by 
heat  transfer  rates  to  the  thermocouple.  However,  at  the  oucset  of  this  investi¬ 
gation,  it  was  expected  that  this  error  would  be  small  and  that  temperature  pro¬ 
files  would  be  a  good  indication  of  composition  profiles. 

c)  Gas  Sample  Measurements 

To  study  the  mixing  of  the  injectant  and  the  primary  flow, 
a  profile  of  the  concentration  was  produced  from  the  analysis  of  gas  samples 
drawn  at  a  single  downstream  location.  As  mentioned  earlier,  the  temperature 
measurements  indicated  a  richer  concentration  of  the  injected  gas  than  did  the 
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gas  samples.  In  a  series  of  tests  to  attempt  to  discover  these  differences 
between  gas  samples  and  temperature  measurements,  a  number  of  modifications 
were  performed  on  the  total  temperature  probes  and  on  the  gas  sampling  pro¬ 
cedure.  No  significant  differences  in  the  original  measurements  of  composition 
by  each  method  were  detected.  Considering  the  difficulties  of  measurements  of 
frcestream  temperature,  and  the  difficulties  in  agreement  of  concentration  pro¬ 
files,  it  was  decided  to  place  reliance  on  Schlieren  photographs  to  document  the 
penetration  of  the  injectant  gases.  Because  of  the  good  Schlieren  techniques 
that  were  developed  during  this  program,  providing  very  rapid  data  gathering, 
efforts  to  improve  the  other  techniques  were  discontinued. 

d) _ Schlieren  Measurements 

Schlieren  photographs  were  obtained  to  document  the 
penetration  and  mixing  and  also  to  develop  techniques  suitable  for  use  in  com¬ 
bustion  tests.  The  windows  for  combustion  testing  in  the  arc  tunnel  combustion 
facility  are  detrimental  to  conventional  Schlieren  systems.  A  method  using  a 
distributed  light  source  which  overcomes  the  window  problem  was,  therefore, 
investigated  in  this  testing  program,  in  addition  to  the  more  conventional 
Schlieren  techniques. 


Figures  21  and  22  are  some  of  the  first  Schlieren 
photographs  obtained.  The  instrumentation  rake  is  seen  at  the  right  of  the 
picture.  Straight  Mach  lines  are  seen  throughout  the  flow  field  at  an  angle 
consistent  with  Mach  3.  25  flow.  The  jet  orifice  is  just  to  the  left  of  the  picture. 

The  strong  curved  line  is  the  interaction  shock  in  the  main  airstream  caused 
by  the  jet.  The  edge  of  the  penetration  is  a  dark  region  a  short  distance  above 
and  parallel  to  the  boundary  layer.  The  photograph  in  Figure  21  was  taken  with 
the  Schlieren  system  of  Figure  8  with  the  knife  edge  in  the  horizontal  position. 

In  this  position,  the  density  gradients  perpendicular  to  the  horizontal  were 
emphasized,  and  horizontal  gradients  did  not  appear.  Light  passing  through  the 
test  section  was  bent  toward  the  high  density  region  .  The  knife  edge  cut  off  the 
light  that  was  bent  downward.  The  boundary  layer  was  at  a  higher  temperature 
than  freestream  and  bent  the  light  upward  toward  the  higher  density  freestream 
and  over  the  knife  edge,  showing  ai>  white  in  the  photogaph.  The  light  passing 
through  the  shock  wave  was  bent  down  toward  the  higher  density  region  downstream 
of  the  shock;  and  was  cut  off  by  the  knife  edge,  appearing  black  on  the  film.  The 
shocks  at  the  bottom  of  the  picture  appear  white  by  the  same  physical  process. 

The  jet  itself  was  at  a  slightly  lower  total  temperature  than  the  freestream,  but 
local  Mach  number  was  probably  a  more  significant  factor  affecting  the  density. 

Figure  23  is  an  enlargement  of  Figure  21  which  sVuws 
the  shock  waves  on  the  front  of  each  probe  and  also  the  waves  created  ’>/  the 
thermocouple  bleed  holes.  The  holes  themselves  can  also  be  seen. 
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Figure  21  -  Initial  Schlleren  Photograph. 
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Figure  23 


Shock  Waves  on  Instrumentation  Wake. 
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Figure  24  ehowe  the  tame  flow  phenomena  aa  in 
Figure  21  with  the  knife  edge  turned  90*  to  emphasize  the  horizontal  density 
gradients.  The  boundary  layer  had  gradients  primarily  in  the  vertical  direction, 
and  is.  therefore,  not  as  pronounced  as  in  the  first  photograph.  The  jet  and  shock 
wave  show  up  dark,  consistent  with  the  density  increasing  in  a  downstream 
direction.  The  jet  flow  Mach  number  was  low  after  the  interaction  phenomena 
at  the  injection  point,  perhaps  subsonic.  As  the  injected  gas  went  downstream, 

Its  Mach  number  increased  and  hence,  its  density  increased. 

In  addition  to  providing  an  indication  of  the  jet  path, 
these  photographs  also  verify  that  the  tunnel  was  started,  both  top  and  bottom, 
and  that  the  probe  was  not  creating  separations  in  the  flow. 

One  very  disturbing  feature  in  both  Figures  21  and 
23  is  the  presence  of  unexplained  light  intensity  variations,  the  dark  region  in 
the  upper  right  hand  corner,  for  example.  It  was  noticed  that  there  was  some 
vibration  of  the  Schlieren  components.  It  was  postulated  that  the  amount  of 
light  passing  over  the  knife  edge  was  changing  due  to  vibration  as  the  focal 
plane  shutter  in  the  camera  moved  across  the  film.  To  establish  if  this  were  so 
and  to  eliminate  its  possible  effect  on  the  position  of  the  jet  boundary,  the 
camera  was  turned  90*. 


Figure  24  is  one  example  of  the  vibration  effect 
detected,  this  was  with  a  particularly  severe  vibration.  It  is  not  believed  that 
variation  of  intensity  of  the  D.  C.  light  source  contributed  to  this  phenomena  since 
attempts  to  reduce  vibration  with  rubber  mounts  substantially  eliminated  the 
problem  in  subsequent  photographs.  The  next  Schlieren  photograph,  after 
identifying  the  vibration  problem,  was  taken  using  a  spark  (3  micro-second) 
light  source.  Vibrations  did  not  change  the  knife  euge  position  significantly 
during  the  3  micro-second  exposure. 

.  Figure  25  is  one  photograph  obtained  with  spark 

Schlieren.  In  these  photographs  the  view  was  moved  upstream  to  show  the 
injection  point  region.  The  shock  wave  is  much  sharper  than  in  the  longer  time 
exposures.  Near  the  injection  point  two  separate  shocks  are  seen  apparently 
crossing.  This  is  partly  a  three-dimensional  effect;  the  waves  do  not  really  cross 
through  one  another.  The  most  upstream  wave  is  the  interaction  shock  from  the 
boi  ndary  layer  separation  upstream  of  the  jet.  The  jet  itself  is  not  visible.  The 
mottled  eflect  may  be  caused  by  imperfect  windows  or  side  wall  boundary  layers 
One  prominent  feature  of  the  injected  jet  should  be  its  interaction  shockwave. 

In  this  photograph,  the  wave  should  appear  white  and  was,  therefore,  masked  by 
the  already  white  boundary  layer. 

Schlieren  photographs  are  frequently  taken  with  half  of 
•he  direct  light  passing  over  the  knife  edge.  This  causes  deflections  in  one 
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Figure  25  -  Spark  Schlleren  Photograph 
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direction  to  appear  as  dark  regions  and  deflections  in  the  other  direction  to 
appear  bright.  However,  the  sensitivity  of  the  method  is  increased  if  all  of 
the  direct  light  is  blocked  by  the  knife  edge.  Figure  26  is  a  Schlieren  photo¬ 
graph  with  full  cut  off.  The  injection  pressure  was  higher  than  in  Figure  25 
bringing  the  interaction  shock  in  the  jet  well  out  beyond  the  boundary  layer. 

The  edge  of  the  separated  boundary  layer  ahead  of  the  jet  can  also  be  seen.  Of 
special  interest  is  the  very  close  similarity  of  Figure  26  to  Figure  27 
(Reference  9  ,  Figure  17);  a  spark  shadowgraph  with  a  total  presaure  ratio, 

jet  to  freestream  of  13.9. 

To  avoid  the  effect  of  window  imperfections  and 
boundary  layers  a  distributed  light  source  was  employed.  Figure  9  is  a 
schematic  of  the  light  path.  With  thio  method,  the  imperfections  on  the  windows 
were  out  of  focus  and  did  not  appear  in  the  photograph.  Figures  28  and  29  are 
photographs  using  the  distributed  spark  source.  The  turbulent  nature  of  the  jet 
region  was  illustrated  and  the  edge  of  the  jet  was  definite.  Figure  30  was 
t;>ken  at  the  same  conditions  as  Figure  28  except  that  the  spark  light  was  re¬ 
placed  by  a  continuous  light  source.  This  test  was  run  with  the  supersonic  slot 
and  with  helium  as  the  injected  gas.  No  interaction  shock  is  visible  in  the  jet 
because  the  density  of  helium  is  low  compared  to  air.  Figure  31  was  taken  with 
nitrogen  injection  at  a  pressure  identical  to  that  of  Figure  30.  The  jet  interaction 
shock  was  visible  here,  but  'he  flow  boundaries  are  not  shown  clearly. 

r  •; 

Another  method  of  showing  the  jet  flow  more  clearly  ^  , 

involved  a  time  exposure  with  all  of  the  direct  light  blocked  out.  Theoreti¬ 
cally,  the  exposure  of  the  deflected  light  can  be  increased  to  any  desired  level.  | 

However,  stray  light  from  partly  unidentified  sources  limit  the  sensitivity  of 
this  method.  To  avoid  the  horizontal-vertical  emphasis  the  light  source  and  the 
light  cutoff  were  made  round,  thus  deflections  in  all  directions  appeared  white  on 
the  film.  Figure  32  is  a  photograph  taken  with  a  round  light  source  and  a  spot 
cut  off.  The  faintly  exposed  region  just  above  the  boundary  layer  is  the  penetration 
region.  The  strong  triangle  shaped  wave  over  the  injection  point  at  the  left  is 
the  interaction  shock  wave  in  the  jet  gas.  The  light  specks  in  the  background  are 
from  nicks  in  the  tunnel  windows.  Figure  33  is  a  photograph  with  helium  injection 
and  is  presented  in  the  contrast  to  Figure  32  (air  injection).  The  density  of  helium 
IS  so  low  that  the  interaction  shock  in  the  helium  was  not  usually  visible.  The 
drnnity  gradients  that  show  up  are  gradients  in  the  air  or  gradients  of  air  con¬ 
centration.  The  density  differences  in  the  mixing  region  are  greater  with  helium 
injection  than  with  air  injection;  this  allows  the  mixing  region  to  be  more  easily 
photographed. 


I 

I 
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Spot  Sclilieren  with  helium  injection  provided  the  most 
sensitive  indication  of  a  boundary  of  all  the  methods  attempted.  If  all  the 
indirect  light  is  blocked  out,  the  gradient  regions  will  have  the  least  exposure, 
but  this  method  is  not  as  sensitive  to  the  time  varying  gradients  involved  in 
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Figure  26  -  Full  Light  Cut-Off 
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Figure  28  -  Turbulent  Mixing  of  Helium  Using 
Distributed  Spark  Light  Sourc«. 
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turbulent  mixing. 

Color  photographs  were  alio  obtained  that  not  only 
identify  the  regiona  of  gradient!,  but  also  provide  qualitative  indications  of  the 
degree  cf  light  bending  that  occurred  and  the  direction.  The  white  light  just  up¬ 
stream  of  the  knife  edge  was  se>.«rated  into  color  components  by  prisms.  The 
color  of  the  light  passing  by  the  kr^fe  edge  or  edges  was  different,  depending  on 
the  bending  that  occurred  in  the  test  plane.  It  is  interesting  that  maximum 
color  sensitivity  was  obtained  when  the  knife  edges  were  not  located  exactly  at 
the  light  focal  points. 

Figure  34  is  a  close-up  of  the  injection  region  for 
Configuration  5  In  this  photograph  some  interesting  details  of  the  jet 
structure  are  visible.  The  shocks  in  the  jet  originate  at  the  apex  of  the  Vs 
at  the  region  where  two  adjacent  jets  expand  and  meet  each  other.  The  indivi¬ 
dual  jets  remain  unaffected  by  the  freestream  flow  until  they  are  affected  by  the 
interaction  shock  wave.  Clearly,  the  downstream  jets  penetrate  further  than  the 
upstream  jets  before  being  turned  by  the  pressure  field. 

Another  interesting  feature  of  a  jet  is  illustrated  in 
Figure  3  5.  The  photograph  is  of  the  sonic  slot  (Configuration  6  )  with  no 

freestream  flow.  The  fine  shadows  in  the  early  part  of  the  jet  are  from  file 
marks  in  the  throat  region.  More  interesting  is  the  three  part  structure  in  the 
upper  portion  of  the  jet.  This  interesting  structure  is  believed  to  develop  from 
the  expansion  and  compression  waves  frorh  the  front  and  back  of  the  jet. 

2)  Presentation  of  Data 


aj _ Methods  of  Presentation 

As  mentioned  earlier  in  this  report,  the  objectives 
were  to  thoroughly  investigate  the  governing  relationships  of  penetration  by; 
documenting  the  effects  of  test  variables  on  the  penetration-phenomena,  and 
establishing  design  criterion  for  fuel  injectors.  Before  this  investigation  was 
initiated,  combustion  tests  had  been  performed  which  employed  fuel  injectors  of 
the  following  general  types;  round  holes,  a  long  row  of  holes  and  a  supersonic 
slot  (Reference  I  ). 

Except  for  a  limited  amount  of  single  round  hole  data 
'o  confirm  agreement  with  other  investigators,  *he  major  emphasis  in  this  teit 
program  was  on  injector  configurations  of  long  rows  or  low  aspect  ratio  injectors. 

In  the  following  section,  the  square  of  the  ratio  of 
SchJiertn  penetration  neight  to  effective  hole  diameter  of  the  particular  injector 
configuration  w?.s  plotted  against  the  ratio  of  the  total  pressure  of  the  jet  to  the 
total  pressure  of  the  freestream.  For  identical  injectant  conditions  of  total 
temperature,  total  pressure,  molecular  weight  and  gamma  ,  a  better  penetrating 
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ahapc  will  exhibit  greater  (Z/D^*)^  regardleaa  of  the  differences  In  injection  • 

flow  area.  This  method  of  plotting  was  adopted  to  illustrate  an  approximate 

straight  line  relationship.  As  discussed  earlier  in  the  theoretical  analysis  I 

section  of  this  report,  for  a  straight  line  the  penetration  of  a  given  mass  of  ^ 

injectant  having  a  sonic  velocity  was  independent  of  simultaneous  changes  in 

injection  pressure  and  hole  size.  C 


b] _ Single  Hole  Injectors 

The  first  injector  investigated  during  this  program  was 
the  .  1  inch  diameter  round  normal  hole.  Configuration  1  listed  in  Table  I 
The  penetration  distance  was  too  small  for  accurate  measurements  tc  be  made 
with  the  temperature  gas  sample  rake.  This  resulted  from  the  fact  that  the 
injected  gas  stayed  partly  within  the  boundary  layer  on  top  of  the  centerbody 
tlat  plate.  Also  Schlieren  techniques  were  not  adequately  developed  to  provide 
reliable  data  at  the  beginning  of  the  test  program,  therefore,  data  for  this  con¬ 
figuration  are  not  presented. 

Schlieren  data  for  the  .  3  inch  diameter  hole  Con¬ 
figuration  3  .  are  shown  in  Figure  36.  A  data  point  from  a  previous  combustion 

test  in  the  arc  tunnel  of  a  .  186  inch  diameter  hole  injector  (Reference  1  )  is 

seen  to  agree  with  the  cold  flow  data.  The  dotted  line  in  this  figure  represents 
the  extrapolated  normal  sonic  round  hole  data  of  Reference  5  The  technique 
used  to  produce  the  correlating  line  in  Figure  36  will  be  explained  in  greater 
detail  later  in  the  report  in  the  section.  Comparison  of  Test  Data. 

The  .  3  inch  diameter  hole  data  in  Figure  36  agree  well 
with  the  data  from  Reference  ^  and  are  consistent  with  the  straight  line  re¬ 
lationship  through  the  origin.  Also,  the  data  from  the  previous  arc  tunnel  test 
agree  fairly  well  with  the  correlation.  This  dotted  line  of  correlation  of  single 
round  hole  penetration  data  was  reproduced  on  the  succeeding  figures  so  that 
visual  comparisons  can  be  made. 

An  adjunct  to  the  single  round  hole  configurations  is  a 
supersonic  round  hole  injector.  The  data  for  the  normal  supersonic  round  hole 
configuration  7  ,  are  presented  in  Figure  37.  This  supers  inic  hole  showed 

an  increase  in  penetration  over  the  sonic  hole.  The  data  at  low  injection  pressure 
are  consistent  with  a  straight  line  relationship  through  the  origin,  but  at  pressure 
ratios  above  approximately  Pj/P«  =  0.  8  the  penetration  is  close  to  that  of  the 
sonic  holes. 


cj _ Slot  Injectors 

A  slot  with  the  long  side  ir  the  same  direction  as  the 
freestream  flow  was  used  to  achieve  a  lower  aspect  ratio  and  to  reduce  the  frontcl 
blockage  of  the  jet.  A  sonic  slot,  configuration  6  ,  was  the  first  slot  tested. 

The  data  for  this  injector  are  shown  in  Figure  38.  The  penetration  was  better 
than  that  for  tie  round  sonic  hole  at  low  injection  pressures,  but  not  at  high 
injection  pressures. 
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Juat  as  for  round  holea  the  blockage  relationship  of 
the  expanded  jet  would  suggest  that  a  supersonic  slot  penetrates  better  than  a 

sonic  sloi. 


The  data  for  configuration  4  ,  a  supersonic  slot 

which  was  a  factor  of  2  times  the  dimena  ons  of  a  similar  supersonic  slot  used 
in  open  jet  and  closed  duct  arc  tunnel  tests  (Reference  1  )  is  presented  in 

Figure  39.  These  data  show  an  improvement  in  nondimensional  penetration  over 
the  sonic  slot  of  the  same  size  in  Figure  38.  The  nondimensioni.l  penetration 
was  similar  to  that  found  with  a  supersonic  round  hole,  except  that  greater  pene¬ 
tration  was  found  for  the  supersonic  slot  at  low  pressure  ratios. 

The  data  for  configuration  13  ^  three -inch  long 
supersonic  slot,  are  shown  in  Figure  40,  these  da  .4.  indicate  that  by  continually 
reducing  the  aspect  ratio  or  increasing  the  /A  term  of  a  given  supersonic 
slot,  the  nondimensional  penetration  could  be  increased  particularly  at  the 
higher  injection  pressures.  These  data  show  a  significant  increase  in  penetration 
over  the  short  supersonic  slot  and  also  appear  to  follow  a  linear  relationship 
through  the  origin  throughout  the  complete  range  of  documentation.  The  range  of 
data  was  limited  to  low  injection  pressure  by  facility  capabilities;  but  it  was 
postulated  that  the  data  are  beginning  to  deviate  from  the  straight  line  through  the 
origin  at  the  maximum  pressure,  Pj/P.  =  0.  3.  Looking  back  at  Figure  39,  it 
can  be  seen  that  the  nondimensional  penetration  for  low  injection  pressures  of 
the  shorter  slot  may  also  have  been  consistent  with  this  same  linear  relationship. 

dj _ Long  Row  Injectors 

In  order  to  minimize  tolerance  problems  of  long  slots, 
simplify  manufacturing  requirements  and  to  minimize  friction  losses,  it  might 
be  desirable  to  replace  a  long  slot  with  a  row  of  round  holes.  At  high  injection 
pressures  at  the  jet  from  the  round  holes  expands  to  the  low  freestream  pressure, 
the  jets  begin  to  overlap  and  act  very  similar  to  the  long  slot. 

The  first  long  row  injector  tested  consisted  of  nine  (9) 
1/32  inch  diameter  holes,  configuration  2  .  Data  are  not  presented  for  this 

configuration  because  the  small  mass  flows  with  this  injector  did  not  provide 
enough  penetration  to  be  accurately  documented  by  the  temperature  gas  sample 
rake  and  the  Schlieren  techniques  were  not  adequately  developed  at  the  time  these 
tests  were  run.  Configuration  2  .  the  nine  (9)  1/32  inch  diameter  hole 

injector,  was  modified  into  a  number  of  other  configurations  as  mentioned  in  the 
Experimental  Technique  section;  the  first  modification  was  to  a  row  of  nine  (9) 

1/16  inch  diameter  holes  (Configuration  5  ). 
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Figure  39  -  .93"  Long  Superaonlc  Slot  Data. 
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Figure  41  ia  a  documentation  of  the  data  for  the  nine 
(9)  1/16  inch  diameter  holes.  Large  nondimensioi  al  penetration  is  exhibited  in 
the  low  pressure  ratio  range  up  to  approximately  Pj/P*  =  0.  3.  The  data  follow 
a  linear  relationship  through  the  origin  similar  to  the  long  slot  data,  but  at  higher 
pressures  the  penetration  begins  to  approach  that  for  the  round  hole  data.  The 
differences  in  the  data  for  helium  and  air  were  due  partly  to  the  Schlieren 
technique.  The  air  data  for  this  particular  configuration  were  taken  with  a 
technique  that  did  not  provide  a  sharp  indication  of  the  penetration  boundary  and 
were,  therefore,  not  as  reliable  as  the  helium  data. 


The  second  modification  in  this  series  was  to  a  row  of 
fourteen  (14)  1/16  inch  diameter  holes  (Configuration  9).  This  injector  ex¬ 
hibited  the  greatest  nondimensional  penetration  of  alltke  injectors  tested  during 
this  investigation.  The  data  are  shown  plotted  in  Figure  42. 


This  Configuration  9  had  the  largest  ratio  of  length 
squared  to  area  term  L^^/A  of  all  the  configurations  tested  as  shown  in  Table  I. 
This  large  L^^/A  or  low  aspect  ratio  points  out  that  there  was  a  direct  para¬ 
metric  relationship  between  penetration  the  L^^/A  term.  The  large  nondimen¬ 
sional  penetration  with  associated  large  ratio  of  L^^/A  is  consistent  with  the 
deep  penetration  that  was  apparently  detected  from  the  forty-eight  (48)  0.  04 
inch  diameter  hole  injector  configuration  of  previous  cell  5  combustion  tests. 
Figure  42  includes  a  data  point  from  these  cell  5  combustion  tests  converted 
to  a  freestream  Mach  nvimber  M  =  3.  25  by  a  techique  which  utlised  Figure  3 
of  Reference  5. 


Figure  43  shows  the  data  for  another  modification  to 
the  original  row  of  holes.  This  modification  was  Configuration  10;  a  row  of 
fourteen  holes  with  diameter  increasing  in  the  freestream  direction  as  shown 
in  Table  I.  This  modification  did  not  produce  any  increase  in  nondimensional 
penetration  over  the  fourteen  1/16  inch  diameter  configuration. 

The  last  modification  to  the  original  Configuration  2 
that  was  made  was  Configuration  11,  a  row  of  fourteen  (14)  .  154  inch  diametei* 
holes,  the  data  for  which  appear  in  Figure  44.  The  total  jet  to  freestream 
pressure  ratio  range  was  limited  because  of  the  large  flow  area  of  this  injector. 

ej _ Normal/ Downstream  Injectors 

As  stated  earlier,  one  of  the  major  objectives  of  this 
investigation  was  to  design  a  fuel  injector  that  produced  acceptable  penetration 
while  conserving  a  portion  of  the  downstream  thrust.  It  would  be  expected  that 
if  the  direction  of  the  injected  flow  was  angled  slightly  downstream  that  some  of 
the  injection  momentum  would  result  in  downstream  thrust  for  the  engine  and 
also  that  the  penetration  height  might  be  somewhat  reduced. 
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One  of  the  previoua  arc  tunnel  teits  uied  ae  injector 
the  same  size  as  Configuration  7  ,  but  angled  at  30*  downstream  and  protruding 

into  the  freestream  (Reference  1  ).  This  same  injector  design  and  a  30*  down¬ 
stream  protruding  hole,  Configuration  8  >  were  tested  in  this  cold  flow  in¬ 

vestigation.  From  the  results  presented  in  Figure  45,  it  was  evident  that  this 
downstieam  injector  suffered  some  penetration  penalties.  At  low  injection 
pressures  the  nondimensiona  1  penetration  is  shown  to  be  greater  than  for  the 
single  round  hole  correlation  line,  but  this  is  because  the  injector  hardware 
protruded  into  the  freestream.  If  the  penetration  height  at  the  data  point, 

Pj/P»  =  0.  0378  and  (Z/D^*)^  =  7.  64,  is  adjusted  by  half  the  height  of  the  injector 
protrustion,  it  moves  down  to  (Z/D^*)^  =  2.  17.  This  adjusted  penetration 
agrees  better  with  previous  observations  of  other  injectors.  These  Schlieren 
data  also  agree  qualitatively  with  the  30*  injector  Schlieren  data  from  the 
previous  arc  tunnel  tests  (Reference  1  ).  Figure  46  is  a  comparison  of 
Schlieren  photographs  at  similar  total  pressure  ratios  (Pj/I^  )  of  the  30* 
injector  in  the  arc  tunnel  tests  and  the  30*  injector,  (Configuration  8  )  of  this 

investigation. 


Configuration  12  ,  a  row  of  twelve  (12)  1/16  inch 
diameter  holes  at  a  30*  downstream  angle,  was  an  attempt  to  combine  low 
aspect  ratio  and  downstream  injection.  The  data  are  presented  in  Figure  47. 
The  nondimensional  penetration  for  this  configuration  was  almost,  the  same  as 
the  penetration  for  the  row  at  fourteen  (14)  1/16  inch  diameter  normal  holes. 
Above  Pj/P  •  =  0.  8,  the  results  fall  below  the  straight  line  correlation  for  the 
data  of  lower  injection  pressure.  This  row  of  twelve  (12)  1/16  inch  diameter, 
30*  holes  exhibited  good  nondimensional  penetration  characteristics  while  pro¬ 
viding  some  downstream  thrust. 

A  set  of  Schlieren  photographs  of  the  penetration,  over 
a  range  of  pressure  ratios,  for  the  row  of  twelve  (12),  1/16  inch  diameter,  30* 
holes  (Configuration  12  )  is  shown  in  Figure  48.  With  air  at  high  injection 

pressures  the  pattern  from  the  individual  h-'les  was  clearly  visible.  It  is  inter¬ 
esting  that  the  individual  jets  seem  to  inject  at  an  angle  to  the  freestream  con¬ 
siderably  greater  than  30*.  As  discussed  earlier  the  jets  over  expand  toward 
the  90*  direction,  as  they  leave  the  injection  hole.  The  photographs  of  helium 
injection  produced  the  most  distinct  outer  boundaries  of  the  penetrating  Jet  while 
the  air  injection  tests  showed  some  evidence  of  mixing  between  the  two  air 
streams. 


Figure  49  contains  the  da^a  for  the  last  configuration 
tested  during  this  investigation.  This  was  Configuration  14  ,  a  row  of  12 
square  holes  at  a  30*  downstream  angle.  The  total  area  of  injection  between 
Configurations  12  and  14  was  held  similar,  as  shown  in  Table  I,  to  study  the 
differences  between  round  and  square  hole  injectors,  The  data  deviate  from 
the  s’raight  line  relationship  through  the  origin  at  a  lower  pressure  ratio  than 
for  the  30*  round  hole. 
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3)  Comparison  of  Test  Data 

_ Data  from  Mach  3.  25  Wind  Tunnel 

All  of  the  penetration  determinationa  for  the  low  aspect 
ratio  injectors  are  plotted  in  Figure  50.  The  correlation  lines  for  single  round 
holes  and  for  the  fourteen  (14)  1/16  inch  diameter  hole  configuration  are  included 
for  compariiD  n  with  the  data  points. 


The  low  aspect  ratio  holes  or  hole  patterns  show 
greater  penetration  than  the  basic  round  hole.  At  low  injection  pressures 
(Z/D^  data  for  all  of  the  low  aspect  ratio  holes  fall  on  the  same  straight  line. 
This  corresponds  to  40%  more  penetration  than  for  a  round  hole.  The  lower  the 
aspect  ratio,  the  higher  the  injection  pressure  at  which  the  data  continue  to  fall 
near  the  straight  line.  As  injection  pressure  increases,  the  expanding  jet  from 
the  low  aspect  ratio  holes  approaches  the  shape  of  a  jet  from  a  round  hole,  with 
the  penetration  decreasing  toward  that  of  a  round  hole.  At  low  pressures,  the 
different  aspect  ratio  injectors  fell  near  the  same  line  suggesting  that  this  may 
be  a  penetration  limit. 


The  injectors  made  up  of  a  series  of  small  holes  showed 
the  same  increase  in  penetration  over  round  holes  that  was  achieved  with  long 
slots.  This  may  provide  significant  simplifications  in  injector  design. 

The  long  row  of  fourteen  holes  gave  better  penetration 
at  high  injection  pressures  than  the  supersonic  slot  that  was  constructed  for  the 
first  arc  tunnel  combustor  tests.  Configuration  4  .  At  the  pressure  ratio  ex¬ 
pected  in  the  arc  tunnel  tests,  the  fourteen  hole  configuration  gave  40%  greater 
penetration  than  the  supersonic  slot,  or  equal  penetration  for  a  jet  with  half  the 
mass  flow.  This  suggests  that  twice  as  many  of  these  fourteen  hole  fuel  injectors 
could  be  used  while  maintaining  the  same  penetration  distance.  Furthermore,  the 
row  of  twelve,  30*  injectors  achieves  this  same  improved  penetration,  while  also 
providing  some  injection  thrust  to  the  engine. 

For  all  configuration.;,  helium  exhibits  about  the  same 
penetration  as  air  at  the  same  injection  pressure,  even  though  its  mass  flow  is 
less  by  a  factor  of  2.  5  because  of  its  low  molecular  weight.  This  establishes  not 
only  the  effect  of  a  fuels  molecular  weight  on  penetration,  but  simultaneously  the 
effect  of  fuel  temperature.  As  discussed  earlier  in  the  section  on  The  Selected 
Correlating  Parameters  this  correlation  of  helium  and  air  confirms  that  total 
momentum  is  a  better  correlating  parameter  than  mass  flow.  Also,  as  previously 
explained,  in  the  range  of  injection  pressures  over  which  the  straight  line  re¬ 
lationship  is  valid,  the  penetration  of  a  given  mass  of  injectant  having  a  given 
sonic  velocity  is  independent  of  simultaneous  changes  in  injection  pressure  and 
hole  size.  This  means  that  high  injection  pressure  is  not  needed  to  achieve 
penetration. 
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A  straight  line,  Figure  50,  defines  the  following  relation: 


(Z/D)  a  /  P  . 


Now,  since 


Pjet  a  (c  U‘)* 


P.  a  (  P  U") . 


The  following  relation  also  holds 


(Z/D)^  1  U^), 


Figure  52  shows  the  straight  lines  from  Figure  50  replotted  v/ith  these 
alternate  parameters. 

These  parameters  were  selected  to  be  consistent 
with  the  analytical  models  discussed  in  the  Background  Analysis  Section.  The 
resulting  correlations  based  on  momentums  are  expected  to  be  more  general 
than  the  previous  expressions  based  on  total  pressures. 


For  round  sonic  holes: 


2  2  *  ? 
(Z/D,)‘  =16  (p  U^)  /  (p  . 


For  low  aspect  ratio  holes:  (Z/D^*)^  =  41  (  p  U^)*  /  (p  U^)  • 


Since  (p  U  )*  was  held  constant  during  these  tests, 
experiments'  verification  of  its  generality  will  be  established  by  other  data  in 
the  literature. 
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bj _ Comparison*  with  Other  Inve atigator 9 

Zukoski  and  Spaid  (Reference  5  )  correlated  pene¬ 

tration  data  taken  from  free  at  ream  Mach  numbers  of  1.38,  2. 01,  2.  56,  2.61, 

3.  50  and  4.  54.  Figure  51  shows  most  of  these  data  points  plotted,  as  non- 
dimensional  penetration  divided  by  effective  diameter  (Z/D^)  vs.  the  momentum 
ratio  of  the  injector  to  the  freestream 


(P  U^). 


The  correlation  of  these  data  from  different  freestream  Mach  numbers  provides 
a  considerable  simplification  over  the  correlating  equation  6  of  Reference  5 


P. 


Y  j 

Y  . 


X 


2 

f-  2  ^ 

(Y  j  +  1)  /  (Y  j  -1) 

1/4 

y  -1 

L  j 

.41  ) 
J 

Oj 

The  simpler  equation  expressing  this  present  correlation  i*' 


(Z/D)2  =  16  (P  U^).  /  (0  U2) 

jet  freestream 

In  Reference  5  ,  the  penetration  was  defined  as  h,  the  height  above  the  plate 
of  a  dense  line  above  the  injector  hole.  It  was  suggested  that  this  line  of  density 
change  was  the  region  of  maximum  concentration  of  the  injectant.  Close  examin- 
aPon  of  Schlieren  photographs  from  this  present  investigation  indicates  that  this 
line  is  a  shock  wave  in  the  injector  gas  produced  by  the  interaction  with  the 
freestream.  The  measured  concentration  profiles  in  Reference  5  ,  Figure  6, 

were  used  to  convert  penetration  measurement  (h)  to  numbers  consistent  with 
the  measurement  of  the  outer  boundary  in  this  investigation.  It  was  found  that 
the  composition  was  10-20%  of  the  peak  concentration  at  2.  7  times  the  height  of 
the  measured  penetration  (h).  The  following  relationship  was,  therefore,  used. 

Z  -  2.  7  h  (11) 
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Figure  SI  -  Moaentum  Correlation  of  Reference  S  Data. 
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Table  II  is  a  listing  of  some  'njector  configurations, 
sizes  and  shapes  for  which  penetration  data  are  available,  other  than  those  tested 
in  this  cold  flow  program.  All  of  these  data  are  presented  in  Figure  52  together 
with  the  data  obtained  in  this  study.  The  10-20%  of  peak  concentration  criteria 
was  again  used  to  define  the  outer  boundary. 


The  solid  line  in  Figure  52  for  the  data  from  Reference 
was  determined  from  the  correlating  equation  6,  from  Reference  7 
evaluated  at  M  =  3.  25.  The  line  in  Figure  52  representing  the  data  correlation 
of  Reference  7  was  obtained  from  Equation  11. 


Z/D  =  1.  68 


0866 


By  evaluating  this  expression  at  the  Mach  number  for  which  the  data  were  taken, 
M  =  3,  and  by  using  a  typical  (X/O) 


.0866  .0866 


1.265 


Mj  =  1 
COS^  0  -  1 


The  following  relationship  was  found 

In  Reference  the  definition  of  penetration  (Z)  was  the  vertical  distance  above 
the  plane  of  the  injector  where  the  mole  fraction  of  injected  fluid  was  0.  005.  . 
These  measurements  were  made  from  concentration  profiles  produced  from  gas 
samples  of  the  downstream  wake. 

The  data  for  measurements  of  penetration  at  the  outer 
boundary  of  the  penetrating  jet  are  shown  in  Figure  52.  The  comparisons  are 
shown  between  the  results  of  this  investigation  and  the  correlations  of  Zukoski 
and  Spaid,  (Reference  5  ),  Dowdy  and  Newton,  (Reference  9  ).  ^^d  Vranos 
and  Nolan  (Reference  1  ).  The  penet  rat  ion 'charact  e  ri  st  ic  s  of  all  round  sonic 
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were  found  to  agree  well. 

(Z/D^)^  =  16  (  C  U^^)/{PU^).  (Single  Round  Holes) 


TA  B  LE  11 


INJECTOR  CONFIGURAT-ION  FROM  THE  LITERATURE 


Configuration 

De* 

L^/A* 

L/Width 

Hole 

Pattern  SVe*  .hes 

C.  I.  T.  Ref. 

Round  Sonic  Holes 

.  12 

.  04 

o 

o 

J  P.  L,  Ref. 

Round  Sonic  Holes 

.  1 

o 

G.  E.  Ref. 

.  186"  Dia.  Round  Sonic 
Hole  -  Arc  Tunnel 

Te  sts 

.  168 

O 

G.  E.  Ref. 

.  83"  Long  Supersonic 
Slot  -  Arc  Tunnel 

Tests 

.  224 

17 

10 

1 

= 

G.  E.  Ref. 

48  -  .  04"  Dia 

Hole,  .  08"  C  Cell 

Tests 

:  239 
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4) _ Injector  Designs  Selected 

A  major  objective  of  this  investigation  was  to  identify  and 
select  alternate  injector  configurations  to  be  further  tested  in  arc  tunnel  com¬ 
bustor  tests. 


The  row  of  fourteen  (14)  holes  produced  the  best  penetration 
of  any  of  the  configurations  tested  while  the  twelve  (12)  30*  holes  gave  nearly 
equivalent  penetration  with  some  downstream  thrust.  Arc  tunnel  configurations 
were,  therefore,  constructed  incorporating  these  two  injector  types. 

The  generalizations  and  correlations  established  in  this  pene¬ 
tration  study  not  only  identified  improved  configurations,  but  also  suggested 
that  these  two  injector  types  should  be  sufficient  for  the  evaluation  of  low  aspect 
ratio  holes  in  general.  All  low  aspect  ratio  holes  exhibit  the  same  penetration 
characteristics  a.  sufficiently  low  injection  pressure.  Any  injector  obeying  the 
relation 


(Z/D^*)^  =  41  (P  U2)j^j  /  (  P  U^). 

will  produce  the  same  desired  improvement  in  penetration,  thus  eliminating 
the  need  for  tests  on  other  injector  types  --  long  slots  for  example. 

Furthermore,  the  penetration  from  an  injector  obeying  the 
above  relation  is  independent  of  the  flow  area  of  the  injector.  As  explained  in  the 
Background  Analysis  Section,  the  penetration  will  be  proportional  to  the  square 
root  of  the  injectant  momentum. 

(p  *  U*^),  which  is  the  mass  flow  rate  times  the 

sonic  velocity. 


Thus  the  flow  area  of  the  injector  can  be  selected  tc  achieve 
convenient  injection  pressures  without  affecting  the  penetration,  and  only  one 
injector  size  need  be  tested. 

The  only  injector  design  variable  affecting  the  penetration  is 
the  number  of  injectors  per  combustor,  since  this  affects  the  mass  flow  rate  to 
each  injector.  The  penetration  for  low  aspect  ratio  injectors  can  be  expressed 
as  follows; 

^2  -  26  X  flow  rate)  (sonic  velocity  of  injectant) 

(No.  of  Injectors)  (Freestream  q)  nui 


aP  m  consistent  units. 
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Eight  injectors  per  combustor  were  selected  for  the  arc  tunnel 
tests.  The  penetration  data  showed  that  these  injectors  would  penetrate  the  same 
distance  as  the  four  supersonic  slots  in  the  origin->i  designs.  Improvements  in 
circumferential  mixing  would  be  expected  while  the  radial  profile  might  remain 
unchanged  For  the  M  =  6  arc  tunnel  conditions  and  at  a  fuel  equivalence  ratio 
of  1.0,  the  calculated  penetration  is  .7  combustor  radii. 

Variations  in  penetration  during  combustion  tests  can  be 
investigated  by  several  techniques.  The  fuel  flow  rate  or  equivalence  ratio  is 
easy  *o  vary.  With  the  fuel  equivalence  ratio  constant,  the  penetration  can  be 
increased  by  increasing  the  fuel  temperature.  The  increase  in  the  sonic  velocity 
of  the  injectant  resulting  from  the  increased  fuel  temperature  increases  the  pene¬ 
tration.  Alternately  an  inert,  nitrogen,  could  be  added  to  the  fuel  in  combustor 
tests  to  change  the  penetration  without  changing  equivalence  ratio, 

e^ _ Application  of  Mixing  Theory  to  Penetrating  Jets 

From  the  work  discussed  in  the  previous  sections  on  penetration  of 
jets,  it  is  possible  to  define  the  flow  field  j  ist  dewnstream  of  the  injectors. 

Since  the  jets  are  turned  nearly  parallel  to  the  freestream  flow  before  appreci¬ 
able  mixing  has  taken  place,  the  downstream  mixing  can  be  estimated  by  mixing 
theories  for  shear  gradients  in  parallel  cocurrent  flow.  Both  axisymmetric 
and  two-dimensional  wake  mixing  equations  are  available  which  can  be  applied 
to  the  mixing  of  cocurrent  flow.  By  using  these  equations,  estimates  of  mixing 
efficiency  for  a  combustor  design  ^an  be  obtained,  and  trends  due  to  changes  in 
configuration  can  be  predicted. 

JJ _ Flow  Field  Downstream  of  Penetrating  Jet 

Schlieren  photographs  indicate  that  jets  penetrating  into  a 
supersonic  stream  are  turned  to  the  downstream  direction  in  a  very  short 
distance.  The  data  on  low  aspect  r;‘io  injectors  showed  a  nearly  uniform  con¬ 
centration  profile  from  the  wall  to  nearly  the  outer  boundary  of  the  jet,  suggesting 
that  these  jets  can  be  approximated  by  two-dimensional  cocurrent  flow. 

Figure  53  is  a  schematic  representation  of  the  penetrating  jet 
as  the  flow  is  turned  to  a  direction  parallel  to  the  freestream  flow  direction. 

It  is  postulated  that  a  jet  penetrating  into  a  supersonic  flow  is  turned  to  a  down¬ 
stream  direction  through  strong  shock  waves  that  result  in  a  downstream  velocity 
that  is  near  sonic  jet  after  the  jet  has  been  turned.  The  case  of  a  hydrogen  jet 
penetrating  into  an  arc  tunnel  flow  stream  simulating  M  =  6  flight  conditions  is 
used  in  some  of  the  examples  that  follow.  For  the  case  of  M  =  6  conditions, 
simulated  in  arc  tunnel  tests,  the  sonic  fuel  velocity  is  80%  of  the  freestre  am 
velocity.  The  penetration  was  calculated  from  the  correlations  of  the  previous 
section  and  found  to  be  .7  times  the  duct  radius.  The  width  of  the  resulting  fuel 
flow  was  found  to  be  one-fifth  of  the  penetrating  height,  calculated  by  assuming 
the  flow  was  distributed  uniformly  along  the  penetration  height  at  a  Mach  number 
of  ore. 
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The  mixing  problem  to  be  solved  is  seen  to  be  a  problem  of 
parallel  cocurrent  flows.  Early  in  thi  mixing  process,  the  problem  is  two- 
dimensional  in  character,  with  the  end  effects  near  the  wall  and  at  the  peiie- 
tration  extremity  being  negligible.  Far  downstream  as  the  width  cf  the  mixing 
region  approaches  the  penetration  height,  the  end  effects  become  important  and 
the  problem  approaches  that  of  an  axisymmetric  problem  with  an  important 
boundary  influence  at  the  wall.  In  the  development  that  follows,  the  calculations 
are  confir.cd  to  a  two-dimensional  treatment;  this  permitted  the  use  of  some 
recently  derived  simple  expressions  to  illustrate  the  effects  of  various  para¬ 
meters  on  the  mixing. 

Z) _ Wake  Mixing  The  ory  for  Cocurrent  Flow 

aj _ Theoretical  Approach 

The  presentations  of  classical  mixing  theories  for  jets 
and  wakes  in  the  available  textbooks,  Schlichting  (Reference  Z6  )  for  example, 
does  not  include  a  complete  explanation  of  the  effects  on  a  mixing  jet  of  density, 
Mach  number,  or  of  a  cocurrent  flow.  This  is  partly  due  to  a  lack  of  accurate 
experimental  data  for  comparison  with  theories.  However,  the  simple  equations 
available  for  wake  development  far  downstream  of  the  origin,  provide  a  means 
for  approximating  the  nuxing  of  cocurrent  jet  flows. 

A  jet  in  a  faster,  equal-density,  parallel,  cocurrent 
flow  is  very  similar  to  a  wake  in  character,  in  that  both  are  low  velocity 
regions  in  a  flow  field;  therefore,  these  cocurrent  flows  should  be  treatable  by 
the  same  theory  which  applies  to  the  wake.  In  the  development  of  a  wake,  the 
shape  of  the  velocity  profile  at  a  point  far  downstream  is  independent  of  the 
shape  of  the  original  profile  in  the  wake:  it  is  characterized  only  by  its  width  and 
its  momentum  defect. 


It  is  postulated  here  that  the  very  useful  principle  of 
"similar  solutions"  that  has  been  successful  in  so  many  free  turbulence  and 
boundary  layer  problems  can  also  be  applied  to  the  mixing  region  downstream  of 
a  cocurreiit  flow  jet,  i.  e.  ,  a  jet  with  the  same  momentum  defect  as  a  wake  will 
develop  the  same  profile  shapes  as  the  wake.  This  momentum  defect  is  the 
momentum  required  to  bring  the  jet  flow  to  the  freestream  velocity. 

For  a  jet  with  different  density  than  the  surroundings, 
the  mixing  with  the  surroundings  gradually  eliminates  the  initial  density  differences 
Far  downstream  from  the  initial  station,  the  developed  jet  or  wake  has  the  profile 
shape  of  a  constant  density  jet.  The  size  of  the  mixing  region  for  a  g’ven  cen¬ 
terline  defect  is  characterized  by  the  total  momentum  defect  of  the  jet  or  wake. 

For  a  jet  with  different  dens.ty  surroundings,  this  momentum  defect  is  taken  to 
be  the  momentum  required  to  bring  the  jet  flow  to  the  velocity  of  the  stirroundings. 
Utilization  of  this  "Momentum  Defect  Principle"  permits  problems  far  downstream 
of  the  jet  origin  to  be  treated  by  the  equal-density  theory. 


lOS 

CONFIDENTIAL 


CONFIDENTIAL 

AF  APL-TR-65-  103 

This  fsr-downstream  theory  wss  considered  adequate 
for  estimating  mixing  trends  for  this  report  and  for  illustrating  the  important 
affect  of  static  pressure  gradient  on  mixing.  Perhaps  the  best  data  in  the  liter¬ 
ature  on  density  differences  in  the  near  field  are  those  of  Kaegy  and  Weller 
(Reference  28  )  for  a  helium  jet  issuing  into  a  quiescent  surrounding  of  air. 
Those  results  on  a  jet  could  have  been  used  to  determine  near  field  effects  in 
a  cocurrent  flow  jet,  but  no  such  work  was  done. 

bj _ Wake  Equations 

Equations  for  turbulent  wake  development  are  given 
by  Schlichting  for  both  two-dimensional  and  axisymmetric  wakes.  Because  the 
penetrating  jets  to  be  treated  in  this  analysis  are  to  be  approximated  by  a  two- 
dimensional  source;  only  the  two-dimensional  mixing  theory  W''l  be  presented 
here. 


Equation  23.  37  of  Schlichting  (Reference  26)  for 
two-dimensional  wakes  behind  circular  cylinders  is; 


-  1/2 

r 

Ui  X 

[■■i  1 

U  .  18p  'Cod/ 

(15) 

where  8  =  0.  18  and  the  constant  is  0.  976 


For  the  centerline  decay,  b  =  0,  and  the  equation  becomes 


IT  V  *  ‘^2 

7^--  0  97f^^  =0.976 


u.  ■  ^C^d 


1/2 


whe  re : 


(16) 


Uj  is  the  centerline  velocity  defect  (U,  -  U) 

U  is  local  velocity 

U.  is  free  stream  velocity 

X  is  the  distance  downstream 

The  Cj^d  term  was  introduced  into  this  expression  from  the  following  equation 
in  Schlichting  p.  493  (Reference  26  )• 


-  1/2  Cpd  h  (  0 


(17) 
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The  momentum  defect  of  the  drag,  D^,  waa  aet 
equal  to  the  wake  by  Schlichting.  The  poatulate  of  thia  preaent  treatment  of 
cocurrent  flowa  is  that  the  momentum  defect  equala  the  product  of  the  fuel 
masa  flow  and  the  difference  in  velocity  between  fuel  jet  and  freeatream. 
This  product  is  the  amount  of  momentum  required  to  bring  the  fuel  jet  to 
freestream  velocity: 


D,  =  Wf  (U.  - 


(18) 


By  solving  these  last  two  equations  for  C£)d  and 
substituting  into  the  wake  equation,  an  equation  for  the  centerline  velocity  of 
a  cocurrent  flow  jet  is  obtained. 


(fuel  maaa  flow)(U«»  -  IJfm- j} _ 

Cod  =  h  (l/2p  U^), 


Vm 


1.38 


(fi 


(fuel  mass  flow)  (U-  Ufuel> 


X  h  (  P  u*-) 


Hi 

J 


(19) 


(20) 


This  equation  can  be  further  simplified  by  examining  the  two-dimensional 
model  of  the  penetrating  jets. 


3)  Two-Dimensional  Model  of  Combustor 

aj _ Description  of  Model 

In  Figure  54a,  fuel  jets  that  have  penetrated  into  a 
circular  duct  are  represented  by  two-dimensional  cocurrent  flows.  Figure  54b 
shows  these  same  jets  in  a  two-dimensional  field  having  the  same  airflow  and 
area  as  the  carbureted  area  of  the  circular  cross  section  which  is  shown  shaded 
in  Figure  54a.  With  this  rectangular,  two-dimensional  model,  the  "fuel  mass 
flow"  term  in  equation  20  can  be  replaced  by  terms  involving  the  injector 
spacing 


(fuel  mass  flow)  =  f/a  (air  mass  flow)  =  f/a  (  p  AU)  .  =  f/a  (p  U)  .  NSZ 

air  air 

whe  re 

Z  is  the  penetration  height 
S  is  the  injector  spacing 
N  the  number  of  injectors 
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Substituting  this  expression  for  the  "fuel  msss  flow"  of  one  injector  into  • 

equation  20 


u. 


1.  38 


^  f/»  (P 


,1/2 


U) 


air 


SZ  (U 


U 


fuel' 


X  h  (p  U*-) 


Reducing  this  expression  and  noting  that  h  and  Z  both  represent  the  height  of 
the  two-dimensional  wake. 


Ul 


u 


or, 


(21) 


(22) 


This  is  the  desired  exprer'ion  for  nixing  of  a  cocurrent  fuel  jet,  in  terms  of 
the  initial  velocity  ratio  of  the  fuel  and  ai'.  the  fuel/air  ratio  of  the  carbureted 
region,  and  the  injector  spacing. 

Returning  t<.  s  original  circular  duct,  the  injector 
spacing  can  be  replaced  by  a  term  containing  duct  diameter  "D"  as  indicated 
below; 


I 

wf  =  (f/a)  ^  f/a(p  U)^.^  n  /4 


The  area  under  ci^side ration  for  the  two-dimensional 
mixing  is  somewhat  smaller  than  n  / 4  D  since  the  penetration.  Z,  is  usually 
not  equal  to  the  duct  radius.  The  relation  between  these  areas  is; 

NSZ  =  (  n  /4)  [d^  -  (D  -  2Z)^ 

NS  =  n  (D  -  Z) 


» 
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Combining  this  relation  into  equation  21 


=  1.  38 


"  D-Z 


N  X 


(23) 


bj _ Velocity  of  Penetrated  Jeta 

A  fuel  jet  injected  normal  to  the  freeatream  flow 
has  zero  downstream  momentum.  It  creates  a  momentum  defect  in  an  infinite 
flow  field  equal  to  its  mass  flow  times  the  freestream  velocity. 

M<’;mentum  Defect  -  (fuel  mass  flow) 


If  this  momentum  defect  were  concentrated  In  the  mixing  region,  the  term 

(U_  -  U,  ,)  /  U_  in  the  wake  expressions  should  be  set  equal  to  1.  0, 

,  fuel  , f 

giving  from  equation  15: 


1.  38 


(24) 


However,  the  penetrating  jet  absorbs  momentum 
from  the  freestream  as  it  is  turned  in  a  downstream  direction,  by  mechanisms 
other  than  mixing.  The  resulting  momentum  defect  is  not  all  concentrated  near  the 
jet  flow.  In  a  supersonic  stream  the  shockwaves  generated  in  the  freestream 
by  the  penetrating  jet,  transfer  momentum  to  great  distances  from  the  jet  origin. 
This  entire  momentum  defect  is  encompassed  by  the  mixing  wake  only  at 
infinitely  long  distances. 


The  actual  momentum  defect  most  appropriate  to  the 
earlier  portion  of  the  mixing  problem  may  be  more  closely  associated  with  the 
momentum  defect  of  the  jet  itself  just  after  it  has  been  turned  downstream.  It 
IS  postulated  that  the  supersonic  jet  is  turned  to  a  downstream  direction  through 
strong  shock  waves  that  result  in  a  downstream  velocity  that  is  near  sonic.  For 
this  case,  the  wake  equation  becomes 


u 

m 


f/a 


U. 


1/2 


(25) 


Both  equations  24  and  25  are  of  interest,  since  as  discussed  later,  the  effect 
of  a  combustion  generated  static  pressure  rise  ts  to  drive  the  initial  fuel 
velocity  from  sonic  to  lower  values. 
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Figure  55  ihowe  the  relation  for  the  decay  of  the 
centerline  velocity  difference  for  both  conditiona  expreaacd  by  equations  24 
and  2S  at  an  equivalence  ratio  of  one.  The  linea  were  drawn  for  hydrogen 
fuel  at  stoichiometric  overall,  f/a  =  0.0291.  The  term  (U,  -  /  U. 

was  evaluated  for  conditions  expected  in  arc  tunnel  combustion  testa  at  inlet 
air  enthalpies  simulating  M  -  6  conditions. 


(26) 


£j _ Cofr.position  in  Wake 

If  composition  or  mass  is  assumed  to  mix  at  the 
same  r  e  as  momentum,  then  equation  24  for  the  centerline  velocity  decay 
can  be  simply  converted  to  composition  decay. 


u. 


(27) 


if  K.  =  O  when  U  =  O 
Ac  c 


whe  re 


K.  is  the  mass  fraction  of  air  at  the  centerline  and 

Ac 


is  the  mass  fraction  of  air  in  the  freestream 

since 


K  -  1.0.  and  since  the  mass  composition  of  fuel,  K  -  ( 1-K  ) 

A  t  ,  A 


K 


Ac 


(‘■''ac)  =  '' 


Fc  ,  or 


U 

U_ 


L  =  K 


Fc. 


(28) 


This  gives' 


r  1.  36  i^S/X)  (f/aj 


1/2 


(29) 
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Thus  the  line  (or  velocity  decay  in  Figure  55  ’.so  represents  the  line  for 
centerline  mass  flow  composition  for  an  initial  downstream  momentum  of  the 
fuel  flow  equal  to  zero. 

When  the  initial  downstream  momentum  of  the  fuel  is 
different  from  zero,  pure  fuel  exists  in  the  wake  when  Uj  =  (U_  - 
The  composition  decays  at  the  same  ra’io  that  Uj  decays  giving 


Using  equation  1. 1 


“fc  =  Ijs/Xl  ((/•)  (U.  -  / 


Figure  56  shows  this  composition  decay  for  two 
cases.  With  the  initial  lownstream  momentum  of  the  fuel  equal  to  zero,  the 
composition  curve  is  the  same  as  the  velocity  defect  curve  shown  in  Figure  55. 
The  second  case  is  the  composition  decay  for  an  initial  downstream  fuel  velocity 
equal  to  sonic  fuel  velocity  at  the  conditions  expected  in  the  arc  tunnel.  Much 
longer  distances  are  required  to  achieve  good  mixing.  To  mix  the  centerline 
concentration  to  below  stoichiometric  requires  a  downstream  length  of  63 
injector  spacings  for  zero  downstream  velocity,  and  320  for  sonic  fuel  velocity. 

For  the  eight  injectors  in  the  circular  arc  tunnel 
combustor,  the  predicted  penetration  is  7R  and  the  corresponding  injector 
spacing  in  the  two-dimensional  model  is: 

S  =  n  (D  -  Z)  /  N  -  . 51d' 

The  mixing  lengths  in  terms  of  duct  diameters  are  indicated  in  Figure  56  on 
the  top  of  the  plot. 

Figure  57  indicates  the  length  required  to  mix  below 
stoichiometric  for  different  initial  fuel  velocities.  The  relation  is  piotted  two 
ways  to  illustrate  the  straight  line  relationship  X/Sd  U«  /  (U,  -  j)  as  well 

as  to  illustrate  infinite  mixing  length  requir'd  when  the  fuel  and  air  are  at  equal 
velocity 

Figure  58  illustrates  the  shape  of  the  wake  profile. 

The  expression  for  this  wake  shape  consistent  with  equation  15  is, 


as  in  Schlicting. 
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For  equivalent  mixing  of  mais  and  momentum 


U/U^  =  KF/Kp^ 


Figure  59  represent!  a  fuel  jet  that  has  mixed  to  a 
peak  equivalence  ratio  of  2.  0. 

To  indicate  the  quantity  of  fuel  that  is  over  stoichio¬ 
metric  and,  therefore,  unavailable  for  combustion,  a  "mixing  efficiency"  will  be 
defined 

Quantity  of  fuel  unmixed  with  air  because  of  poor 
Mixing  efficiency  -t1  1  -  _ mixing _ 

Total  fuel  up  to  stoichiometric  overall 
This  excess  fuel  is  shown  cross  hatched  in  Figure  59. 

Figure  60  is  a  plot  of  the  "mixing  efficiency"  versus 
the  centerline  fuel  concentration.  In  Figure  61  this  mixing  efficiency  is  plotted 
versus  length,  by  utilizing  values  from  Figure  60  and  Figure  56. 

The  rigorous  application  of  wake  equation  theory 
beyond  the  point  where  adjacent  wakes  touch  each  other,  was  not  investigated 
under  this  contract.  It  should  be  noted,  however,  that  Schlicting's  text  includes 
an  approach  in  Chapter  23,  Section  4,  presented  by  R.  Gran  Olsson,  for  the 
treatment  of  overlapping  mixing  rones.  For  the  calculations  presented  below, 
mixing  efficiencies  were  determined  in  this  overlap  region  by  simply  adding 
the  fuel  concentrations  predicted  for  each  wake.  The  condition  at  which  one 
mixing  rone  reaches  the  centerliue  of  the  adjacent  rone  can  be  determined  as 
follows.  To  find  the  region  of  overlap,  the  half  width  of  the  wake  is  taken  from 
Schlichting's  equation  23.  36 

b  =  /~Rr  B  (X  C^d)  for  0  ^  .  18 


Again,  substituting  the  relation  derived  here  for  Cp^d  for  a  cocurrent  flow, 
equation  20,  and  the  expression  for  (fuel  mass  flowd,  equation  21  for  one 
injector; 


b 


f/a  (P  U)  .  SZ  (U 
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U 


fuel 


1/2 


805  (X) 
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Solving  for  the  composition  at  which  complete  wake  overlap  occurs, 


S  =  b,  and 

^=.805(X|‘'2 


u  -  u 


ll/2 


(f/a) 


fuel 


U 


Ml 


(34) 


and  by  substituting  for  S  in  equation  30  and  cancelling  terms: 

(at  c  enterline  overlap)  =  1,  12  (f/a) 

(35) 

For  a  stoichiometric  over-all  fuel/air  ratio,  the  overlap  of  one  mixing  wake 
to  the  centerline  of  the  adjacent  wake  occurs  when  the  centerline  concentration 
has  mixed  to  very  near  stoichiometric,  indicating  that  a  nearly  uniform  mixture 
exists  at  this  condition. 


S  =  2b  giving 


The  mixing  zones  began  to  first  touch  each  other  when 


i' ^  ~  2.25  (f/a)  for  touching  mixing  rones  (36) 

The  assumption  of  equivalent  mixing  of  mass  and 
momentum  used  in  the  above  derivations  is  known  to  be  incorrect.  Mass  com¬ 
position  and  temperature  mix  faster  than  momentum.  A  discussion  on  mixing 
of  scale  quantities  such  as  temperature  and  composition  in  two-dimensional 
wakes  ii  presented  in  Hinze's  textbook  (Reference27).  section  6-5. 


The  simple  expression  comparable  to  equation  21  for 
agr:ement  with  temperature  profile  data  in  a  two-dimensional  wake  is 


(37) 


Equal  mass  and  momentum  mixing  is  equivalent  to  assuming  that  the  Schmidt 
number  equals  one,  for  relations  that  utilize  this  dimensionless  group.  On 
page  426  of  Hinze's  text  a  Schmidt  number  of  1/  1.  85  -  .  54  is  indicated  from 
the  available  two-dimensional  wake  and  jet  me.  urements.  This  value  is  a  more 
accurate  representation  of  the  data  than  equation  (36),  it  is  consistent  with  a 
profile  shape  of 

,,,  1/1.85 

cc  (-f) 


JK 

K. 


'Uc‘ 


1.  08 


(38) 
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and  IS  consistent  with  a  faster  centerline  decay  for  mass  composition  corre 
spending  to: 


The  measured  profiles  predicted  by  the  above  ex¬ 
pressions  are  averages  of  the  instantaneous  values,  taken  over  a  period  of 
time.  The  mixing  is  not  as  complete  as  indicated  by  these  time-average  meas¬ 
urements.  For  example,  when  the  centerline  concentration  on  a  time-average 
basis  in  a  mixing  fuel  jet  has  decreased  to  stoichiometric,  some  of  the  fuel  is 
still  at  over  stoichiometric  conditions.  A  sampling  probe  mixes  this  over 
stoichiometric  region  with  lean  regions  to  indicate  an  average  composition 
near  stoichiometric.  One  measure  of  this  time-average  feature  is  the  inter- 
mittency  factor  in  the  wake,  discussed  in  section  6-6  of  Hinze's  text, 

(Reference  27  );  this  intermittency  factor  indicates  significantly  less  mixing 

than  the  time-average  measurement.  Another  indication  of  the  problem  is 
observable  in  the  work  of  Hawthorne.  Weddell  and  Hottel  (Reference  ).  They 
showed  that  mixing  was  not  sufficient  to  complete  combustion  in  an  axisymmetric 
turbulent,  diffusion  flame,  until  the  centerline  time-average  composition  had 
mixed  to  less  than  1/2  of  stoichiometric. 


This  time-average  consideration  predicts  a  reduction 
in  instantaneous  mixing  greater  than  the  increased  mixing  rate  found  for  mass 
when  compared  with  momentum  mixing.  The  equations  and  illustrations  used 
for  composition  mixing  in  this  report  give  a  slower  more  conservative  estimate 
of  the  mixing  rate  than  if  the  Schmidt  Number  -  0.  54  is  used.  This  reduced 
mixing  rate  assumption  partly  compensates  for  the  time-average  problem. 

4J _ Effect  of  Static  Pressure  Field 

Most  mixing  theories  are  developed  for  application  in  a  con¬ 
stant  static  pressure  field.  However,  in  supersonic  combustors  large  vari¬ 
ations  in  i  atic  pressures  are  expected  to  occur  at  axial  distance  from  the 
injectors  increases.  The  static  pressure  field  affects  the  mixing  by  changing 
the  velocity  gradients  or  in  the  case  of  wakes,  by  changing  the  magnitude  of 
the  momentum  defect  in  the  wake. 

A  change  in  static  pressure  along  the  mixing  path  results  in 
a  velocity  change.  If  the  Mach  number  is  uniform,  all  the  velocities  will  be 
changed  by  the  same  ratio  and  the  resulting  velocity  gradients  would  not  indi¬ 
cate  a  change  in  the  mixing.  However,  large  Mach  number  variations  are 
expected  throughout  the  mixing  process.  Even  if  large  Mach  number  gradients 
do  not  exist  in  che  early  part  of  the  mixing,  the  combustion  process  will  lower 
the  Mach  number  in  the  burned  portion  of  the  flow. 
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Quantitatively,  the  effect  of  itatic  preasure  is  to  alter  the 
velocity  field  and,  thereby,  alter  the  momentum  defect  of  the  mixing  wake. 

In  the  case  of  a  M  »  2.  7  freestream  and  a  M  =  1  cocurrent  fuel  flow,  a  pressure 
rise  of  a  factor  of  two  will  stop  the  M  -  1  flow  while  permitting  the  freestream 
to  remain  supersonic.  The  subsequent  mixing  will  occur  at  the  rate  for  M  =:  1 
injection  but  at  the  faster  rate  of  the  cocurrent  flow  with  zero  downstream 
momentum. 


In  constant  area  burners  or  step  burners,  the  calculations 
accounting  for  axial  pressure  gradient  are  simplified  because  the  pressure  field 
is  fairly  uniform,  except  for  an  intial  pressure  rise.  For  these  cases,  the 
pressure  rise  can  be  approximated  by  assuming  it  occurred  all  at  one  stage 
of  the  mixing  process. 

The  magnitude  of  the  pressure  rise  changes  with  flight 
Mach  number  or  inlet  air  enthalpy  and  is  also  a  function  of  the  combustor 
geometry.  The  arc  tunnel  step-combustor  operating  at  M  =  6  conditions  has 
a  pressure  rise  greai  'r  than  a  factor  of  two.  Thus,  if  the  downstream  velocity 
of  the  fuel  after  completion  of  penetration  were  sonic,  the  pressure  rise  in 
the  burner  would  reduce  the  average  fuel  velocity  to  zero  or  even  to  a  negative 
value.  At  higher  flight  Mach  numbers,  the  pressure  rise  decreases,  but  the 
supersonic  combustor  configurations  tested  at  General  Electric  that  attained 
high  efficiency,  also  involved  pressure  rise  near  the  burner  inlet  of  at  least 
two.  This  provides  justification  for  using  a  zero  downstream  momentum  in  the 
cocurrent  flow  equations  to  simulate  arc  tunnel  combustor  conditions. 

5J _ Effect  of  Combustion  and  Mach  Number  on  Mixing 

The  effects  of  Mach  number  and  combustion  on  nuxing  are 
accountable  as  effects  due  to  density  and  static  pressure. 

Combusti'^n  in  a  constant  static  pressure  field  does  not 
change  the  flow  velocities,  instead,  the  flow  area  increases  to  accommodate 
the  hotter,  lower  density  burned  gases.  Since  the  velocities  do  not  change, 
the  momentum  defect  of  the  wake  also  remains  unchanged  by  combustion  The 
wake  equations  predict  that  the  mixing  will  not  be  affected  by  com.bustion  in  a 
constant  static  pressure  field.  However,  some  density  effect,  not  accounted 
for  by  the  far-field  equations,  may  be  involved  because  of  the  near-field 
type  of  problem  that  is  associated  with  the  large  density  differences  generated 
by  combustion. 


More  important  than  the  direct  density  effects  on  mixing 
are  the  effects  of  the  s'  .tic  pressure  gradients  that  are  generated  in  SCRA.MJET 
combustors.  The  combustion  process  in  a  constant  area  duct  results  in  a 
pressure  rise,  The  e'fect  of  this  static  pressure  rise,  as  described  in  the 
last  section,  is  to  change  the  flow  velocities  and  also  the  momentum  defect. 
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The  result  is  a  large  increase  in  the  mixing  rate  for  combustor*  that  have 
large  pressure  rises  early  in  the  combustion  process. 

One  important  intluence  of  Mach  number,  may  be  associated 
with  Its  effect  on  the  rate  of  static  pressure  rise.  At  very  high  burner  inlet 
Mach  numbers,  oblique  shock  waves  may  require  long  axial  distances  to 
transmit  pressure  disturbances  across  the  burner.  The  beneficial  effects  of 
pressure  rise  on  mixing  may  be  delayed  at  high  Mach  number*.  The  other 
effects  of  Mach  number  either  through  density  effects  or  due  to  interaction 
with  a  static  pressure  field,  are  properly  treated,  in  the  wake  equations  with 
the  momentum  defect  adjusted  as  indicated  in  the  last  section  on  pressure 
grTidients . 


6J _ The  Eight  Iniector  Configuration 

A  fourteen  (14)  hole  normal  injector  was  selected  for 
incorporation  into  a  comoustor  design,  having  a  total  of  eight  wall  injectors, 
for  testing  in  the  arc  tunnel.  This  injector,  configuration  4  in  the  pene¬ 
tration  work,  was  labeled  Injector  "G"  when  incorporated  into  arc  tunnel  com¬ 
bustor  hardware. 


From  Figure  61,  the  predicted  mixing  efficiency  for  the 
two-dimensional  model  of  this  configuration  is  80%.  This  is  for  an  equivalence 
ratio  of  1  0,  and  a  combustor  length  of  ten  (L/D)'*.  This  corresponds  to  a 
nearly  uniform  f/a  profile  in  a  two-dimensional  region.  However,  if  the  jets 
are  actually  two-dimensional  sources,  then  the  f/a  in  the  round  combustor 
will  tend  to  decrease  toward  the  outer  wall.  This  was  experimentally  observed 
in  some  arc  tunnel  tests.  Figure  62  shows  three  constructions  to  illustrate 
this  three-dimensional  problem.  First  the  carbureted  region  is  shown  uniform. 
Then,  the  fuel  is  distributed  inversely  proportional  to  the  radius  in  the  car¬ 
bureted  region.  Finally  a  construction  of  mixing  toward  the  centerline  is  added. 
This  final  construction  was  made  assuming  that  fuel  mixed  toward  the  center  of 
the  duct  from  the  carbureted  region  at  a  rate  consistent  wilh  the  two-dimensional 
jet  mixing.  The  lean  center,  prominent  in  all  of  the  constructions,  was  a 
significant  feature  in  many  of  the  measured  f/a  profile*  in  arc  tunnel  combustor 
tests.  The  presence  of  the  wall  and  the  shear  gradients  in  the  wall  boundary 
layer  should  have  a  significant  affect  on  the  mixing  in  the  outer  region,  however, 
no  effort  was  made  in  this  study  to  treat  the  mixing  due  to  the  wall  shear. 

Figure  63  shows  the  calculated  penetration  for  a  set  of  cycle 
data  f  r  a  Mach  6-  12  vehicle.  This  particular  vehicle  for  which  the  curve 
was  obtained,  required  a  cooling  equivalence  ratio  of  2  21  for  cooling  at 
M  12.  The  calculated  penetration  from  equation  14  shows  that  the  penetration 
remained  almost  constant  over  the  entire  mission.  Obviously,  this  greatly 
simplifies  the  problem  of  opti.mizing  penetration  for  all  flight  speeds  The 
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ef^^ect  on  fuel  penetration  of  the  increasing  velocity  of  the  freestream  with 
increasing  flight  Mach  number  is  approximately  comipensated  by  either  the 
fuel  velo  ity  Increase  due  to  increased  fuel  temperature  or  at  high  flight 
speeds  by  the  equivalence  ratio  increase  required  to  maintain  the  maximum 
permissible  temperature. 

A  Mach  b-12  vehicle  requiring  only  an  equivalence  ratio  of 
1.  5  at  Mach  12  for  cooling,  would  have  a  penetration  the  same  as  in  the  Mach 
6  arc  tunnel  tests,  Z  -  .  7R.  Fuel  jets  in  arc  tunnel  tests  with  a  total  fuel 
temperature  limited  to  500-550R,  will  penetrate  less  than  .  7R  at  air 
enthalpies  greater  than  M  =  6. 

The  G  ’  injector  is  in  a  constant  area  section  at  the  burner 
inlet  It  IS  instructive  to  examine  the  mixing  efficiency  in  the  short  distance 
from  the  injector  to  the  diverging  portion  of  tie  burner.  In  Fig  re  61,  a 
mixing  efficiency  of  50‘'»  is  given  to  X/D  equals  3.  0.  However,  if  the  pressure 
rise  upstream  of  the  divergence  is  small,  the  mixing  should  proceed  at  the 
slower  rate  predicted  for  sonic  fuel  velocity.  From  Figure  57,  it  requires 
five  times  the  length  to  achieve  the  equivalent  mixing  for  sonic  fuel  velocity, 
this  corresponds  to  a  mixing  efficiency  of  only  25%  in  the  3  (X/D)'s  upstream 

of  the  dive  rgence . 


Figure  64  is  a  mixing  efficiency  performance  map  made 
from  calculations  for  several  over-all  equivalence  ratios.  Lowest  perform¬ 
ance  always  occurs  at  stoichiometric  fuel/air  ratios.  With  rich  mixtures, 
all  of  the  oxygen  is  mixed  with  fuel  before  the  fuel  distribution  becomes  uni¬ 
form  For  lean  mixtures,  it  is  only  necessary  to  mix  the  peaks  below  stoichio¬ 
metric,  not  to  uniformity,  to  achieve  a  mixing  efficiency  of  100%, 

The  real  Its  in  the  figure  were  for  an  assumption  of  zero 
downstream  fuel  momentum  at  the  origin  of  mixing  consistent  with  an  initial 
sonic  downstream  velocity,  followed  by  a  two-to-one  pressure  rise.  The 
location  and  exterit  of  the  pressure  rise  dueto  the  combustion  should  have  an 
important  effect  on  the  mixing  efficiencies  actually  achieved,  lower  mixing 
efficiency  estimates  result  for  constant  pressure  processes. 

2.  Arc  Tunnel  Combustor  Tests 


a_^; _ Experimental  Technique 

1 ) _ The  Arc  Tunnel 

The  tests  reported  herein  were  performed  on  water-coo'ed 
heavyweight  supersonic  combustor  models  assembled  into  the  Hypersonic  Arc 
Tunnel,  located  in  AFTD  Cell  2  at  the  Evendale  Plant.  A  description  of  the 
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facility  follows: 


aj _ Combustor  Inlet  Air  Supply 

Air  for  combustion  tests  was  compressed  by  a  piston- 
type  air  compressor  and  stored  in  pressure  tanks.  The  compressor  was  rated 
100  scfm  (.  123  pps)  at  3100  psi  output  pressure.  The  tanks  contained  3000 
pounds  of  air  at  3000  psi({  pressure.  A  portion  of  this  air  was  used  for  pumping 
the  remainder,  and  was  not  available  to  the  combustor.  The  fraction  of  air 
available  for  test  was  dependent  upon  the  flow  rate  required  and  the  combustor 
inlet  total  pressure. 


The  airflow  rate  was  controlled  automatically  by  a 
pressure  regulator  which  maintain^'cl  a  pre-set  pressure  upstream  of  two 
venturi  flowmeters  sized  for  choked  flow  at  their  throats.  The  air  from  the 
two  venturie  was  delivered  to  two  air  injection  points  on  the  air  heater  by 
electrically  insulating  flexible  hoses.  The  flow  split  through  the  two  systems 
was  fixed  by  the  relative  size  of  the  venturis.  Piping  was  sized  for  a  maximum 
flow  rate  of  four  pounds  per  second. 

bl _ Air  Heater  Power  Supply 

Electrical  power  for  the  arc  air  heater  was  drawn 
from  the  commercial  source  through  a  three  phase  autotransformer  having  a 
power  capacity  of  25,  700  KVA  for  15  minutes.  Output  voltage  to  ground  for 
each  phase  could  be  regulated  from  zero  to  4000  volts.  Output  current  capacity 
was  a  function  of  voltage  setting,  with  a  maximum  of  4350  amperes  per  phase 
at  the  2000  volt  setting.  Voltage  regulation  was  accomplished  by  a  mechanism 
which  varied  the  location  of  the  autotransformer's  secondary  taps.  A  coarse 
control  changed  the  output  voltage  in  400  volt  steps  over  the  entire  4000  volt 
range,  and  could  only  be  actuated  with  no  current  flowing.  A  verrier  control 
provided  12.  5  volt  steps  over  a  400  volt  range,  and  could  be  changed  during 
ope  ration. 


Circuit  breakers  interrupted  power  to  the  transformer 
when  the  electrical  system  became  overloaded  or  unbalanced. 

Arc  ballast  was  provided  by  a  reactor  coil  in  series 
with  the  arc  gap  in  each  phase.  The  inductance  of  each  coil  could  be  changed  by 
manually  connecting  the  power  cable  to  one  of  six  coil  taps  provided.  Inductive 
reactance  from  .  352  to  1.  73  ohms  was  available.  The  function  of  the  arc 
ballast  was  to  limit  the  current  when  the  arc  gap  resistance  was  low,  and  to 
allow  high  gap  voltage  when  the  resistance  was  high  (as  when  the  arc  was  ex¬ 
tinguished)  The  latter  function  is  particularly  important  in  alternating  current 
arcs,  as  the  arc  is  extinguished  and  must  be  re-struck  twice  during  each  lurrent 
cycle.  Note  that  the  reactor  coil  dissipated  little  power,  but  reduced  the  power 
factor  considerably. 
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cj _ Air  Heater 

Combustion  air  was  heated  by  dissipation  of  electrical 
energy  in  an  arc  within  the  air  stream.  By  this  method,  a  continuous  flow  of 
air  could  be  heated  to  temperatures  above  the  melting  points  of  structural 
materials.  The  construction  of  the  air  heater  is  shown  schematically  in 
Figure  65.  The  air  heater,  partly  disassembled,  is  visible  in  Figure  66. 

The  arc  was  struck  within  a  cavity  termed  the 
"arc  chamber”,  encloseo  by  a  stainless  steel  pressure  vessel  designed  for 
1500  psi  pressure  and  conforming  to  the  ASME  Boiler  Code.  The  vessel  was 
cylindrical,  24  inches  inside  diameter,  and  was  3  1  inches  long.  One  end  was 
c'osed  by  an  integral  head  having  an  opening  in  its  center  into  which  was  fitted 
the  hot  air  exit  nozzle.  The  opposite  end  was  flanged,  and  was  closed  by  a 
41  inch  OD,  six-inch  thick,  bolted  blind  flange,  termed  the  '"end  closure”,  on 
which  were  mounted  the  arc  electrodes  and  air  inlet  fittings.  The  pressure 
vessel  was  protected  from  the  hot  air  within  it  by  close-wound  helical  coils  of 
one-inch  copper  tubing  through  which  water  was  pumped  at  high  velocity  The 
end  closure  was  similarly  protected  by  a  water-cooled  fabricated  copper  liner. 

Three  identical  sets  of  arc  electrodes  were  mounted 
within  the  arc  chamber,  projecting  from  the  end  closure  as  shown  in  Figure  65 
Each  set  consisted  of  a  center  electrode  and  an  outer  ground  electrode.  The 
center  electrode  consisted  of  a  copper  disc  0.  ?  inches  thick  and  3.  0  inches  in 
diameter,  mounted  on  a  1  5  inch  diameter  support  poat.  The  support  post 
passed  through  the  end  closure  and  was  electrically  insulated  from  the  closure. 
To  each  center  electrode  post  was  connected  one  of  the  three  power  cables  from 
the  three-phase  electrical  power  supply.  Within  the  post  were  passages  carry¬ 
ing  air  and  cooling  water.  The  cooling  water  circulated  through  passages 
within  the  rim  of  the  center  electrode  disc.  The  air  was  injected  into  the  arc 
chamber  through  holes  drilled  diagonally  through  the  boron  nitride  insulating 
sleeve. 

In  addition  to  the  air  inje-ted  through  the  center 
electrode  insulators,  additional  "by-pass'  air  could  be  injected  through  the  end 
closure  into  the  space  between  the  pressure  vessel  and  its  cooling  coil.  This 
air  entered  the  arc  chamber  by  bleeding  between  the  turns  of  t^e  coil. 

The  ground  electrode  was  a  water-cooled  copper  .mg 
positioned  concentrically  around  the  center  electrode  disc.  The  diameter  of 
the  ring  determined  the  arc  gap,  wh-ch  was  varied  to  suit  the  arc  chamber 
pressure  and  power  level  The  ring  was  attached  by  two  tubular  supports  to  the 

end  closure  and  was  electrically  grounded  to  the  closure. 
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The  arc  waa  atruck  acroaa  the  annuJar  gap  between 
the  center  and  ground  electrodea.  The  intenaity  of  the  arc  waa  auch  that,  had 
the  arc  been  allowed  to  remain  atationary,  the  electrode  material  would  have 
been  consumed  within  aeconda,  deapite  the  vigoroua  water-cooling.  Electrode 
life  was  ex^'nded  by  forcing  the  arc  to  rotate  around  the  annular  gap.  Each 
point  on  the  electrode  surface  waa  thua  expoaed  to  the  arc  column  only  for 
brief  instanta.  Rotation  of  the  arc  column  waa  accompliahed  by  eatablishing 
a  powerful  magnetic  field  within  the  arc  chamber,  oriented  parallel  to  the  axes 
of  the  electrodes.  Since  the  current  flow  through  the  arc  column  was  radial, 
hence  perpendicular  to  the  field,  a  force  was  exerted  on  the  arc  column  in  a 
direction  perpendicular  to  both  the  field  and  the  current.  The  force  caused 
the  arc  to  rotate  about  the  annulus.  The  magnetic  field  was  generated  by  a 
water-cooled  D.  C.  coil  outside  of  the  pressure  vessel.  To  prevent  distortion 
of  the  field,  only  non-magnetic  structural  materials  were  used  in  and  about 
the  air  heater. 


Electrode  life  was  normally  in  excess  of  ten  minutes, 
depending  upon  power  level  and  chamber  pressure.  Contamination  of  the  air 
stream  by  electrode  material  was  very  low,  about  .05  piercent.  Electrode 
failure  was  evidenced  by  the  appearance  of  small  holes  in  the  electrode  cooling 
water  passages.  When  the  hot  air  pressure  was  less  than  the  cooling  water 
pressure,  water  was  sprayed  directly  into  the  arc  column,  extinguishing  the  arc 
without  further  damage.  Had  the  arc  chamber  pressure  been  higher  than  the 
water  pressure,  hot  air  would  have  entered  the  cooling  water  passages,  causing 
catastrophic  damage  to  electrode  supports  and  the  end  closure.  As  the  maximum 
cooling  water  supply  pressure  available  was  700  psi,  the  arc  chamber  pressure 
was  limited  to  500  psi  by  this  consideration. 

The  electrical  voltages  used  were  insufficient  to 
strike  an  arc  with  cold  air  in  the  arc  gap.  Starting  was  accomplished  by 
bridging  each  gap  witii  a  stainless  steel  fuse  wire.  The  initial  surge  of  current 
vaporized  the  ware,  eatablishing  a  conductive  path  for  the  ar^..  The  normal 
restrike  that  occuried  at  the  beginning  of  each  current  alternation  was  easily 
accomplished,  as  ionized  gases  remained  in  the  gap  from  the  previous 
alternation.  Starting  was  accomplished  with  reduced  airflow.  Full  airflow  was 
established  ten  to  fifteen  seconds  after  ignition. 

dj _ F uel  Supply 

Gaseous  hydrogen  fuel  was  supplied  to  the  combustor 
from  transp>ort  trailers  through  two  parallel  systems  each  capable  of  delivering 
0  15  pounds  per  second  at  1500  psi.  Flow  control  was  accomplished  by  dome- 
loaded  pressure  regulators  which  maintained  a  pre-set  pressure  upstream  of 
standard  thinplate  orifice  flowmeters.  On-off  control  was  provided  by  electro- 
pneumatically  actuated  ball  cocks. 
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Parillel  iystfmn  permitted  nitrogen  to  be  substituted 
for  the  hydrogen  flow  for  purging  or  for  non-burning  combustor  operation. 

An  automatic  switching  system  normally  started  the 
hydrogen  flow  when  full  air  had  been  established.  This  system  could  be 
overridden  when  necessary.  An  interlock  stopped  the  hydrogen  flow  when  the 
arc  power  was  interrupted. 


e) _ Exhaust  System 

The  combustor  exit  stream  was  dumpted  abruptly  into 
a  large  rectangular  chamber,  about  four  feet  square,  shown  in  Figure  66. 

The  burner  exit  instrument  rake  was  mounted  through  the  roof  of  this  chamber. 

A  movie  camera  observed  the  burner  exit  stream  through  windows  in  the  chamber 
side  walls.  The  chamber  walls  were  heavily  constructed  of  stainless  steel, 
and  were  uricooled. 


Any  fuel  not  consumed  in  the  combustor  was  burned 
in  the  dump  chamber  as  the  kinetic  energy  of  the  jet  from  the  combustor  was 
dissipated.  To  assist  this  purging  action,  secondary  air  was  drawn  from  the 
shop  air  supply  and  injected  into  the  dump  chamber  through  a  distributor  pipe. 
The  combustor  could  be  operated  at  equivalence  ratios  up  to  about  1.  2  without 
discharging  unburned  hydrogen  to  the  exhausters. 

From  the  dump  chamber,  the  exhaust  gases  flowed 
through  a  large  pipe  to  the  exhaust  cooler.  The  pipe  was  27.6  inches  in 
diameter  for  12  feet,  then  enlarged  gradually  to  the  ten  foot  diameter  of  the 
exhaust  tool*  r.  The  cooler  was  a  she  11  -  and -tube  heat  exchanger  capable  of 
transferring  9000  BTU/sec  of  heat  to  its  cooling  water. 

The  cooled  gases  were  pumped  to  the  atmosphere  by 
multiple  stages  of  mechanical  compression  followed  by  a  steam  ejector.  The 
functions  of  the  steam  ejector  were  to  assist  the  mechanical  compressors,  to 
maintai.n  the  entire  system  at  subatmosphe  ric  pressure  to  avoid  release  of 
nitrogen  dioxide  through  seal  leakage,  and  to  dissolve  the  nitrogen  dioxide, 
preventing  formation  of  a  frightful  brown  cloud  at  the  exhaust  stack.  The 
exhaust  system  was  capable  of  maintaining  the  dump  chamber  pressure  at 
less  than  3  psia  at  the  maximum  facility  flow  rates. 


Combustor  Hardware 


Combustor  Inlet  Air  Nozzles 


The  arc  heated  air  was  expanded  to  supersonic 
velocity  and  delivered  to  the  combustor.  This  was  accomplished  by  one  of  two 
water-cooled  axisymmetric  conve  rging -dive  rging  nozzles  c  lose -coupled  to  the 
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air  heater.  One  of  these  nozzles  is  depicted  in  Figure  65. 

The  nozzles  used  for  these  tests  had  an  exit  diameter 
of  3.  0  inches,  and  were  contoured  to  provide  a  uniform  exit  flow.  The  ratio  of 
exit  area  to  throat  area  was  3.  86  for  nozzle  "A"  and  '’.00  for  nozzle  "B”,  pro¬ 
viding  exit  Mach  numbers  of  approximately  2.7  and  3,2  respectively,  varying 
slightly  with  the  enthalpy  level  for  each  test.  Current  engine  cycles  show  burner 
inlet  Mach  numbers  of  2.  7  and  3.  2  at  flight  speeds  of  Mach  6,  7  and  7.  7, 
respectively. 


The  nozzle  contours,  est.ibiished  by  the  method  of 
characteristics  are  tabulated  in  Table  III  and  IV.  No  correction  for  boundary 
layer  was  made.  The  boundary  layer  was  calculated  by  the  technique  of 
Henderson  (Reference  15  ), which  predicted  a  displacement  thickness  of  0.  03 
inches  for  nozzle  A  sufficiently  small  to  be  neglected. 

The  nozzle  walls  were  constructed  of  beryllium  copper, 
this  material  providing  a  reasonable  compromise  between  high  strength  and 
high  thermal  conductivity.  Wall  thickness  was  .06  inches.  The  walls  were 
cooled  by  an  axial  flow  of  high  pressure  water  over  the  outer  surface.  Water 
velocity  at  the  nozzle  throat  was  110  feet  per  second. 

bj _ Fuel  Injectors 

The  fuel  injectors  employed  for  these  tests  were  of 
two  types:  step  injectors  and  cylindrical  injectors. 

The  step  injectors,  shown  schematically  in  Figure  67, 
were  denoted  as  injectors  "E",  "F",  and  "J".  All  were  similar  in  that  they 
were  of  circular  cross  section,  had  flanged  ends  9.0  inches  apart,  and  were 
water-cooled.  Their  outer  casings  were  of  stainless  steel,  their  flanges  of 
monel,  and  their  inner  liners  of  copper.  Heated  air  at  superao  nic  velocity 
entered  one  end,  having  a  3.  0  inch  diameter  bore.  Fuel  and  air  flowed  out 
through  the  opposite  end,  which  had  a  4.  75  inch  bore.  Inlet  and  exit  bores  were 
concentric.  The  increase  in  bore  diameter  occurred  in  a  single  step  located 
part  way  through  the  injector.  The  injectors  differed  in  the  location  of  the  step, 
and  in  the  method  of  fuel  injection 

In  injector  "E",  the  step  was  located  6.  0  inches 
from  the  exit  end.  Approximately  0.  75  inches  aft  of  the  step,  four  pedestals 
1.  0  inches  in  diameter  protruded  radially  inward  from  the  4.  75  inch  bore  to 
the  height  of  the  step  as  shown  in  Figure  68.  These  were  oriented  at  the  3, 

6,  9  and  12  o'clock  positions.  The  fuel  nozzles  were  located  in  the  radially 
innermost  surfaces  of  the  pedestals.  The  exit  of  each  nozzle  was  rectangular, 

0  03  1  inches  wide  and  0.  31  inches  long  set  flush  with  the  surface  of  the 
pedestal,  as  shown  in  Figure  69.  The  long  axis  was  oriented  parallel  to  the 
airflow.  The  fuel  was  directed  radially  inward,  perpendicular  to  the  airflow. 
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TABLE  IV:  WALL  CONTOURS,  NOZZLE  '  B' 


1.  13  RAD 


X 

X 

IN. 

IN. 

0 

.5670 

.310 

.6105 

.323 

.6140 

.386 

.6325 

.487 

.6630 

.577 

.6915 

.618 

.7050 

.645 

.7135 

.671 

.7215 

.675 

.7230 

1.078 

.8470 

1.325 

.9180 

1.620 

.9960 

1.775 

1.0340 

2.228 

1.1335 

2.643 

1.2105 

2.902 

1.2525 

3.591 

1.3435 

3.638 

1.3485 

4.422 

1.4195 

4.708 

1.4385 

5.260 

1.4665 

6.005 

1.4890 

7.053 

1.5000 
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The  fuel  nozz'es  were  converging-diverging,  of  constant  length,  but  having 
a  throat  width  of  0.  019  inches. 

The  step  of  the  injector  "F"  was  located  only  4.  25 
inches  from  the  exit  end.  The  fuel  nozzles  were  similar  to  those  of  injector 
"E".  but  were  set  flush  with  the  3.  0  inch  diameter  bore  1.  2  inches  upstream 
from  the  step.  The  bore  was  thus  left  unobstructed.  Again,  the  fuel  was 
directed  radially  inward  from  four  points  around  the  periphery  of  the  injector. 

The  step  of  injector  "J"  was  located  6.  0  inches 
from  the  exit  end.  Fuel  was  admitted  from  four  small,  irregular  protrusions 
spaced  around  the  periphery  of  the  4.  75  inch  boro,  0.  75  inches  aft  of  the  step. 
The  fuel  nozzles  were  shaped  to  direct  the  fuel  roughly  circumferentially,  in  a 
swirling  manner,  perpendicular  to  the  airflow. 

The  intended  purpose  of  the  step  in  the  wall  of  the 
injectors  was  twofold:  it  provided  a  seat  for  combustion-induced  boundary 
layer  separations,  stabilizing  their  location  and  preventing  their  propagating 
further  upstream  and  it  provided  a  sheltered  region  for  stabilization  of  a  pilot 
flame  to  maintain  combustion  when  conditions  prevented  auto  ignition  of  the 
fuel-air  mixture. 


Five  cylindrical  type  injectors  were  employed. 
These  were  denoted  us  injectors  '  K".  '  G".  "H",  "Hm”,  and  an  "F -type" 
injector  integral  with  Tailpipe  "Q 

Injector  "K"  is  depicted  in  Figure  70.  This 
injector  was  constructed  of  stainless  steel  and  formed  a  "flange".  1.  5  inches 
thick,  which  was  sandwiched  between  the  air  nozzle  and  the  end  flange  of  the 
tailpipe . 


Hydrogen  was  injected  from  an  annular  slot  circling 
the  perimeter  of  the  3.  0  inch  bore.  The  slot  was  oriented  to  direct  the  fuel 
downstream  as  a  film  on  the  tailpipe  wall.  The  slot  had  an  exit  height  of  .  OtO 
inches,  with  a  minimum  height  of  .  024  inches  further  upstream,  so  that  the 
injection  velocity  was  supersonic.  Injector  "K  '  was  cooled  only  by  the  fuel 
flowing  through  it. 

Injectors  "G".  "H'  and  "Hm"  also  formed  "flanges" 
to  be  sandwiched  between  the  air  nozzle  and  tailpipe,  but  were  water-cooled. 

They  were  of  two-piece  construction,  having  an  outer  casing  of  brass  or 
aluminum  and  and  inner  liner  of  copper.  An  injector  liner  is  shown  in  Figure  71 
and  a  casing  in  Figure  72.  Liner  and  casing  were  joined  mechanically  with 
o-ring  seals,  this  method  of  construction  proving  much  more  reliable  than 
welding.  These  injectors  were  all  4.0  inches  long,  and  had  3.0  inch  bases. 
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They  differed  in  the  method  of  fuel  injection. 

Injector  "G"  is  shown  in  Figure  73.  Fuel  was  ad¬ 
mitted  normal  to  the  airfiow  through  112  holes,  .  06  inches  in  diameter, 
drilled  radially  through  the  wall  of  the  3.0  inch  base.  The  holes  were  arranged 
in  eight  rows  of  14  holes  each.  The  axis  of  each  row  was  oriented  parallel  to 
the  airflow.  The  rows  were  spaced  45  degrees  apart  around  the  circumference 
of  the  base.  The  hole  spacing  in  each  row  was  .25  inches. 

Injector  "H"  is  also  shown  in  Figure  73.  Fuel  was 
admitted  through  96  holes,  .06  inches  in  diameter,  arranged  in  eight  rows  of 
12  holes  each.  This  arrangement  was  similar  in  Injector  "G",  except  that 
the  holes  were  drilled  at  an  angle  of  30*  to  the  axis  of  the  base,  so  that  the 
fuel  was  directed  obliquely  downstream. 

Injector  "Hm"  ,  not  shown,  was  a  modification  of 
Injector  "H".  The  modification  was  to  close,  by  brazing,  every  other  hole  in 
every  other  row.  This  injector  thus  contained  72  holes,  arranged  in  four  rows 
of  12  holes  each,  with  .  25  inch  spacing,  separated  by  four  rows  of  six  holes  each, 
with  ,  50  inch  spacing.  The  purpose  of  this  modifcation  was  to  allow  part  of  the 
fuel  to  penetrate  further  than  the  rest,  to  improve  the  initial  distribution. 

Tailpipe  "Q".  described  below,  contained  provisions 
for  mounting  fuel  nozzles  near  its  3.0  inch  diameter  entrance.  These  nozzles 
were  identical  to  those  of  step-type  Injector  "F",  hence  are  referred  to  as 
"F-type"  injectors.  Tailpipe  "Q"  did  not  contain  a  wall  step.  This  arrange¬ 
ment  is  illustrated  in  Figure  73. 


SL 


Tailpipes 


The  fuel  injectors  were  followed  by  one  of  five  mixing 
pipes  or  "tailpipes",  in  which  mixing  and  burning  of  the  fuel  and  air  occurred. 

Tailpipes  "N"  and  "P"  were  used  with  the  step 
injectors,  and  tailpipes  "Q",  "R"  and  "3"  were  used  with  the  cylindrical  in¬ 
jectors.  A  cylindrical  injector  could  be  assembled  to  tailpipe  "N"  or  "P" 
only  by  using  a  step  injector  as  a  transition  piece. 

Tailpipe  "N"  is  shown  schematically  in  Figure  67. 

It  consisted  simply  of  a  24  inch  length  of  water-cooled  flanged  pipe  having  a 
4.  75  inch  diameter  bore.  The  outer  structural  shell  was  fabricated  of  stain¬ 
less  steel,  the  flanges  were  of  monel,  and  the  inner  liner  was  copper.  Tail¬ 
pipe  "N"  is  faintly  visible  beneath  the  tangled  plumbing  in  Figure  74.  Tailpipe 
"P"  ,  not  shown,  was  similar  to  tailpipe  "N",  except  that  is  length  was  12 
inches. 
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Tailpipe  "Q"  is  shown  in  Figure  73.  Its  'ength 
was  33  inches.  It  had  a  3.  0  inch  diameter  bore  at  the  inlet,  and  a  4.  75  inch 
diameter  bore  at  the  exit.  Its  internal  contour  was  a  straight  taper  over  nearly 
its  entire  length,  with  short  (.  75  inch  long)  cylindrical  sections  at  either  end. 

As  explained  above,  tailpipe  "Q"  contained  provisions  for  mounting  "F-type" 
injectors  3.  7  inches  from  the  inlet  end.  Its  construction  was  similar  to  tail¬ 
pipes  '  N"  and  "P".  The  Installation  of  tailpip-  "Q"  shown  in  Figure  75. 

Tailpipe  "R"  is  shown  in  Figure  76.  Its  over-all 
length  was  27  inches  At  the  inlet  end,  it  had  a  3.  0  inch  diameter  cylindrical 
bore  for  a  length  of  3.  0  inches.  At  this  point,  a  wall  step  increased  the  base 
diameter  to  3.  5  inches.  In  the  remaining  length,  a  straight  taper  increased 
the  tore  diameter  to  4.  25  inches  at  the  exit.  Tailpipe  "R"  had  an  outer  casing 
and  end  flanges  of  stainless  steel,  a  copper  liner  with  helical  cooling  water 
passages,  and  a  brass  spacer  between  the  liner  and  casing.  Figure  77  is  a 
photograph  of  the  base  of  tailpipe  "R",  looking  upstream. 

Tailpipes  "N”.  "P”  »nd  "Q"  were  of  welded  con¬ 
struction.  The  monel  flanges  were  welded  to  the  stainless  steel  casings,  and 
the  copper  lircrs  were  welded  to  the  flanges.  In  service,  thermal  expansion 
resulted  in  repeated  flexing  of  the  coppe r-to-monel  welds,  producing  trouble¬ 
some  water  lea  :s.  Tailpipe  "R"  was  assembled  with  mechanical  fasteners 
and  o-ring  seals,  which  allowed  some  movement  of  the  liner  within  the 
casing.  While  more  expensive  to  manufacture,  this  part  was  free  of  water 
leaks . 


Tailpipe  "E"  was  designed  for  use  in  heat  transfer 
Studies  described  in  Volume  HI  of  this  repiort.  It  consisted  of  a  3.  06  inch 
ID  cylinder  18  inches  long,  constructed  entirely  of  stainless  steel  and 
designed  to  be  either  water-cooled  or  air-cooled.  The  base  was  heavily  instru¬ 
mented  with  thermocouples  for  heat  transfer  measurements.  It  is  included 
in  this  list  of  combustor  apparatus  because  some  useful  combustion  information 
was  obtained  from  the  heat  transfer  tests. 

dj _ Combinations  Tested 

The  various  items  of  combustor  hardware  described 
above  were  combined  in  numerous  ways  during  the  course  of  the  experimental 
investigations.  The  code  used  to  describe  an  individual  test  configuration  con¬ 
sists  of  a  letter  representing  the  air  noxrle  used,  followed  by  one  or  more 
letters  designating  the  fuel  injector(s).  and  finally  a  letter  denoting  the  tailpipe. 
For  example:  Configuration  BHN  contained  air  nozzle  "B",  injector  "H", 
injector  "E  '  used  only  as  a  transition  piece  between  the  cylindrical  injector 
and  the  larger  tailpipe,  and  tailpipe  "N".  No  fuel  was  injected  from  injector 
E  when  used  as  a  transition  piece.  Configuration  AGFQ  contained  air 
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Figure  77  -  Tailpipe  R  -  Aft  Looking  Forward 
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nozzle  "A",  injector  "G"  and  tailpipe  "Q"  with  its  integral  "F-type"  injectors. 
Both  injectors  were  active. 

3)  Measurement? 

Pressure  and  temperature  data  were  recorded  in  one  of 
two  ways.  Measurements  requiring  a  continuous  record  were  recorded  by 
two  eight -channel  Sanborn  strip-chart  recorders.  Measurements  requiring 
only  intermittent  sampling  were  printed  on  paper  tape  by  a  digital  recorder. 

The  digital  recorder  was  capable  of  handling  up  to  600  channels  of  data.  Its 
normal  sampling  rate  for  combustion  tests  was  five  readings  per  second. 

Airflow  to  the  combustor  was  metered  by  a  pair  of  critical- 
flow  venturi  meters  fed  from  a  common  plenum.  The  plenum  pressure  was 
fed  to  a  pressure  transducer  and  recorded  by  a  Sanborn  recorder.  The  air 
temperature  was  measured  in  the  vicinity  of  the  flowmeters  by  a  chromel- 
alumel  thermocouple,  and  was  also  recorded  by  a  Sanborn  recorder. 

Hydrogen  flow  was  metered  by  a  Daniel  thin-plate  orifice 
meter.  Upstream  pressure  and  differential  pressure  were  fed  to  transducers 
and  recorded  by  the  digital  recorder.  Hydrogen  temjjerature  was  meas'>red  near 
the  meter  by  a  capped  chromel-rlumel  thermocouple  and  also  recorded  on  the 
digital. 

The  pressure  of  the  air  in  the  arc  chamber  was  measured  at 
a  point  behind  the  helical  cooling  coil.  Pressure  drop  through  the  coil  was 
negligible.  This  pressure  was  recorded  continuously  on  the  Sanborn. 

The  «as  pr-.  isure  at  the  wall  of  the  fuel  injector  and  mixing 
pipe  was  measured  at  numerous  p-^^nts,  located  as  indicated  in  Figure  67,  73 
and  76.  Wall  pressures  were  tapped  through  a  0.  04  or  .06  inch  iiameter  hole 
drilled  cleanly  through  the  combustor  wall.  Each  tap  was  connected  to  one  of 
four  pressure  scanning  valves.  Each  scanning  valve  contained  a  pressure  trans¬ 
ducer  which  was  sequentially  connected  to  each  pressure  tap.  The  scanning 
valves  were  synchronized  with  the  digital  recorder.  In  operation,  the  pressure 
indicated  by  one  of  the  transducers  was  recorded,  then  the  scanning  valve  was 
actuated  to  change  the  transducer  connection  to  the  next  tap.  Each  of  the  four 
transducers  was  recorded  in  turn,  so  that  the  cycle  was  repeated  0.  8  seconds 
later.  The  wall  pressures  were  thus  recorded  at  the  rate  of  five  per  second. 

For  some  tests,  six  to  eight  selected  wall  pressure  taps 
were  connected  directly  to  indi'  idual  pressure  transducers  and  were  recorded 
continuously  on  a  Sanborn  recorder.  This  was  done  to  facilitate  monitoring  of 
combustor  behavior  during  changes  in  test  conditions. 
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Heat  loss  to  the  water-cooled  combustor  walls  was  derived 
from  measurements  of  cooling  water  flow  and  temperature  rise.  Water  flow 
was  measured  by  a  thin  plate  orifice  meter.  The  differential  pressure  was 
recorded  on  the  digital.  Water  temperatures  were  measured  by  chromel- 
alumel  thermocouples  at  the  inlet  and  discharge,  and  were  recorded  on  the 
digital. 


The  combustor  exit  stream  was  surveyed  by  the  gas  sampling 
and  impact  pressure  rake  illustrated  in  Figure  78.  The  rake  was  0.  33  inches 
wide,  and  had  a  wedge-shaped,  sharp  leading  edge  with  a  35  degree  included 
angle.  The  leading  edge  was  constructed  of  copper,  and  was  water-cooled. 
Measurements  were  obtained  through  six  holes  0.  04  inches  in  diameter  spaced 
0.  5  inches  apart  along  the  apex  of  the  wedge.  The  rake  was  oriented  veritically 
in  the  burner  exit  stream,  with  the  leading  edge  approximately  0.6  inches  aft 
of  the  exit  plane.  A  remote-controlled  actuating  mechanism  swung  the  rake 
laterally  to  one  of  four  preset  locations  in  the  stream  or  to  a  fifth  location 
outside  the  stream. 

Connection  to  the  measuring  ports  of  the  rake  was  ntade 
initially  through  about  5  inches  of  0.04  inch  ID  copper  tubing,  followed  by  38 
inches  of  stainless  steel  tubing  of  similar  size  within  the  water-cooled  body  of 
the  rake,  and  finally  through  larger  diameter  tubing  leading  out  of  the  test 
rig.  A  system  of  solenoid  valves  permitted  each  of  the  six  ports  to  be  connected 
to  a  pressure  scanning  valve  to  record  the  impact  pressure,  or  selectively  to 
one  of  four  gas  sampling  bottles.  A  total  of  24  gas  samples  could  be  obtained 
during  each  test.  This  system  is  illustrated  in  Figure  79. 

The  procedure  for  gas  sampling,  at  a  preset  rake  position, 
was  to  first  purge  the  sample  lines.  This  was  accomplished  by  opening  sole¬ 
noid  valves  on  both  sides  of  the  selected  set  of  sample  bottles  to  allow  gas  to 
be  drawn  through  the  lines  and  bottles  by  a  vacuum  pump  for  20  seconds.  The 
downstream  valves  were  then  closed  and  the  bottles  allowed  to  fill  for  10  seconds, 
after  which  the  upstream  valves  were  closed  to  isolate  the  samples. 

Closing  the  upstream  valves  connected  the  rake  ports  to  the 
pressure  scanning  vab'es.  When  the  pressure  had  been  recorded,  the  rake  was 
moved  to  another  position  and  the  procedure  repeated. 

Following  a  test,  the  bottled  gas  samples  were  removed  to 
a  laboratory  and  analyzed  quantitatively  fcr  hydrogen,  oxygen,  nitrogen  and  nitric 
oxide  on  a  dry  basis  by  gas  chromatography,  and  for  nitrogen  dioxide  by  wet 
chemistry.  The  latter  technique  was  to  react  the  sample  with  sulfanilic  acid 
and  measure  the  color  change  of  the  liquid. 
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Figure  78  -  Coabuetor  Exit  Rake. 
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A  special  rake  was  designed  to  permit  the  sample  to  be 
expanded  quickly  to  a  very  low  pressure  before  cooling.  Rubins  and  Rhodes  ^ 

(Reference  16  ).  used  such  a  probe  and  successfully  obtained  samples  from  a 
supersonic  combustion  tone  which  had  combustion  efficiencies  throughout  the 
range  from  0  to  100%,  with  the  efficiency  increasing  as  length  increased  in 
the  experimental  combustion  tone.  Although  these  measured  combustion 
efficiencies,  could  not  be  quantitatively  verified,  the  qualitative  results  were 
very  encouraging.  • 


By  cooling  or  quenching  the  samples  at  the  low  pressures 
in  the  probe,  the  reaction  rates  of  the  three -body  heat-releasing  reactions 
are  suppressed  in  comparison  with  the  faster  two-body  reactions.  It  is 
postulated  that  the  radicals  H,  O  and  OH  are  converted  to  stable  molecules  by 
these  fast  two-body  reactions,  which  release  or  absorb  very  little  ':>eat. 

Figure  80  shows  the  dimensiuns  of  this  quick-quench  probe. 
The  samples  from  this  probe  were  drawn  into  large  ( 1  to  1.  5  liters)  evacuated 
samples  bottles.  The  collected  samples  at  less  than  1  psia  pressure,  were 
then  analyzed  with  the  chromatograph. 

In  addition  to  the  rake  survey  of  the  burner  exit  stream,  a 
traversing  line  reversal  pyrometer  was  also  employed.  This  instrument  is 
fully  described  in  Reference  .  The  sensing  device  was  mounted  on  the 

same  traversing  mechanism  which  held  the  rake,  and  measured  an  average 
stream  static  temperature  along  a  path  parallel  to  the  rake,  1.  75  inches  from 
the  rake  and  1.  2  Inches  from  the  burner  exit  plane. 

4)  Data  Analysis  Procedures 
af _ Types  of  Data 

For  the  tests  reported  herein,  two  diffe^’ent  types  of 
data  were  taken.  Pressure  and  ten.perature  data  from  Sanborn  charts  and 
digital  tapes  were  transposed  Into  tabular  form  as  part  of  the  test  operation. 
This  transposition  operation  also  included  the  conversion  of  thermocouple 
readings  from  millivolts  to  degrees  F  or  degrees  R,  and  the  conversion  of 
pressure  transducer  readings  into  psi  or  psia.  Pressure  and  temperature 
data  were  comprised  of  static  pressure  measurements  within  the  arc  chamber, 
along  the  length  of  the  combustor,  and  in  the  test  chamber  section,  measure¬ 
ments  of  the  pressures  and  temperatures  of  the  air,  hydrogen  and  cooling 
water  flows,  gas  sample  rake  impact  pressure  and  the  dump  chamber  wall 
temperature  and  arc  power  measurements.  In  all,  pressure  and  temperature 
data  comprised  approximately  sightly  measurements  per  reading,  with  each 
reading  corresponding  to  one  set  of  six  gas  samples. 
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Gai  tamplei  taken  with  the  gas  sample  rake  located 
0.6  inches  aft  of  the  combustor  exit  plane  formed  the  second  distinct  series  of 
measurements  that  were  taken  during  an  arc  tunnel  test.  Normally  twenty-four 
individual  samples  were  taken  at  known  locations  in  the  exit  stream.  The  gas 
sampling  positions  were  altered  occasionally  during  the  course  of  the  experi- 
nrxntal  program.  The  locations  of  the  sampling  positions  for  the  various  test 
runs  are  charted  in  Figures  8  1,  82,  83,  84,  85  and  86. 

For  Run  154  and  all  succeeding  tests,  the  gas  samples 
were  first  analyzed  for  NO2  by  wet  chemistry.  In  this  procedure,  the  bottle 
containing  the  gas  sample  was  connected  to  a  second  bottle  containing  a  liquid 
reagent  which  would  change  color  upon  reacting  with  NO2.  The  amount  of 
liquid  in  the  two  bottles  was  adjusted  until  the  pressure  was  atmospheric  and 
the  displaced  liquid  measured  to  determine  the  quantity  of  gas  present.  The 
color  intensity  of  the  liuqid  was  then  measured  to  determine  the  amount  of 
NO2  originally  present  in  the  gas  sample. 

Next,  all  the  gas  samples  were  analyzed  for  O^, 

^2’  ^2  means  of  gas  chromatography.  In  this  opieration  the  con¬ 

centration  of  each  of  these  three  constituents  in  the  sample  was  determined 
through  use  of  a  thermal  conductivity  cell  after  the  sample  had  been  passed 
through  a  molecular  aeive.  tn  addition  to  the  seiv*,  which  was  used  to  separate 
the  constituents  sufficiently  to  allow  the  thermal  conductivity  cell  to  react  to 
each  Individually,  the  sample  was  also  passed  through  a  cold  trap  to  freeze  out 
whatever  water  exists  in  the  same  before  it  entered  the  fractionating  column. 

The  result  of  this  procedure  was  a  set  of  curves  of  the  response  of  the  cell  to 
each  sample  from  which  the  concentration  was  determined  in  a  manner  described 
below.  In  addition  to  traces  corresponding  to  each  gas  sample,  calibrating 
mixtures  were  run  through  the  chromatograph  before  and  aft'  r  each  set  of 
twelve  gas  samples  to  provide  a  consistent  sensitivity  deternrunation. 

bj _ Initial  Data  Reduction 

The  analysis  of  the  data  obtained  from  an  arc  tunnel 
combustion  test  was  a  complex  process  which  required  the  use  of  high-speed 
computers.  Four  separate  computer  programs,  were  written  for  use  in  the 
data  analysis  and  were  used  in  the  reduction  of  the  data  from  the  tests  that  are 
the  subject  of  this  report.  However,  before  the  computer  program  could  be  used 
a  certain  amount  of  hand  analysis  of  the  data  was  both  necessary  and  desirable. 

From  the  pressure  and  temperature  data,  the  input 
air  and  fuel  flows  were  calculated,  as  well  as  the  over-all  equivalence  ratio 
and  the  approximate  air  enthalpy,  from  which  the  simulated  flight  Mach  number 
of  the  tests  was  determined.  The  approximate  air  enthalpy  is  obtained  from  a 
relatio.n  developed  in  NASA  TN  D  2132  (Reference  18)  suitably  modified  to 
fit  the  relatively  narrow  range  of  conditions  encountered  in  these  tests.  The 
NASA  relation,  suitable  over  a  wide  variety  of  condu;ons,  ia 
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W  _  280 

A*P,  -  ^.  397  ^ 

where  W  is  the  airflow  rate  in  pps,  A*  the  nozzle  throat  area  in  square  feet, 
the  air  stagnation  pressure  in  stmospheres  and  h^  is  the  air  enthalpy, 

Btu/lbm.  For  the  conditions  of  these  tests,  it  was  found  that  a  more  accurate 
representation  is  given  by: 

» 


W 

A+Pj 


425 


457 


for  nozzle  "A" 
and 


W 

A*P. 


388 

.  .444 


for  nozzle 


"B" 


Further,  the  static  pressure  distribution  along  the  length  of  the  combustor 
was  plotted  directly  from  data  supplied  by  the  digital  recorder. 

In  the  gas  sample  analysis,  point  equivalence  ratios 
and  mole  fractions  of  each  sample  point  were  hand-calculated  directly  from 
the  gas  analysis  output  sheets  and  charts.  As  mentioned  above,  before  each 
set  of  twelve  gas  samples  was  run  through  the  chromatograph,  a  calibration 
mixture  of  hydrogen,  oxygen  and  nitrogen  of  known  composition  and  total 
pressure  was  tested,  and  the  output  of  the  thermal-conductivity  cell  recorded. 
Since  the  composition  and  total  pressure  of  the  mixture  was  known,  the  partial 
pressure  of  each  component  was  known,  and  from  this  and  the  peak  output  of 
the  thermal  conductivity  cell,  the  "sensitivity"  ci  the  cell  to  each  component 
was  determined.  The  "sensitivity"  was  expressed  as  mm  (partial  pressure) 

/  div  (T.  C.  C.  output)  and  was  determined  for  several  different  mixture  total 
pressures.  The  resulting  data  were  used  to  develop  sensitivity  curves  which 
were  then  used  in  analysis  of  the  test  samples.  Since  the  calibrating  mixture 
used  contained  less  hydrogen  than  the  average  sample,  a  special  pure  hydrogen 
calibration  was  made  for  an  additional  sensitivity  determination.  Figure  87,  88 
and  89  present  sample  sensitivity  curves  developed  from  test  data  from  Run  110. 

In  the  actual  sample  analysis,  the  contents  of  each 
sample  bottle  at  a  known  pressure  were  passed  through  the  chromatograph. 

Each  constituent  of  a  given  sample  produced  a  specific  output  of  the  thermal 
conductivity  cell,  which  was  recorded  on  a  chart.  Ideally,  the  cell  output  for 
each  component  would  be  a  discrete  curve,  as  shown  schematically  in  Figure  9Ca, 
but  due  to  the  finite  response  time  of  the  cell  and  the  manner  of  separation  of 
the  components  the  output  was  recorded  as  a  smooth  curve.  This  curve  shown 
schematically  in  Figure  90b.  The  peak  of  this  curve  and  the  sensitivity  deter¬ 
mined  the  partial  pressure  and  thus  the  concentration  of  the  component  being 
analyzed.  In  rich  samples  a  further  determination  was  made  before  the  actual 
peak  output  of  the  cell  could  be  measured.  This  determination  was  made 
necessary  by  the  fact  that,  with  a  large  amount  of  hydrogen  present  in  the 
sample,  some  hydrogen  back-diffused  through  the  molecular  seive  resulting  in 
the  peaks  for  the  oxygen  and  nitrogen  curves  falling  on  the  tail  of  the  hydrogen 
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Figure  87  -  Typical  Chroaatograph  Calibration  for  Oxygen. 
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curve,  as  shown  in  Figure  90  c.  A  systematic  correction  waa  developed  and 
used  in  this  test  series  to  allow  for  this  possibility  in  rich  samples.  This 
involved  determining  the  time  taken  for  the  hydrogen  trace  to  return  to  the 
zero  of  the  recording  chart  using  the  hydrogen  sensitivity  curves.  The  result 
of  these  calculations  expressed  as  hydrogen-curve  trace  height/peak  height 
was  plotted  vs.  time  and  used  as  a  systematic  correction  for  the  apparent  peak 
heights  of  the  oxygen  and  nitrogen  traces.  A  sample  curve  is  shown  on  Figure  91. 

Once  the  actual  peak  heights  of  all  constituents  were 
known,  the  concentration  of  hydrogen,  oxygen,  nitrogen  in  each  sample  was 
determined  and  thus  the  point  equivalence  ratio.  The  expression  used  to  obtain 
the  point  equivalence  ratio,  given  the  mole  fraction  of  hydrogen,  oxygen  and 
nitrogen  after  decomposing  any  NO  or  NO2  present  is: 

ER  «  1  +  1.  8638  M.f.  H2  -  2  (M.  f.  O2)  /  m.  f.  N2 

The  derivation  of  this  expression  is  given  in  Colley  and  Kenworthy 
(Reference  2  )  report.  This  process  was  repeated  for  each  sample  point, 

and  the  result  plotted  as  an  exit  equivalence  ratio  profile. 

As  an  aid  to  the  clarification  of  the  above  discussion, 
a  sample  calculation  is  given  below.  Selecting  data  point  5  from  Run  110,  the 
following  data  were  available  from  the  chromatograph  output  chart  and  data 
sheet: 

Sample  pressure  =  420  mm 
H2  divisions  =  837.5 

©2  divisions  =  59.6 

N2  divisions  =  1860 

NO  divisions  =  0 

The  latter  four  pieces  of  data  are  the  peak  heights, 
uncorrected,  of  the  traces  of  H2,  O2,  N2  and  NO  for  data  point  5  appearing  on 
the  chromatograph  chart.  The  absence  of  NO  is  normal  for  a  sample  containing 
O2,  as  NO  oxidizes  spontaneously  at  room  temperature  to  form  NO2.  Measur¬ 
able  quantities  of  NO  were  found  only  in  samples  containing  no  O,.  From  cali¬ 
brating  mixtures,  the  sensitivity  of  the  chromatograph  to  these  three  components 
was  determined  and  is  given  as  Figures  87,  88  and  89.  Since  calibration  for 
oxygen  and  nitrogen  was  made  before  each  set  of  12  samples,  two  curves  appear 
on  the  sensitivity  figures  for  each  of  these  components.  From  the  data  sheet 
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included  with  the  chromitogr*ph  output,  it  w*«  known  that  the  curves  labeled 
0035  are  the  ones  that  correspond  to  data  point  5. 

From  Figure  89,  the  sensitivity  for  H2  st  837,  5 
division  was  found  to  be  .01108.  Multiplying  the  peak  height  of  the  trace  by 
the  sensitivity  and  dividing  by  the  total  pressure  gave  the  mole  fraction  of 
hydrogen  in  the  sample: 


837.  5  X  .  01  108 
420 


.02209 


The  apparent  height  of  the  O2  trace  was  given  by 
the  data  as  59.6  divisions.  From  the  chromatograph  chart,  it  was  found  that 
the  time  lag  between  the  hydrogen  peak  and  the  oxygen  peak  was  0.  53  minutes. 
From  the  previously  determined  hydrogen  tail  curve.  Figure  91,  the  H2  tail 
height  at  this  A  t  was  8.  38  division,  thus  the  actual  oxygen  peak  height  was 
51.22  divisions,  and  from  Figure  87,  the  sensitivity  at  this  point  was  .  13769 
mm/div.  Thus  the  mole  fraction  of  O2  in  the  sample  was  given  by 


41.  22  x  ,  13769 
420 


.01679 


Determination  of  the  mole  fraction  of  nitrogen  in  the 
sample  was  exactly  the  same  as  for  oxygen.  In  this  case  t  =  0.  86  irJn.  ,  the 
hydrogen  tail  height  was  2.09  div.  ,  and  thus  the  actual  nitrogen  peak  height 
was  1857.  9  div.  Using  Figure  88,  the  sensitivity  was  found  to  be  0.  21035. 
Thus,  the  mole  fraction  of  N2  in  the  sample  was: 


1857.9  X  .21035 
420 


=  .93054 


With  the*  mole  fraction  known,  the  equivalence  ratio  was  determined  as; 

ER  =  1  +  1.  8638  |[.  02209  -  2  (.  01679)]  /  .  9305-^=  0.  977 
and  the  initial  gas  analysis  for  point  5  was  complete. 


cj _ Computed  Data 

The  first  use  of  computer  programs  in  the  data 
reduction  procedure  involved  use  of  program  SSCPAI  (see  Appendix  A).  This 
program  was  used  to  compute  the  input  air  and  luel  flows  and  conditions,  and 
by  assuming  an  ideal  combustion  process,  to  compute  an  ideal  burner  nozzle 
thrust. 
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Input  data  for  this  program  were  taken  from  the 
pressure  and  temperature  data  section  of  the  test  output,  and  from  the  hand 
calculated  input  parameters  discussed  above.  Given  the  air  and  fuel  plenum 
conditions  and  flows,  SSCPAI  computed  flow  parameters  such  as  Mach  number, 
impulse,  temperature,  pressure  molecular  ve  ight,  etc,,  at  the  burner  inlet 
plane  for  air  and  fuel  and  for  combined  inputs  at  the  burner  inlet  plane.  This 
was  accomplished  in  the  program,  given  plenum  conditions,  by  computing 
equilibrium  isentropic  expansions  through  area  ratios  that  corresponded  to  the 
actual  physical  air  and  fuel  nozzles. 

Since  the  air  and  fuel  enthalpies  are  known  only 
approximately  from  the  raw  data,  it  was  desirable  to  obtain  more  exact 
values  through  iteration  of  the  program.  This  was  possible  because  SSCPAI, 
given  the  approximate  enthalpy  for  the  air  and  fuel  plenum  conditions,  and 
the  nozzle  area  ratio,  computed  as  part  of  its  procedure  the  nozzle  throat  area. 
Since  this  was  a  physical  nozzle,  throat  area  was  measured,  and  thus  iterations 
were  performed  on  the  enthalpies  until  the  calculated  throat  area  was  identical 
to  the  actual  throat  area  (see  NASA  TND-2132,  Reference  18  ).  In  this  manner 
exact  burner  inlet  conditions  were  calculated. 

The  ideal  combustion  process  was  arbitrarily  defined 
as  a  constant  area,  adiabatic,  frictionless  combustion  process  from  actual 
inlet  streams  to  a  uniform  stream  in  chemical  equilibriut...  If  thermal  choking 
made  the  process  as  defined  above  impossible,  the  combustion  process  was 
redefined  as  a  diverging  area  process  with  wall  pressure  equ?  1  to  terminal 
pressure  and  terminal  velocity  equal  to  sonic  velocity.  Once  the  calculation  of 
either  of  the  two  possible  processes  was  made,  the  ideal  burner  nozzle  thrust 
was  obtained  by  allowing  the  calculated  exit  stream  to  undergo  a  frozen  expansion 
through  a  hypothetical  nozzle.  The  nozzle  exit  area  was  the  same  as  that  used 
to  determine  the  thrust  produced  by  the  test  combustor  under  the  same  inlet 
conditions.  Once  the  thrust  potential  of  the  test  combustor  was  known,  a 
relative  thrust  potential  efficiency  was  obtained. 

The  input  weight  flow  of  air  and  the  iterated  air  and 
fuel  enthalpies  from  program  SSCAl  were  used,  along  with  c'^mposition  deter¬ 
mined  from  the  gas  sample  data,  ^ake  impact  pressures,  and  exit  static 
pressures,  in  program  SSCDR.  the  function  of  tnis  program  was  to  calculate 
stream  composition,  temperature  and  pressure,  exit  Mach  numbers  and  point 
combustion  efficiencies  for  each  gas  sample  point.  A  description  of  the  details 
of  these  calculations  appears  in  Colley  and  Kenworthy  (Reference  2  ).  These 
calculations  were  performed  using  the  following  quenching  process  assumption: 
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1.  No  H2O  ia  formed  during  the  gas  sampling  process. 

2.  OH,  NO,  H,  O  formed  are  in  equilibrium  with  the  H2,  O^, 
N^  present. 


Point  combustion  efficiencies  greater  than  100% 
were  commonly  encountered  It  was  postulated  that  this  was  a  consequence  of 
the  first  assumption  listed  above,  and  that  the  assumption  was,  at  least  in  the 
case  of  rich  samples,  not  entirely  valide.  Thus  a  correction  was  made  during 
the  analysis  which  involved  modifying  the  sample  data.  The  correction  postu¬ 
lated  that  a  certain  amount  of  water  was  formed  during  the  quenching  process 
at  a  lower  temperature  than  that  of  the  sample  stream.  The  amount  formed  was 
estimated  from  the  sample  composition  computed  by  the  CDR  Program,  and 
this  amount  was  analytically  decomposed  into  hydrogen  and  oxygen  which  was 
then  added  to  the  sampled  amounts  of  hydrogen  and  oxygen.  This  procedure 
was  then  iterated  until  the  point  efficiency  was  reduced  to  100%.  In  the  case 
w  here  a  point  efficiency  less  than  100%  was  computed  from  the  initial  data, 
no  correction  was  made. 


A  further  correction  to  the  measuied  gas  sample  for 
the  runs  prior  to  Run  154  involved  a  correction  for  the  NO2  in  the  stream. 

The  presence  of  NO2  was  a  consequence  of  the  operation  of  the  arc  tunnel,  but 
it  was  not  possible  to  measure  this  co.ncentration  using  techniques  available 
xintil  R\in  154.  However,  later  tests  succeeded  in  measuring  the  NO2  levels  at 
various  simulated  Mach  numbers,  and  the  results  of  these  tests  were  applied 
back  to  the  earlier  tests.  Measured  amounts  of  NO  and  NO2  were  analytically 
decomposed  to  N2  and  O2  before  being  input  to  program  SSCdR. 

d] _ Continuity  Check 

With  the  completion  of  the  iteration  on  the  point  com¬ 
bustion  efficiencies,  the  data  available  comprised  the  input  flow  condition 
(from  SSCPAI)  and  the  measured  flows  and  conditions  at  the  burner  exit  (from 
SSCDR).  These  burner  exit  flow  parameters  must,  of  course,  satisfy  con¬ 
tinuity  conditions.  The  measured  gas  sample  points  were  taken  essentially  in 
the  core  of  the  burner  streams,  leaving  an  unprobed  area  around  the  circum¬ 
ference  of  the  burner  duct.  This  unprobed  zone  was  used  to  satisfy  continuity 
conditions  in  the  following  manner. 

To  each  probed  point,  a  portion  of  the  burnir  exit  area 
was  aribtrarily  assigned,  and  property  values  in  each  area  were  assumed  to  be 
constant  at  the  level  of  the  values  at  the  probed  point.  The  sum  of  these  areas 
was  less  than  the  burner  exit  area.  For  each  of  these  areas,  program  SSCPAII 
calculated  flow  parameters  from  the  SSCDR  output  of  temperature,  pressure, 
stagnation  enthalpy  and  composition.  The  fuel  and  airflows  were  then  summed 
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and  the  enthalpy  mass -averaged,  and  these  results  were  compared  with  the 
input  conditions  calculated  as  part  of  program  SSCPAI,  The  difference  in 
these  qaantit.  >;s  was  then  assumed  to  be  satisfied  by  the  properties  of  the 
stream  in  the  unprobed  area. 

An  additional  correction  to  the  measured  data  was 
made  at  this  point.  Since  the  combustor  was  water-cooled,  a  certain  amount 
of  heat  was  lost  to  the  cooling  water  during  the  combustion  process  and  this 
heat  loss  had  to  be  accounted  for.  This  heat  loss  resulted  in  a  enthalpy 
decrease  of  the  burner  exit  stream,  and  was  calculated  from  the  known  cooling 
water  flow  and  temperature  rise.  This  enthalpy  correction  was  also  applied  to 
the  ideal  thrust  calculation  of  program  SSCPAI,  necessitating  an  additional  use 
of  this  program  to  avoid  biasing  the  thrust-potential  efficiency  calculation 
against  the  actual  combustor.  It  is  worth  noting  at  this  point  that  in  an  actual 
engine  design,  the  combustor  would  be  regeneratively  cooled  and  thus  the  heat 
loss  described  above  would  not  occur.  Rather,  the  heat  transferred  to  the  com¬ 
bustor  walls  would  return  to  the  combustor  in  the  fuel  stream. 

The  estimation  of  the  flow  properties  in  the  unprobed 
portion  of  the  stream  was  done  in  this  manner  for  the  following  reasons. 

First,  the  wide  variation  in  flow  parameters  across  the  exit  stream  that  was 
exhibited  in  each  run  made  it  impossible  to  ejrtrapolate  the  known  data  into 
the  unprobed  i  'ea.  Further,  in  three  runs  at  nominally  similar  conditions 
(Run  107,  ilC'  and  111),  no  significant  pattern  was  found.  Thus,  deterr.’’n4»'ti'  n 
of  prop)erties  in  the  unprobed  area  by  other  means  than  k  continuiiy  balan^- 
could  not  be  justified. 


Once  the  properties  of  the  outer  zone,  such  as  air 
and  fuel  flow  rates  and  enthalpies  were  known,  the  composition  was  calculated 
by  assuming  a  pressure  on  the  basis  of  the  known  data  and  using  tables  of 
H2-Air  combustion  data.  This  involved  calculating  the  temperature  of  the 
unpi  obed  stream  (assumed  uniform),  the  known  mass  flow  and  interpolating  in 
the  tables  to  reach  the  correct  temperature  and  equivalence  ratio.  In  the 
early  tests,  these  calculations  and  interpolations  were  made  by  hand;  in  later 
tests,  they  were  incorporated  into  program  SSCPAII. 

e)  Eta-NT 

With  continuity  satisfied  and  the  composition  and 
o'her  properties  of  the  burner  exit  stream  known,  the  "net  thrust  potential"  of 
the  actual  combustor  was  determined.  This  thrust  potential  was  determined 
in  two  ways.  In  both  methods  a  hypothetical  nozzle  was  assumed,  as  for  the 
ideal  burner  nozzle  thrust  calculation.  In  one  method,  each  zone  of  the  burner 
exit  stream  was  expanded  isentropically  with  frozen  compostion  to  a  uniform 
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pressure  at  the  arbitrarily  assigned  total  nozzle  exit  area.  In  the  second 
method  used  the  burner  exit  stream  was  mixed  without  reaction  at  constant 
area  and  the  resultant  mixed  stream  expanded  isentropically  through  the 
nozzle.  These  two  means  of  determining  the  thrust  potential  give  results 
that  vary  by  only  a  few  percent.  The  quoted  performance  figures  wore  derived 
by  the  first  method. 


defined  as 


The  net  thrust  potential  efficiency,  ^  was 

IV  A 


nozzle  exit  irr.pulse  -  engine  inlet  Impulse 
NT  ideal  engine  net  thrust 


For  this  calcu  ation,  the  nozzle  exit  impulse  was 
obtained  from  the  thrust  calculation  for  the  actual  burner  as  made  in  program 
SSCPAIl  while  the  ideal  nozzle  exit  impulse  was  obtained  from  program  SSCPAI. 
The  engine  inlet  impulse  was  computed  from  the  burner  inlet  stream  of  program 
SSCPAI,  using  equations  of  continuity  of  mass  and  energy.  As  here  defined, 
£ta-NT  relates  the  calculated  performance  of  the  actual  burner  to  that  of  an 
arbitrarily  defined  ideal  burner. 

Th?  next  step  in  the  data  analysis  procedure  was  to 
evaluate  the  over-all  combustion  efficiency,  H  .  This  combustion  efficiency 
calculation  related  the  data  for  the  actual  burnerto  a  cycle -defined  combustion 
efficiency  which  itself  is  defined  essentially  in  terms  of  an  enthalpy  loss.  For 
this  calculation,  the  combustor  exit  flow  was  considered  as  a  single  stream. 
Using  the  appropriate  analytical  expression  for  the  effect  of  combustor  efficiency 
as  total  enthalpy, 

(ht)  =  \  -  (  1-  U  )  f  (LHV)  /  (i  +  f) 


where 

h(  =  stagnation  enthalpy,  Btu/lbm 
^  =  combustion  efficiency 

LHV  =  51,600  Btu/lbm 

f  =  fuel/air  ratio 
f’  =  fforf_<  .0291618 
f’  =  .  0291618  for  f  >  .  0291618 

the  enthalpy  of  this  single  stream  was  calculated  for  various  Program 

SSCCKO  was  then  used  to  determine  the  composition,  temperature,  and  pressure 
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of  a  aingle  gtream  at  enthalpy  value*  correaponding  to  various  U  After 

the  compotion  and  properties  were  calculated,  the  resulting  data  were  used 
in  Program  SSCPAII  to  calculate  the  nozzle  exit  impulse  corresponding  to 
various  combustion  efficiencies.  With  the  nozzle  exit  impulse  of  the  actual 
burner  known  from  the  thrust-potential  calculation,  the  combustion  efficiency 
at  the  test  conditions  was  determined  as  that  producing  the  same  impulse  as 
the  actual  combustor. 


The  final  series  of  calculations  made  as  part  of  a 
normal  data  reduction  procedure  involved  the  hand-calculation  of  the  wall 
shear  stress,  skin  friction  coefficient  and  wall  force  factor  of  the  actual  com¬ 
bustor  under  test  conditions.  These  calculations  used  data  from  all  four  data 
reduction  programs  and  also  r&w  data  from  the  test  cell  data  sheets  and  com¬ 
pleted  the  data  reduction  procedure. 

b.  Test  Resultc  for  Performance 


1)  Step  Combustors 

a] _ Configuration  AEN 

Thirteen  test*  in  which  nozzle  A  and  Injector  E  were 
employed  produced  useful  data.  Nozzle  A  provided  a  burner  inlet  Mach  number 
of  about  2.  7,  corresponding  to  the  engine  cycle  at  flight  Mach  6.  7. 

Plotted  in  Figure  92  are  combustor  wall  pressures 
measured  at  various  stations  along  the  length  of  the  combustor.  Test  conditions 
include  various  burner  equivalence  ratios.  The  enthalpy  levels  are  relatively 
low,  typical  of  flight  Mach  numbers  in  the  range  5.  2  to  6.  0.  With  no  fuel 
flowing,  the  pressures  were  at  a  relatively  low  level,  especially  in  the  wake  of 
the  step.  Equivalence  ratios  up  to  about  0.20  produced  pressures  little  different 
from  the  no-fuel  case,  indicating  little  or  no  combustion.  Higher  equivalence 
ratios  produced  pressvires  much  higher  than  the  no-fuel  level.  The  step  wake 
pressure  increased  with  increasing  equivalence  ratio.  Step  wake  pressures 
nearly  twice  the  inlet  static  pressure  were  attained  with  no  apparent  effect  on 
the  inlet  stream.  Pressure  increased  still  more  downstream  of  the  step, 
characteristically  reaching  a  plateau  along  the  length  of  the  mixing  pipe,  then 
falling  somewhat  toward  the  burner  exit. 

At  none  of  the  enthalpy  levels  shown  in  Figure  92  did 
ignition  of  the  burner  occur  with  a  low  pressure  in  the  dump  chamber  behind 
the  combustor.  When  fuel  was  admitted  with  a  dump  chamber  pressure  of  say, 

3  psia  the  pressures  in  the  combustor  remained  at  the  no-fuel  level.  Movies 
of  the  burner  exit  confirmed  no  combustion.  When  the  dump  chamber  pressure 
was  increased  to  about  10  psia,  the  burner  pressures  rose  to  the  higher  levels. 
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When  the  equivalence  ratio  wai  greater  than  about 
0.  29,  the  burner  would  remain  lit  when  the  dump  chamber  pressure  was  re¬ 
duced.  Gas  samples  drawn  from  the  step  wake  region  indicated  little  fuel  in 
the  wake  with  burner  pressures  at  the  lower  level. 

Similarly  plotted  in  Figure  93  are  combustor  wall 
pressures  at  higher  enthalpy  levels,  typical  of  flight  Mach  number  of  7.8  to 
8.0.  At  equivalence  ratios  below  about  0.7,  the  step  wake  pressure  was  low 
and  nearly  independent  of  equivalence  ratio.  The  pressures  downstream  from 
the  step  increased  gradually  along  the  length  of  the  mixing  pipe.  As  equivalence 
ratio  was  increased  above  0.  7,  the  step  wake  pressure  increased  and  the 
pressures  downstream  assumed  the  peaked  characteristic  of  the  lower  enthalpy 
levels. 


At  stagnation  enthalpies  above  about  1200  Btu/lbm, 
burner  ignition  occurred  spontaneously  at  all  equivalence  ratios,  even  with  low 
dump  chamber  pressure. 


Six  of  the  tfests  produced  burner  exit  surveys 
sufficiently  complete  to  permit  full  analysis  of  burner  performance.  The  test 
conditions  and  the  derived  perfornrunce  parameters,  are  tabulated  in  Table  V, 
Combustion  efficiencies  were  generally  high.  Wall  friction  and  step  base  drag 
were  major  contributors  to  the  over-all  performance  deficit.  Net  thrust 
potential  was  in  the  range  .  76  to  ,  84  at  the  lower  enthalpy  levels,  falling  to 
.  49  to  .  73  at  the  higher  enthalpies. 

Figures  94  through  99  show  contours  of  Mach  number 
and  equivalence  ratio  derived  from  rake  surveys  in  the  burner  exit  plane.  All 
plots  are  drawn  looking  upstream.  Arrowheads  at  the  perimeter  of  the  stream 
indicate  the  circumferential  location  of  the  fuel  injectors.  The  eighth-segment 
maps  were  plotted  by  averaging  equivalence  ratio  measurements  at  points 
similarly  located  with  respect  to  the  fuel  injectors. 

Figure  96  !■  typical  of  conditions  of  high  equivalence 
ratio  and  low  enthalpy,  characterized  by  wall  pressures  high  in  the  step  wake, 
rising  to  a  higher  plateau  further  downstream,  then  diminishing  slightly  toward 
the  burner  exit.  The  tests  conditions  of  Figure  91  correspond  to  those  of  curveO 
of  Figure  92.  The  local  equivalence  ratios  in  the  burner  exit  plane  were  cir¬ 
cumferentially  uniform  but  were  lean  in  the  center  of  the  stream  and  rich  near 
the  walls.  The  Mach  numbers  are  seen  to  be  highest  in  the  lean  regions  of  the 
stream.  The  density  in  these  regions  is  also  higher  than  in  the  rich  regions, 
due  to  the  lower  temperature  and  higher  molecular  weight  in  the  lean  regions. 
The  lean  regions,  therefore,  contain  mass  flows  disproportionately  higher  than 
their  relative  areas. 
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TABLE  V  -  SUMMARY  OF  TEST  RESULTS  -  STEP  BURNERS 


Run  Number 
Configuration 

104 

AEN 

107 

AEN 

110 

AEN 

111 

AEN 

117 

AEN 

126 

AEN 

128 

AFN 

Air  Stagnation 
Enthalpy, 

1328 

963 

906 

870 

598 

1314 

773 

Simulated  Flight 

Mach  Number, Mp(l) 

8.1 

6.8 

6.6 

6.4 

5.2 

8.1 

6.0 

Burner  Inlet  Mach 
Number, M2 

2.71 

2.75 

2.76 

2.76 

2.80 

2.72 

2.78 

Burner  Inlet 

Velocity, V2, FT/SEC 

6130 

5310 

5160 

5070 

4260 

5930 

4810 

Burner  Inlet  Static 
Temperature, T2,  °R 

2260 

1610 

1510 

1450 

980 

2040 

1280 

Burner  Inlet  Static 
Pressure,  P2,  PSIA 

7.53 

7.09 

7.09 

6.54 

6.08 

7.37 

7.08 

Burner  Inlet 

Impulse,  LBF 

569.4 

561.3 

565.4 

524.3 

505.4 

559.9 

576.3 

Burner  Equivalence 
Ratio,  ER 

1.193 

.817 

.769 

.785 

.290 

.592 

.729 

Step'Base  Pressure 
Ratio,  PW/P2 

.870 

1.225 

1.312 

1.371 

.683 

.309 

1.762 

Burner  Friction 

Coef flclent,Cf (2) 

.0038 

.0025 

.0025 

.0019 

.0035 

.0023 

.0017 

Burner  Exit 

Impulse,  LBF 

577.2 

612.9 

623.6 

595.7 

498.0 

527,1 

669.2 

Ideal  Thrust  of 
Optimum  Burner, LBF(3) 

264.3 

306.4 

311.8 

308.9 

188.4 

207.2 

347.5 

Ideal  Thrust  of 
Actual  Burner, LBF(3) 

211.3 

218.5 

214.6 

203.2 

164.6 

184.1 

224.4 

Combustion 

Efficiency, ETAEM 

.946 

.955 

.925 

.882 

.988 

.919 

.954 

Net  Thrust 

Potent la 1,ETANT 

.725 

.838 

.830 

.824 

.765 

.489 

.889 

Notes:  (1)  Mp  based 

on  an 

Ambient 

Temperature  of 

390°R 

(2)  Cp  based  on  Burner  Inlet  Velocity  Head 

(3)  Thrust  based  on  Hypothetical  Exhaust  Nozzle  of  Exit  Area  "  1.27  FT^. 
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TABLE  V  CONCLL'DED  -  SUMHMtY  OF  TOT  RESULTS  -  STEP  BUR.VgH3 


Run  Number 
Configuration 

129 

AFN 

183-1 

BHN 

183-2 

BHN 

185 

BHN 

188-1 

BHN 

189 

BHN 

191-1 

BEN 

Air  Stagnation 
Enthalpy, irr2,3TU/LBM 

1315 

976 

1272 

1234 

1443 

1161 

1326 

Simulated  Flight 

Mach  Number,  Mp(l) 

C.l 

6.9 

7.9 

7.8 

8.5 

7.6 

8.7 

Burner  Inlet  Mach 
Number,  M2 

2.71 

3.31 

3.25 

3.26 

3.22 

3.27 

3.21 

Burner  Inlet 
Velocity, V2,  FT/SEC 

6100 

5750 

6490 

6400 

6870 

6230 

7040 

Burner  Inlet  Static 
Temperature,  T2,  ®R 

2240 

1290 

1730 

1675 

1990 

1570 

2120 

Burner  Inlet  Static 
Pressure,  P2, PSIA 

7.43 

7,24 

4.35 

7.16 

6.83 

7.01 

7.03 

Burner  Inlet 

Impulse,  LBF 

562.2 

821.5 

472.7 

780.6 

725.1 

771.6 

727.1 

Burner  Equivalence 
Ratio,  ER 

.445 

.692 

1.086 

.798 

.752 

.763 

.903 

Step-Base  Pressure 
Ratio,  PW/P2 

.194 

.894 

.782 

.287 

.299 

.424 

.473 

Burner  Friction 
Coefficient,  Cf(2) 

.0017 

.0014 

,0025 

.0026 

.0025 

.0026 

.0029 

Burner  Exit 

Impulse,  LBF 

549.3 

850.6 

468.7 

734.2 

686.9 

734.9 

692.1 

Ideal  Thrust  of 
Optimum  Burner, LBF(3) 

183.4 

348.2 

196.8 

298.6 

242.7 

302.8 

260.5 

Ideal  Thrust  of 
Actual  Burner, LBF(3) 

154.0 

263.4 

157.7 

246.2 

202.9 

?53.8 

209.5 

Combustion 
Efficiency,  ETABM 

.892 

.909 

.870 

.784 

.808 

.852 

.755 

Net  Thrust 

Potential,  ETANT 

.502 

.798 

.711 

.746 

.518 

.622 

.478 

Notes;  (1)  Mp  based 
(2)  Cf  based 

or.  an  Ambient  Temperature  of 
on  Burner  Inlet  Velocity  Head 

390°R 

(3)  Thrust  based  on  HypoChetlcal  Exhaust  Nozzle  of  Exit  Area  -  1.27  FT 
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In  Run  104  the  burner  exit  lurvey  wai  made  with 
very  low  pressure  in  the  dump  tank.  The  'expansion  of  the  easentially  sonic 
jet  so  adversely  affected  the  impact  pressure  measurements  that  it  was 
necessary  to  assume  a  uniform  exit  Mach  number. 

In  Runs  107,  110  and  111  the  dump  tank  pressure 
was  intentionally  mairhed  to  the  burner  exit  pressure.  This  procedure  proved 
difficult,  as  tank  pressure  and  exit  pressure  tended  to  drift  together  to  higher 
levels. 


In  Run  117  and  all  subsequent  runs,  the  dump  tank 
pressure  was  adjusted  to  approximately  60  percent  of  the  exit  static  pressure 
when  surveying  the  exit  stream. 

Figure  99  is  typical  of  conditions  of  lower  equivalence 
ratio  and  high  enthalpy,  characterized  by  wall  pressures  low  in  the  step  wake 
and  rising  gradually  toward  the  burner  exit,  as  shown  in  curve  O  of  Figure  93. 
The  fuel  distribution  at  the  burner  exit  assumed  a  lobed  pattern  directly  related 
to  the  location  of  the  four  injection  points. 

Results  of  the  line  reversal  pyrometer  measurements 
of  the  burner  exit  stream  have  been  separately  reported  in  Reference  19 

b)  Configuration  AFN 

Four  testa  in  which  Injector  F  was  employed  produced 
useful  data.  Combustor  wall  pressures  at  low  and  high  enthalpy  levels  are 
plotted  in  Figures  100  k  101.  The  combustor  pressures  were  generally  similar 
to  those  of  Injector  £.  Step  base  pressures  were  slightly  higher  than  for 
Injector  E  at  similar  conditions. 

Curves  ^  »nd  A  of  Figure  101  show  significantly 
different  combustor  pressure  distributions  for  two  fairly  similar  operating  con¬ 
ditions,  both  with  combustion.  The  condition  producing  the  highly  peaked 
pressure  distribution  had  a  slightly  lower  enthalpy  and  a  slightly  higher  £R. 

The  suggested  bistable  flov/  field  was  supported  by  the  movies  of  the  burner  exit, 
in  which  occasional  sudden  changes  in  flame  pattern  were  seen. 

The  ignition  characteristics  of  Injector  F  closely 
paralleled  those  of  Injector  £.  The  burner  ignited  spontaneously  at  the  1200 
Btu/lbm  enthalpy  level,  but  not  at  lower  levels. 

Two  tests  of  Injector  F  provided  burner  exit  surveys 
adequate  for  burner  performance  analysis.  Results  of  these  tests  are  included 
in  Table  V,  and  the  corresponding  burner  exit  Mach  number  and  equivalence 
ratio  contours  are  plotted  in  Figures  102  and  103. 
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c) _ Configuration  AJN 

One  test  of  Injector  J  was  performed.  Ita  purpose 
was  to  determine  if  direct  fueling  of  the  step  wake  region  would  establish  com¬ 
bustion  in  the  wake,  permitting  stable  burner  operation  at  low  enthalpies  and 
equivalence  ratios,  perhaps  with  increased  wake  pressure. 

Combustor  wall  pressures  are  shown  in  Figure  104. 
The  lean  operating  limit  for  low  enthalpy  levels  was  reduced  somewhat.  The 
step  base  pressure  was  no  higher  than  for  the  corresponding  conditions  with 
Injector  E. 


A  gas  sample  drawn  from  the  step  wake  region 

contained  only  hydrogen. 

d] _ Configuration  BEN 

In  three  tests.  Injector  E  was  used  with  the  higher 
inlet  Mach  number  nozzle,  B,  to  better  simulate  higher  flight  speed  conditions. 
Nozzle  B  provided  a  burner  inlet  Mach  number  of  about  3.2,  corresponding 
to  that  of  the  engine  cycle  at  flight  Mach  7.  7.  In  these  testa,  Injector  H  was 
installed  between  the  nozzle  and  Injector  E.  While  Injector  H  was  partly 
water  cooled,  it  relied  partly  upon  fuel  cooling  for  structural  integrity.  Since 
the  air  enthalpy  levels  were  high  (1170  to  1620  Btu/lbm),  it  was  necessary  to 
maintain  a  small  flow  of  nitrogen  through  Injector  H  while  evaluating  hydrogen 
injection  from  Injector  E. 

At  the  highest  enthalpy  levels  (above  1400  Btu/lbm), 
it  was  necessary  tor  educe  the  burner  airflow  somewhat  to  avoid  overloading 
the  facility  aftercooler  at  high  equivalence  ratios.  This  resulted  in  burner 
inlet  pressures  lower  than  the  normal  7.  3  psia. 

Combustor  wall  pressure  data  from  these  tests  are 
included  in  Figures  104,  105,  106  and  107.  The  test  conditions  of  Figure  104 
are  comparable  with  those  at  which  Configuration  AEN  was  tested.  Figure  93. 
The  higher  inlet  Mach  number  of  Nozzle  B  resulted  in  a  higher  burner  exit 
pressure  than  with  Nozzle  A.  The  pressures  in  the  downstream  half  of  the 
tailpipe  showed  the  same  high  plateau  characteristic  of  lower  speed  tests  at 
high  equivalence  ratios.  The  step  base  pressure  was  about  the  same  as  with 
Nozzle  A. 


Figures  106,  107  and  108  show  data  at  higher  air 
enthalpy  levels.  With  increasing  enthalpy,  the  high  step  base  pressure  and 
the  peaked  pressure  became  more  difficult  to  attain.  At  an  air  stagnation 
enthalpy  of  1620  Btu/lbm  (Figure  108),  representative  of  flight  at  Mach  9,  the 
step  pressure  was  low  and  the  burner  pressures  rose  gradually  along  the  length 
of  the  tailpipe,  even  with  an  equivalence  ratio  of  1.  4. 
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Run  191  produced  data  suitable  for  fell  analysis  of 
burner  perfornnance.  These  data  are  included  in  Table  V.  The  high  air 
enthalpy  (1530  Btu/lbm)  and  near-stoichiometric  equivalence  ratio  (,  9)  pro¬ 
duced  a  relatively  low  com’'UBtion  efficiency  (.  76).  This,  together  with  the 
low  step  base  pressure,  resulted  in  a  low  thrust  potential. 

The  local  equivalence  ratios  measured  in  the  burner 
exit  stream  were  plotted  in  Figure  109  as  a  function  of  radial  position,  instead 
of  in  a  contour  map  as  before  .  Circumferential  fuel  distribution,  is  seen  to  be 
imiform.  The  concentration  of  fuel  near  the  outer  wall  indicates  slightly  less 
than  optimum  jet  penetration,  although  appreciable  radial  mixing  had  occurred. 

ej _ Configuration  AON 

In  one  test  Injector  G  was  combined  with  the  Mach  2.  7 
air  nozzle.  A,  and  Tailpipe  N,  with  Injector  E  used  as  a  transition  piece.  The 
test  was  conducted  with  a  relatively  low  air  enthalpy  level,  representative  of 
flight  at  Mach  5.  8 


The  burner  wall  pressures  are  plotted  in  Figure  HO.. 

Aft  of  the  wall  step,  the  pressures  produced  by  Injector  G  were  very  similar  to 
those  of  Injector  F  at  comparable  conditions.  Upstream  of  the  step.  Injector  G 
produced  a  high  rise  in  wall  pressure  in  the  3.  0  inch  diameter  section,  detected 
by  pressure  taps  1.  75  inches  aft  of  the  four  inch  long  injector. 

The  data  from  this  test  were  inadequate  for  a  full 
evaluation  of  burner  performance. 

f] _ Configuration  BGN 

Two  tests  were  made  with  the  Mach  3.  2  air  nozzle,  B, 
with  Injector  G,  Tailpipe  N,  and  Injector  E  used  as  a  transition  piece.  These 
tests  were  at  high  air  enthalpy  levels,  simulating  flight  at  Mach  8.  3  to  9.  0. 

The  measured  wall  pressures  are  presented  in  Figures 
1 1 1  and  1 12.  The  wall  static  pressure  characteristics  were  typical  of  high 
enthalpy  conditions,  showing  low  step  base  pressure  and  gradually  rising  pressure 
along  the  tailpipe.  At  the  highest  enthalpy  level.  Figure  112,  the  response  of  the 
wall  pressure  to  increasing  equivalence  ratio  was  very  weak  relative  to  low 
enthalpy  tests  of  other  configurations,  even  though  equivalence  ratios  up  to 
1.2  were  used.  The  high  pressure  rise  just  aft  of  Injector  G  and  upstream  of 
the  step  was  again  in  evidence  of  Nozzle  B,  as  with  Nozzle  A. 

The  data  from  these  tests  were'  inadequate  for  a  full 
evaluation  of  burner  performance. 

_ Configuration  BHN 

Useful  data  were  obtained  from  six  tests  of  Injector  H 
combined  with  Tailpipe  N,  using  Injector  E  as  a  transition  piece.  All  these 
tests  used  the  Mach  3.2  Air  Nozzle  B. 
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Wall  Italic  preisute  data  from  theae  tests  are  in¬ 
cluded  in  Figures  105  through  108  and  111  through  112,  plotted  to  facilitate 
comparison  with  other  configurations.  Step  base  pressures  and  tailpipe 
pressures  showed  little  significant  difference  from  those  of  other  configurations 
under  comparable  conditions.  Figure  112  shows  that  the  wall  pressure  rise 
induced  by  Injector  H  between  the  injector  arid  step  was  less  than  that  induced 
by  Injector  G.  This  factor  affects  the  tendency  of  the  injector  to  separate  the 
boundary  layers  of  the  burner  inlet  stream. 

Four  of  the  six  tests  produced  data  sufficient  for 
full  evaluation  of  burner  performance.  In  one  of  theae,  Run  183,  performance 
evaluation  at  two  different  conditions  was  achieved  by  taking  half  the  gas 
samples,  then  reducing  airflow  to  increase  enthalpy  level  and  equivalence  ratio 
before  taking  the  remaining  gas  samples.  These  data  are  included  in  Table  V. 
Performance  levels  were  generally  comparable  to  those  of  Configurations  AEN 
and  AFN.  This  indicates  that  Injector  H  is  capable  of  producing  more  thrust 
than  Injectors  E  or  F,  since  its  ideal  thrust  includes  the  benefit  of  a  downstream 
component  of  fuel  momentum. 

Local  equivalence  ratios  measured  in  the  burner  exit 
stream  are  plotted  as  a  function  of  radial  position  in  Figures  113  through  117. 
Circumferential  distribution  was  uniform  in  all  cases.  At  equivalence  ratios 
above  .  75,  the  radial  fuel  distribution  indicated  near-optimum  jet  penetration 
except  at  the  highest  air  enthalpy  level  (1440  Btu/lbm,  flight  Mach  8.  5).  An 
equivalence  ratio  of  .69  produced  somewhat  less  than  optimum  penetration, 
even  at  a  relatively  low  enthalpy  level  (980  Btu/lbm,  flight  Mach  6.  9). 

h) _ Configurations  AGp  and  A  HP 

Four  tests  were  performed  using  the  short  Tailpipe  P. 
All  used  Air  Nozzle  A.  One  used  Injector  G;  the  rest  used  Injector  H.  As  these 
tests  were  primarily  evaluations  of  ignition  devices  described  in  Section  C.  2.  d. 
Injector  E  served  not  only  as  a  transition  piece,  but  also  as  a  holder  for  the 
igniters.  The  enthalpy  level  was  representative  of  flight  speeds  around  Mach  6. 

Ignition  of  Injector  G  with  the  excessively  powerful 
igniters  resulted  in  choking  in  the  3.0  inch  bore  of  Injector  E,  upstream  of  the 
step,  with  accompanying  separation  of  the  flow  in  the  air  nozzle.  To  expediate 
the  igniter  tests.  Injector  H  was  substituted,  in  the  belief  that  the  added  fuel 
momentum  would  lessen  the  chance  of  upstream  choking. 

Wall  static  pressures  with  Configuration  AHP  are 
shown  in  Figure  1  18.  Shortening  the  tailpipe  appeared  to  have  little  effect  on 
the  character  of  the  static  pressures.  At  high  equivalence  ratios,  the  high  step 
base  pressure  and  peaked  tailpipe  pressure  were  still  observed.  At  equivalence 
ratios  in  excess  of  1. 0,  choking  could  be  induced  in  the  3.  0  inch  diameter  bore 
upstream  of  the  step,  as  with  Injector  G.  Once  the  flow  in  the  air  nozzle  was 
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separated,  it  was  necessaiy  to  reduce  the  equivalence  ratio  to  a  very  low  value 
before  the  burner  inlet  would  again  flow  full. 

A  burner  exit  survey  was  obtained  from  one  test,  but 
the  data  were  defective.  A  satisfactory  continuity  check  could  not  be  established; 
hence,  meaningful  performance  parameters  could  not  be  calculated.  The 
equivalence  ratio  profile  measured  at  the  bum  r  exit  is  shown  in  Figure  119. 
The  circumferential  distribution  was  good,  considering  the  short  burner  length. 
The  radial  distribution  showed  near-optimum  penetration,  but  a  lack  of  radial 
mixing. 

2)  Conical  Combustors 

a  ) _ Configuration  AFQ 

In  four  tests,  the  conical  Tailpipe  Q  was  used  with 
its  integral  F-type  injectors  and  the  Mach  2.7  air  nozzle,  A. 

Wall  static  pressures  measured  along  the  tailpipe 
at  low  enthalpy  levels,  simulating  flight  speeds  of  Mach  5.  2  to  6.  0,  are  pre¬ 
sented  in  Figure  120.  At  an  equivalence  ratio  of  .  5,  a  sharp  pressure  rise 
occurred  at  the  point  of  fuel  injection,  with  the  wall  pressure  reaching  a 
peak  about  1.  5  inches  downstream  from  the  fuel  nozzles.  From  its  peak,  the 
pressure  declined  as  the  flow  expanded  down  the  diverging  duct,  in  an  irregular 
manner  suggesting  repeated  reflection  of  waves  in  the  supersonic  flow.  At 
higher  equivalence  ratios,  the  pressure  rise  occurred  upstream  of  the  fuel 
nozzles,  indicating  separation  of  the  flow  in  the  air  supply  nozzle.  At  an 
equivalence  ratio  of  1.  1,  the  peak  pressure  was  six  times  the  nominal  burner 
inlet  static  pressure,  and  occurred  slightly  upstream  from  the  fuel  nozzles.  As 
the  air  supply  nozzle  was  not  instrumented,  the  upstream  extent  of  the  pressure 
rise  was  not  determined. 


This  test  was  started  with  a  high  fuel  flow  and  high 
dump  tank  pressure  to  ensure  Ignition.  It  was  not  deternuned  whether  ignition 
could  be  attained  with  low  dump  tank  pressure. 

Wall  static  pressures  measured  at  higher  enthalpy 
levels,  simulating  flight  speeds  of  Mach  7.9  to  B.  0,  are  presented  in  Figure  121. 
At  this  enthalpy  level,  the  pressure  rise  did  net  extend  upstream  from  the  fuel 
nozzles  and  the  pressure  peak  was  much  less  prominent  than  at  the  lower 
enthalpy  level.  At  an  equivalence  ratio  of  1.0,  the  pressure  peak  was  about 
the  same  as  that  noted  at  ER  =  .  5  at  the  lower  enthalpy  level,  but  the  pres.3ure 
further  down  the  tailpipe  remained  much  higher. 

The  burner  exit  survey  performed  at  the  lower 
enthalpy  level  was  made  at  an  equivalence  ratio  of  .  78,  when  the  air  nozzle  was 
separated.  As  this  condition  is  Intolerable  for  application  to  the  engine,  these 
data  are  not  presented. 
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Burner  performance  wai  evaluated  at  an  enthalpy  level 
•  imulating  Mach  7.  6  flight,  and  an  equivalence  ratio  of  .  76.  Theae  data  are 
tabulated  in  Table  VI.  The  cor.ibaation  efficiency  was  low  (.  55)  relative  to 
step  combustors  under  comparable  conditions.  The  thrust  potential  was  not  so 
low,  due  to  the  higher  mean  wall  pressure. 

Burner  exit  Mach  number  and  equivalence  ratio  maps 
are  drawn  in  Figures  122  and  123.  A  lobed  fuel  distribution  pattern  is  evident, 
indicating  that  radial  and  circumferential  mixing  were  inadequate  for  high  per¬ 
formance.  The  necessity  of  assuming  low  local  combustion  efficiencies  (like  .  70) 
in  order  to  achieve  a  satisfactory  .  ontinuity  check  was  taken  as  evidence  that 
the  instantaneous  ER  profiles  were  much  less  uniform  than  the  time-average 
profiles  shown  in  Figures  122  and  123. 

bj _ Configuration  AGQ 

In  three  testa,  Injector  G  was  installed  between  Air 
Nozzle  A  and  Tailpipe  Q,  with  the  F -type  injectcrs  of  Tailpipe  Q  inactive. 

Wall  static  pressures  measured  at  enthalpy  levels 
simulati’'^  flight  at  Mach  7.9  and  8.2  are  plotted  in  Figure  124.  At  this  con¬ 
dition,  n^ector  G  produced  separation  of  the  air  supply  nozzle  at  equivalence 
ratios  greater  than  .  5.  At  lower  ER's  strong  pressure  peaks  in  the  tailpipe 
were  absent,  except  for  a  narrow  range  of  ER's  just  prior  to  inlet  separation. 

Since  Injector  C  was  prone  to  separate  the  inlet,  it 
was  not  evaluated  at  lower  enthalpy  levels,  where  inlet  separation  occurs 
more  readily. 


Burner  exit  surveys  were  made  at  equivalence  ratios 
of  .42  and  .  63.  As  inlet  separation  existed  at  the  latter  condition,  these  data 
are  considered  invalid  and  are  not  presented.  Burner  performance  figures  at 
the  lower  equivalence  ratio  are  included  in  Table  VI.  The  combustion  efficiency 
was  less  than  for  the  step  combustors  under  comparable  conditions,  but  greater 
than  that  of  Configuration  AFQ  due  primarily  to  the  lower  equivalence  ratio. 
Mixing  deficiencies  produce  greater  efficienc>  decrements  near  stoichiometric 
equivalence  ratio. 


Locel  equivalence  ratios  measured  in  the  burner 
exit  stream  are  plotted  as  a  function  of  radial  position  in  Figure  125.  The 
increased  injection  point  density  of  Injector  G  resulted  in  a  more  uniform  cir¬ 
cumferential  distribution  than  with  the  F -type  injector  of  Tailpipe  Q.  The  radial 
distribution  is  poor,  due  both  to  weak  radial  mixing  and  to  less  than  optimum 
fuel  jet  penetration  at  the  low  equivalence  ratio. 
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TABLE  VT  - 

SIJWARY  OF  TEST  RESULTS  - 

CCKICAl  FTEimS 

Run  Number 

154 

164 

181 

i 

1 

J 

Configuration 

AFQ 

Acq 

BQ 

Air  Stagnation 

USB 

1249 

1788 

I 

Enthalpy  HTj,  BTU/LBM 

a 

Simulated  Flight 

7.6 

7.8 

9.5 

• 

T 

Mach  Number,  Mp  (1) 

i 

Burner  Inlet 

2.73 

2.72 

3.16 

Mach  Number,  M2 

I 

Burner  Inlet 

5830 

5970 

7540 

Velocity,  V2,  FT/SEC 

• 

[ 

Burner  Inlet 

2010 

2120 

2525 

Static  Temperature,  T2,®R 

r 

Burner  Inlet  Static 

7.321 

7.838 

4.832 

Li 

Preaaure,  P2,  PSIA 

9 

r 

Burner  Inlet 

562.7 

S44.4 

487.7 

L 

Impulae,  LBP 

Burner  Equivalence 

.759 

.417 

1.191 

C 

Ratio  ER 

Step  Bate  Preaaure 

.943 

.959 

1.175 

» 

r 

Ratio,  PW/Pj 

Burner  Friction 

.0026 

.0034 

.0015 

r’* 

1 

Coefficient,  €^(2) 

1 « 

Burner  Exit 

663.5 

565.4 

527.7 

9 

(■ 

Impulae,  LBF 

L 

Ideal  Thruat  of 

248.7 

171.1 

165.9 

Optimum  Burner,  LBF  (3) 

1 

L 

Ideal  Thruat  of 

144.8 

112.9 

99.6 

Actual  Burner,  LBF(3) 

9 

c 

Combuatlon  Efficiency, 

.549 

.779 

.682 

ETABM 

y 

Net  Thruat  Potential, 

.533 

.525 

.746 

ETANT 

9 

Notes:  (1)  Mp  baaed  on  an  Ambient  Teeperatura  of 

390OR 

a 

(2)  Cp  based  on  Burner  Inlet  Velocity  Read 

(3)  Thruat  based  on  Hypothetical  Exhaust 

Noaxla  of  Exit  Area 

-  1.27  FT^.  i 

"t 

f 

uJ 

ai7 

9 

7 
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£j _ Configuration  AGFQ 

During  portiona  of  two  test*,  both  Injector  G  and 
the  F-type  injectors  of  Tailpipe  Q  were  operated  simultaneously.  This  was 
done  to  combine  the  advantages  of  each  injector:  the  uniform  circumferential 
distribution  of  Injector  G  and  the  resistance  to  inlet  separation  of  the  F -type 
injectors.  The  tests  used  enthalpy  levels  simdlating  flight  at  Mach  7.9. 

The  wall  static  pressure  data  are  displayed  in 
Figures  126  and  127,  together  with  data  from  Configurations  AFQ  and  AGQ 
for  comparison.  Figure  126  shows  the  effect  of  holding  a  constant  fuel  flow  from 
Injector  G  while  increasing  the  flow  from  the  F-type  injector.  A*  the  equivalence 
ratio  increased,  a  strong  pressure  peak  developed  in  the  vicinity  of  the  F -type 
injector.  Peak  pressures  as  high  as  3.  5  time*  the  nominal  inlet  static 
pressure  were  recorded,  with  no  evidence  of  separation  upstream  of  Injector  G. 
Equivalence  ratios  up  to  1.  3  were  satisfactorily  attained. 

Figure  127  shows  the  effect  of  varying  the  flow  split 
between  the  two  injectors,  with  an  approximately  constant,  near -stoichiometric 
total  fuel  flow.  With  all  the  fuel  flowing  from  Injector  G.  the  burner  inlet  was 
separated  With  all  the  fuel  injected  from  the  F-type  injectors,  the  pressure 
along  the  diverging  tailpipe  was  approximately  constant  With  43%  of  the  fuel 
injected  from  Injector  G  and  57%  through  the  F-type  injectors,  the  pressure 
peaked  strongly  in  the  vicinity  of  the  F-type  injectors,  but  no  inlet  separation 
occurred. 


figuration. 


No  burner  exit  survey*  were  made  with  this  con 


d] _ Configuration  BHQ 

Two  test*  were  made  of  Tailpipe  Q,  with  it*  F-type 
injectors  inactive,  fitted  with  Injector  H  and  the  Mach  3.  2  Air  Nozzle  B.  These 
tests  were  made  at  high  enthalpy  levels,  simulating  flight  speed*  from  Mach 
8.  2  to  9.  7.  To  attain  the  highest  enthalpy  levels,  it  was  necessary  to  operate 
the  combustor  with  an  inlet  static  pressure  somewhat  less  than  the  normal 
7. 4  psia. 


Wall  static  pressures,  measured  at  several  equivalence 
ratios  with  an  enthalpy  level  simulating  flight  at  Mach  8.  5,  are  shown  in  Figure  128. 
Data  at  a  higher  enthalpy  level,  simulating  flight  at  Mach  9.  7,  are  displayed 
in  Figure  129.  The  response  of  the  static  pressure  to  increasing  equivalence  ratio 
was  definite,  but  not  as  strong  as  with  Configuration  AGQ  at  lower  enthalpy 
levels.  Strong  pressure  peaks  were  absent,  even  with  an  equivalence  ratio  of 
1.  2.  The  data  of  Figures  128  and  129  were  taken  at  different  burner  inlet 
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pressure  levels.  To  facilitate  comparison,  these  data  have  been  normalized 
by  dividing  local  static  pressure  by  nominal  burner  inlet  static  pressure.  The 
comparison  plot  is  given  in  Figure  130.  At  comparable  equivalence  ratios, 
the  higher  enthalpy  level  produced  static  pressures  higher  than  those  of  the 
lower  enthalpy  level. 


A  burner  exit  survey  was  made  at  an  equivalence  ratio 
of  1.  2  and  an  enthalpy  level  simulating  flight  at  Mach  9.  5.  These  data  are 
included  in  Table  VI,  Combustion  efficiency  was  low  (.68),  due  partly  to 
deficient  mixing  and  partly  to  slow  reaction  kinetics  at  the  low  pressure  level 
(»-7  psia).  The  thrust  potential  was,  however,  acceptable,  due  to  the  high  mean 
wall  pressure. 


Local  equivalence  ratios  measured  in  the  exit  stream 
are  plotted  in  Figure  131  The  circumferential  distribution  was  uniform,  a 
characteristic  of  the  high  injection-point-density  injectors.  The  nnixing 
deficiency  was  in  the  radial  and  axial  directions.  Jet  penetration  into  the 
high-energy  air  stream  appeared  less  than  optimum,  despite  the  high  equivalence 
ratio. 


_ Configuration  AKQ  and  AKFQ 

Two  tests  were  made  with  Air  Noizle  A,  the  film 
slot  Injector  K,  and  Tailpipe  Q,  with  its  F-type  injectors  both  active  and 
inactive.  These  tests  were  at  enthalpy  levels  simulating  flight  speeds  around 
Mach  8. 


Wall  static  pressures  measured  with  Injector  K 
operating  alone  are  plotted  in  Figure  132.  The  wall  pressures  responded  very 
weakly  to  large  variations  in  equivalence  ratio,  indicating  little  or  no  combustion 
was  occurring. 


Wall  static  pressures  measured  with  Injector  K  and 
the  F-type  injectors  of  Tailpipe  Q  operating  together  are  plotted  in  Figures  133 
and  134.  Plotted  for  comparison  are  data  from  tests  of  Configuration  AFQ 
(Figure  121).  In  Figure  133,  the  total  equivalence  ratio  of  Configuration  AKFQ 
is  .78,  with  an  equivalence  ratio  of  .  55  being  injected  from  the  F -type  Injectors. 
The  two  sets  of  pressures  from  Configuration  AFQ  tests  have  equivalence 
ratios  corresponding  approximately  to  the  total  equivalence  ratio  of  the  AKFQ 
test  and  to  the  F  injector  ER  of  the  AKFQ  test.  The  AKFQ  pressures  are  more 
similar  to  the  AFQ  pressures  for  the  total  equivalence  ratio  than  to  the  AFQ 
pressures  for  the  F-injeclor  ER,  indicating  that  much  of  the  K-injector  fuel 
hid  been  induced  to  burn  by  injection  of  fuel  from  the  F -type  injectors.  In 
F;,,;  ire  134  the  total  ER  of  the  AKFQ  test  was  about  1.2.  T wo  sets  of  pressures 
are  shown  for  AKFQ:  one  wdth  an  F -injector  ER  of  .  47  and  the  other  with  an 
F-injector  ER  of  .61.  Again,  the  two  sets  of  AFQ  pressures  shown  are  for 
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equivalence  ratios  approximately  matching  the  total  and  F-injector  ER's.  The 
set  of  AKFQ  pressures  having  the  lower  F-injector  ER  corresponds  more 
closely  to  the  AFQ  set  for  the  F-injector  ER,  indicating  that  only  part  of  the 
K-injector  fuel  had  burned.  The  AKFQ  set  having  the  higher  F-injector  ER 
resem.bles  the  AFQ  set  for  the  total  ER,  indicating  that  the  higher  F-injector 
fuel  flow  had  induced  combustion  of  much  of  the  K-injector  fuel. 

A  burner  exit  survey  was  performed  with  an  equivalence 
ratio  of  .94  from  Injector  K  alone.  Since  little  combustion  was  in  evidence, 

performance  parameters  were  not  calculated.  Local  equivalence  ratios  I 

measured  in  the  exit  stream  are  plotted  in  Figure  135  *  function  of  radial 

position.  A  heavy  concentration  of  fuel  was  found  at  the  burner  wall,  with  little 

radial  mixing  having  occurred.  With  the  stream  so  unmixed,  combustion 

efficiency  would  have  been  very  low,  whether  or  not  ignition  occurred. 

3)  Constant  Area  Tests  for  Film  Cooling  I 

Five  tests  with  the  film-slot  (K)  injector  and  the  3"  constant 
area  tailpipe  produced  useful  data.  All  tests  were  made  with  the  Mach  2.  7 
air  nozzle,  A.  Three  of  these  tests  were  run  at  simulated  Mach  8  enthalpy 
levels,  and  two  at  simulated  Mach  6  conditions. 

Static  pressure  profiles  are  presented  in  Figure  136  for  the  I 

two  runs  made  at  Mach  6  enthalpies  and  one  run  at  a  Mach  8  enthalpy  level, 

(run  200,  which  was  lit).  Auto-ignition  was  not  observed  to  occur  at  any 

Mach  6  condition  with  the  3"  tailpipe,  but  did  occur  in  this  configuration  at  . 

Mach  8  enthalpy  as  the  equivalence  ratio  was  raised  to  0.4.  The  &ct  that 
auto-ignition  did  not  occur  at  Mach  6  condition  is  evidenced  by  the  gentle 

pressure  rise  shown  in  Figure  136  for  Runs  198  and  201,  which  are  typical  of  > 

non-burning  runs.  The  steep  combustion-induced  pressure  rise  shown  in  the 
figure  for  Run  200  is  evidence  of  auto-ignition  at  these  conditions.  Noticeable 
irom  Figure  136  is  the  large  Increase  in  the  magnitude  of  the  pressure  rise 
with  increasing  equivalence  lai-io.  Once  lit  at  an  equivalence  ratio  of  .4,  the 
combustor  remained  lit  as  the  equivalence  ratio  was  lowered  to  .2.  At  equi¬ 
valence  ratios  above  .  7,  the  large  pressure  rise  caused  the  flow  in  the  inlet  to  ► 

separate. 


A  gas-sample  profile  for  Run  157  is  shown  in  Figure  137.  This 
test  was  made  at  a  Mach  8  enthalpy  level  and  the  gae  samples  were  taken  at  a  lean 
equivalence  ratio.  Little  or  no  combustion  was  taking  place  during  the  sampling 
in  Run  157,  as  was  indicated  by  visual  observation.  This  profile  is  typical  of  * 

runs  where  no  burning  occurred.  Noticeable  is  the  high  concentration  of 
hydrogen  near  the  wall,  which  is  characteristic  of  the  film-slot  injector. 
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Figure  138  shows  the  gas  sample  profile  obtained  from 
Run  200.  Also  shown  on  the  same  figure,  are  the  peak  fuel/air  ratios 
recorded  at  var^ung  over-all  equivalence  ratios  in  Runs  198  and  200.  It  is 
clear  from  the  figure  that  much  better  mixing  exists  in  Run  200  than  in  the 
non-burning  samples.  The  large  pressure  disturbances  created  by  the  com¬ 
bustion  in  Run  200  have  a  beneficial  effect  on  the  mixing,  resulting  in  a  much 
less  exaggerated  fuel/air  profile  than  exists  in  the  unlit  runs. 

Data  for  one  additional  run  with  the  film-slot  (K)  injector 
and  the  conical  Q  tailpipe  were  presented  in  the  previous  section.  The  static 
pressure  profile  for  this  run,  number  160,  Configuration  AKQ  at  simulated 
Mach  8  conditions,  is  shown  in  Figure  132  and  the  associated  gas  smap'e  pro¬ 
file  in  Figure  135.  The  data  for  Run  160  further  illustrate  the  difficulty  in 
obtaining  good  mixing  and  auto-ignition  with  the  film-slot  injector.  The 
decrease  in  wall  static  pressure  with  downstream  distance  shown  in  Figure  132 
demonstrates  that  auto-ignition  did  not  occur  with  the  Q  tailpipe  even  %t  con¬ 
ditions  at  which  the  3"  constant-area  tailpipe  lit.  The  dropping  static  pressuit 
and  static  temperature  in  the  expansion  downstream  of  the  injection  point  are 
responsible  for  the  suppression  of  ignition  in  the  Q  tailpipe.  Figure  shows 
the  gas  sample  profile  obtained  during  this  run;  th<  steep  profile  is  character¬ 
istic  of  those  K  injector  runs  which  did  not  light.  Because  of  the  apparent  poor 
characteristics  of  the  K  injector,  no  performance  numbers  were  calculated  for 
these  runs. 

4)  Step-Cone  Combustors 

aj _ Configui ation  AHmR 

Five  tests  were  made  of  the  combination  of  the  Mach  2.  7 
air  Nozzle  A,  the  modified  oblique  Injector  Hm,  and  the  step-cone  Tailp’pe  R. 

Air  stagnation  enthalpies  ranged  from  713  to  1280  Btu/lbm,  simulating  flight 
speeds  from  Mach  5.  8  to  8.  0.  Equivalence  ratios  ranged  from  .  33  to  1.  26. 

Wall  static  pressures  measured  along  the  combustor 
at  a  relatively  low  enthalpy  level,  simulating  flight  speeds  around  Mach  6.4, 
are  plotted  in  Figure  139.  The  burner  equivalence  ratio  was  nearly  constant 
at  about  .  7.  A  moderate  pressure  rise  occurred  in  the  3.  9  inch  diameter  section 
ahead  of  the  step.  Base  pressure  on  the  rather  small  step  was  high,  about  twice 
the  nominal  burner  inlet  static  pressure.  Wall  pressures  remained  high  along 
the  conical  length  of  the  tailpipe.  Also  shown  in  Figure  139  are  pressures  ia  r  a 
condition  in  which  the  equivalence  ratio  was  about  the  same,  but  enthalpy  level 
had  drifted  to  a  slightly  lower  level,  simulating  Mach  5.  8  flight.  This  condition 
existed  after  a  surge  in  fuel  flow  .caused  by  a  defective  control, had  separated 
the  flow  in  the  air  supply  nozzle. 
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The  low  enthalpy  ignition  c ha racte ri st i c s  of 
Configuration  AHmR  were  not  determined.  The  test  was  started  with  a  high 
dump  tank  pressure  to  ensure  ignition.  No  effort  was  made  to  deterrm.it  if 
Ignition  would  have  occurred  with  a  lower  dump  tank  pressure. 

Wall  static  pressures  measured  at  a  higher  enthalpy 
level,  simulating  flight  speeds  around  Mach  7.8,  are  shown  in  Figure  140, 
Step  baoe  pressures  were  lower  than  at  the  lower  enthalpy  level,  hut  were 
significantly  higher  than  those  of  previous  step  combustors.  Presrares  along 
the  conical  portion  of  the  tailpipe  were  generally  quite  high  At  this  enthalpy 
level,  separation  of  the  burner  inlet  could  be  induced  only  by  elevating  the  fuel 
flow  to  the  highest  ER  shown,  then  adding  nitrogen  to  the  fuel  to  increase  its 
bulk. 


A  burner  exit  survey  was  made  at  the  lower  enthalpy 
level,  but  the  data  are  considered  invalide,  and  are  not  presented.  The  burner 
inlet  stream  was  separated  at  the  time  the  survey  was  made,  and  this  condition 
was  not  detected  until  after  the  test. 

Two  burner  exit  surveys  at  the  higher  enthalpy  level 
produced  burner  performance  figures  at  equivalence  ratios  of  1.  0  and  1.  2.  These 
data  are  presented  in  Table  VII  at  the  end  of  this  discussion.  The  combustion 
efficiency  was  .  75  at  stoichiometric  equivalence  ratio,  rising  to  .  84  at  ER  =  1.  2. 
These  efficiency  levels  are  considered  quite  acceptable.  The  relatively  high 
efficiencies,  together  with  the  high  mean  wall  pressures,  resulted  in  excellent 
thrust  piotentials. 


Local  equivalence  ratios  and  Mach  numbers  measured 
in  the  burner  exit  stream  are  plotted  in  Figures  14  I,  142,  143  and  144  as  a 

function  of  radial  position.  Circumferential  fuel  distribution  was  reasonably 
uniform.  Both  ER  profiles  showed  leaner-than-average  equivalence  ratios  in 
the  center  of  the  stream,  indicating  lees  than  optimum  fuel  jet  penetration 
or  insufficient  radial  mixing.  The  profile  for  the  higher  over-all  equivalence 
ratio  was  slightly  more  uniform.  The  Mach  number  profiles  indicate  that  the 
flow  was  fully  supersonic  except  for  thin  boundary  layers. 

b] _ Configuration  BHmR 

Three  tests  we  re  made  with  the  Mach  3.  2  air  nozzle, 
B,  fitted  to  Injector  Hm  and  Tailpipe  R.  High  air  stagnation  enthalpies  were 
used,  ranging  from  1095  to  1649  Btu/lbm,  simulating  flight  speeds  from  Mach 
7.  3  to  9.  1.  Equivalence  ratios  ranged  from  ,46  to  1.  97. 

Figures  145  through  149  present  wall  static  pressure 
measurements  at  various  equivalence  ratios,  with  Increasingly  higher  enthalpy 
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TABLE  VTI  - 

SL’MMARY 

OF  TEST  RESULTS  STEP-CONE  BURNER 

(  . 

Run  Number 

206 

208 

210 

212  r 

Configuration 

AHmR 

AHmR 

BHmR 

BHmR  1. 

Air  Stagnation  Enthalpy 

1223 

1238 

1408 

1240  r- 

HT2,  BTU/LBM 

1.  » 

Simulated  Flight 

7.8 

7.8 

8.4 

7.8 

Mach  Number,  Mp  (1) 

1, 

Burner  Inlet  Mach 

2.72 

2.72 

3.23 

3.26 

Number,  M2 

r 

L  • 

Burner  Inlet 

5910 

5900 

6790 

6410 

Velocity,  V2,  FT/SEC 

r 

Burner  Inlet  Static 

2070 

2070 

1935 

1685  ^ 

Temperature,  T2, 

f] 

Burner  Inlet  Static 

7.011 

7.160 

5.415 

5.766  h  » 

Pressure,  P2,  PSIA 

p 

Burner  Inlet 

570.0 

554.1 

577.5 

630.9  L 

Impulse,  LBF 

Burner  Equivalence 

1.19A 

.986 

1.084 

.984  []  , 

Ratio,  ER 

iJ  V 

Scep'Base  Pressure 

1.674 

1.351 

.986 

2.208  n 

Ratio,  Pw/P2 

Burner  Friction 

.0022 

.0026 

.0021 

.0017  rj 

Coefficient,  Cf  (2) 

L!  » 

Burner  Exit 

626.2 

587.6 

584.8 

693.8 

Impulse,  LBF 

i! 

Ideal  Thrust  of 

286.6 

244.6 

217.0 

265.5 

Optimum  Burner,  LBF  (3) 

■1 

l\  • 

Ideal  Thrust  of 

205.6 

173.3 

148.2 

176.0 

Actual  Burner,  LBF  (3) 

t  y 

Combustl'>n  Efficiency, 

.844 

.745 

.657 

.  749 

ETABM 

•  \ 

Net  Thrust  Potential, 

.878 

.763 

.583 

.868  • 

ETA  NT 

Notes:  (1)  Mp  based  on 

Ambient 

Temperature  of  390°R 

1 

1 

(2)  Cf  based  on 

Burner  Inlet  Velocity  Head 

1  (3)  Thrust  baaed  on  Hypothetical  Exhaust  Nozzle 

of  Exit  Area  " 

1.27  FT^. 

i 
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MP 

ER 

A 

1275 

7.94 

.98 
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1300 

8.01 

.82 
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Symbol 


**t2 

Mp 

ER 

1525 

8.74 

.57 

1510 

8,71 

1 .07 

1550 

8.82 

1 .28 

1550 

8.82 

1 .58 
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levels.  The  response  of  the  wall  pressures  to  increasing  equivalence  ratio 
diminished  as  enthalpy  level  increased.  As  in  previous  tests,  it  was  necessary 
to  reduce  the  nominal  burner  inlet  static  pressure  to  attain  high  enthalpy  levels, 
because  of  facility  limitations.  To  facilitate  comparison  ot  wall  pressures  at 
various  enthalpy  levels,  selected  sets  of  pressures  for  near ‘Stoichiometric 
equivalence  ratios  are  presented  as  ratios  of  measured  wall  pressure  to  nominal 
burner  inlet  pressure  in  Figure  150.  Included  also  is  a  set  of  pressures  from  a 
test  of  Configuration  AHmR.  The  higher  burner  inlet  Mach  number  is  seen  to 
produce  relatively  higher  pressure  rise  in  the  combustor  at  comparable  ER.'s 
and  enthalpy  levels.  The  pressure  rise  diminishes  with  increasing  enthalpiy 
level  with  comparable  ER's  and  burner  inlet  Mach  numbers. 

Two  burner  exit  surveys  were  performed  on  Config¬ 
uration  BHmR.  Both  employed  near-stoichiometric  equivalence  ratios,  but 
differed  in  enthalpy  level.  The  performance  parameters  generated  are  included 
in  Table  VII  .  The  data  at  the  flight  Mach  7.8  enthalpy  level  are  directly  com¬ 
parable  with  data  from  Configuration  AHmR.  The  higher  burner  inlet  Mach 
number  resulted  in  a  combustion  efficiency  about  equal  to  that  of  the  lower  inlet 
Mach  number.  The  mean  wall  pressure  for  the  higher  inlet  Mach  number  was 
higher  than  that  for  the  lower  Mach  number,  with  the  net  result  that  the  thrust 
potential  was  higher.  The  higher  enthalpy  data  for  Configuration  BHmR  showed 
reduced  combu  *ion  efficiency,  wall  pressure  and  thrust  potential. 

Local  equivalence  ratios  measured  in  the  burner  exit 
stream  are  plotted  as  a  function  of  radial  position  in  Figures  151  and  152.  The 
circumferential  distribution  was  reasonably  uniform  at  both  enthalpy  levels.  At 
the  lower  enthalpy  level,  the  radial  distribution  was  also  uniform,  indicating 
near-optimum  fuel  jet  penetration  and  good  radial  mixing.  The  higher  enthalpy 
uata  showed  a  lean  core  in  the  stream,  indicating  reduced  penetration  or  radial 
mixing. 


£j _ Configuration  BHmGR 

One  test  was  performed  in  which  Injectors  Hm  and  G 
were  operated  in  tandem  between  Air  Hoirle  B  and  Tailpipe  R.  No  burner  exit 
survey  was  made  with  this  configuration.  The  purpose  of  this  arrangement  w’as 
to  improve  performance,  as  evidenced  by  wall  static  ptessures,  by  increasing 
the  length  of  the  constant-area  duct  ahead  of  the  step.  The  total  length  of  3.  0 
inch  diameter  duct  attained  was  11  inches,  or  nearly  four  diameters. 

Wall  static  pressures  measured  at  two  enthalpy  levels, 
simulating  flight  speeds  around  Mabh  9  and  10,  are  presented  in  Figures  153 
and  154  Data  were  taken  with  various  total  equivalence  ratios,  and  with  various 
flow  splits  between  the  two  injectors.  Figure  153,  when  compared  with  data 
trom  Configuration  BHmR  as  comparable  conditions.  Figure  149,  shows  that 
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7.75 
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7.34 
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8.44 

1.09 
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significantly  higher  burner  pressures  were  measured  with  both  injectors  than 
with  Injector  Hm  alone.  The  highest  pressure  rises  in  the  constant-area 
section  were  attained  with  a  large  proportion  of  the  fuel  injected  cross -stream 
from  Injector  G,  which  followed  the  oblique  Injector  Hm. 

5)  Summary  of  Performance  Measurements 

a] _ The  Nature  of  the  Flow 

Before  begiitning  a  detailed  discussion  of  the  per¬ 
formance  of  these  combustors,  a  definition  of  terms  will  be  helpful.  Three 
terms  are  to  be  defined:  subsonic  combustion,  supersonic  combustion  and 
transonic  combustion.  The  definitions  of  the  first  two  are  established,  whereas 
the  last  is  ,  heretofore,  undefined. 

Conventional  subson'c  combustion  is  a  process  in 
which  air  enters  the  combustion  chamber  after  having  been  decelerated  to 
subsonic  velocity.  Fuel  is  added  and  mixed,  and  burning  occurs  at  subsonic 
velocity.  The  hot,  burned  gases  depart  the  chamber  at  subsonic  velocity,  to 
be  reaccelerated  to  sonic  velocity  in  the  converging  portion  of  a  nozzle. 

In  supersonic  combustion,  the  air  enters  the  chamber 
at  supersonic  velocity.  The  flow  throughout  the  process  of  fuel  injection, 
nruxing  and  burning  remains  supersonic  in  a  one-di,ncnsional  sense.  This  does 
not  disallow  minor  local  regie. is  of  subsonic  flow,  such  as  strut  wakes  or 
boundary  layers.  As  the  burned  gases  depart  the  combustor  at  •upersonic 
velocity,  no  constriction  of  the  flow  through  the  exhaust  nozzle  is  required. 

Transonic  combustion  resembles  supersonic  com¬ 
bustion  in  that  the  air  stream  entering  the  combustor  is  supersonic,  and 
constriction  of  the  discharge  stream  is  unnecessary.  The  distinguishing 
feature  of  transonic  combustion  is  that  the  burner  stream  is  choked  at  some 
axial  position  within  the  burner,  behaving  as  would  a  one-dimensional  stream 
at  sonic  velocity.  This  does  not  imply  that  the  actual  stream  at  the  choked 
station  is  of  uniformly  sonic  velocity.  The  flow  elsewhere  within  the  combustion 
chamber  may  be  superseni..,  subsonic,  or  both. 

It  is  apparent  from  the  data  tha»  the  step  combustors 
tested  here  operated  in  t'.e  transonic  combustion  mode  over  much  of  the  range 
of  conditions  used,  with  thi"  choked  station  located  at  the  combustor  exit.  To 
show  that  this  is  so,  it  will  be  expedient  first  to  study  the  behavior  of  a  simpli¬ 
fied  analytical  step  combustor  model  operating  with  sonic  exit  velocity,  then 
to  show  the  parallels  oi  behavior  between  the  step*  combustors  tested  and  the 
analytical  model. 
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The  one-dimensionel  Mach  number  of  a  flow  of  per¬ 
fect  gas  at  a  point  in  i.  duct  is  determined  by  the  parameter 

This  equation  is  derived  in  Appendix  I  .  In  general,  the  equation  has  two 
roots  of  Mach  number,  M;  one  subsonic,  the  other  supersonic.  As  the  value 
of  N  increases,  the  two  roots  converge  toward  M  =  1.  The  value  N*  =  N 
(  Y  ,  1)  is  the  maximum  value  of  N  for  which  real  roots  exi No  one- 
dimensional  flow  can  have  a  value  of  N  greater  than 

A  flow  having  the  maximum  possible  value  of  N  is 
said  to  be  choked.  Its  Mach  number  is  one.  Any  change  in  the  properties  of 
the  flow  tending  to  increase  N,  such  as  an  increase  in  stagnation  temperature, 

Tq,  must  be  accompanied  by  a  simultaneous  change  in  another  property 
sufficient  to  maintain  N  constant,  such  as  a  reduction  in  mass  flow,  w,  or  an 
increase  in  total  momentum,  F. 

With  this  insight  into  the  nature  of  choked  flows,  the 
hypothetical,  one-dimensional,  perfect-gas  "combustor"  of  Figure  155  may 
be  examined.  Here,  a  supersonic  gas  flow  enters  the  duct  from  the  left 
(station  2),  Within  the  duct,  the  area  undergoes  an  abrupt  increase  by  a 
factor  of  2.  5,  and  heat  is  added  to  increase  the  stagnation  temperature  of  the 
gas.  The  gas  leaves  the  duct  at  station  4  in  a  choked  condition  (M^=l).  The 
process  of  transonic  combustion  is  thus  simulated. 

The  nuiss  flow  through  the  duct  is  constant  for  a  given 
inlet  condition.  The  total  momentum  of  the  exit  stream  is  determined  by  the 
inlet  stream  and  by  the  pressure  on  the  base  of  the  step  (friction  is  neglected); 

^4  ■  ^  2  ^w  ^^4  “  ^2  ) 

Since  the  stream  at  station  4  is  choked,  an  increase  in  the  stagnation  temperature 
must  be  accompanied  by  an  increase  in  the  total  momentum.  As  the  inlet 
stream  is  invariant,  this  can  be  accomplished  only  by  an  increase  in  the  step 
base  pressure. 


» 


» 


» 


Figure  155  shows  the  minimum  step  base  pressure 
required  to  maintain  flow  through  the  hypothetical  combustor  as  a  function  of 
its  stagnation  temperature  ratio.  With  base  pressures  higher  than  the  mini¬ 
mum  shown,  N4  will  be  less  than  N*,  and  the  exit  stream  will  be  supersonic. 
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At  low  temperature  ratios,  the  minimum  base  pressure  is  negative,  indicating 
that  the  transonic  combustion  mode  is  impossible  in  this  frictionless  model. 

Only  the  supersonic  combustion  mode  is  possible.  At  higher  temperature  ratios, 
the  transonic  mode  becomes  possible.  In  the  transonic  mode,  the  base  pressure 
increases  with  increasing  temperature  ratio.  The  theoretical  maximum  heat 
release  occurs  when  the  base  pressure  equals  the  static  pressure  aft  of  a  normal 
shock  in  the  inlet  passage. 

The  behavior  of  the  measured  step  base  pressure  of 
the  step  combustor  tested  may  now  be  shown  to  be  similar  to  that  of  the  hypo¬ 
thetical  transonic  combustor.  Figure  156  shows  the  measured  base  pressures 
as  a  function  of  burner  equivalence  ratio,  ER.  The  data  are  segreated  into  two 
groups  by  enthalpy  level.  Closed  symbols  represent  tests  at  enthalpy  levels 
approximating  Mach  6  flight,  and  open  symbols  represent  tests  at  Mach  8  enthalpies. 
The  burner  equivalence  ratio  is  roughly  analogous  to  the  stagnation  temperature 
ratio  of  the  hypothetical  combustor,  although  the  relationship  is  by  no  means 
linear,  being  influenced  by  the  inlet  enthalpy,  the  variation  of  combustion  efficiency 
with  equivalence  ratio,  and  the  maximum  temperature  rise  occurring  near 
ER  =  1.  At  the  higher  equivalence  ratios,  the  measured  step  base  pressure 
exhibited  the  steep  rise  characteristic  of  the  hypothetical  transonic  combustor. 

This  is  considered  strong  evidence,  that  the  test  combustors  operated  in  the 
transonic  combustion  mode  at  these  conditions. 

At  low  equivalence  ratios  and  the  Mach  6  enthalpy  level, 
combustion  could  not  be  sustained.  Only  when  the  equivalence  ratio  was  in¬ 
creased  well  into  the  transonic  combustion  mode  could  combustion  be  sustained. 

This  accounts  for  the  discontinuity  in  the  step  pressure  curve  in  Figure  156 

At  low  equivalence  ratios  and  the  Mach  8  enthalpy 
level,  combustion  was  stable,  as  shown  by  the  wall  pressure  curves  of 
Figures  93  and  101,  but  the  step  base  pressure  remained  at  its  no-fuel  level. 

Only  above  ER  =  .  6  did  the  base  pressure  begin  to  increase.  This  is  considered 
good  evidence  that  the  supersonic  combustion  mode  prevailed  at  equivalence 
ratios  less  than  ER  =  .  6. 


It  was  previously  stated  that  the  flow  within  a  transonic 
combustor  may  be  both  subsonic  and  supersonic.  This  is  obviously  true  in  the 
regions  immediately  downstream  from  the  wall  step.  The  step  wake  is  necess¬ 
arily  subsonic,  but  the  core  of  the  flow  is  supersonic,  crossed  by  compression 
or  expansion  waves  depending  upon  whether  the  base  pressure  is  greater  or  less 
than  the  inlet  pressure.  In  such  a  non-uniform  flow,  the  pressure  measured  at 
the  wall  has  no  direct  relation  to  the  one -dimens ional  equivalent  of  the  flow. 

This  has  been  demonstrated  analytically  and  experimentally  (Reference  10  ). 

Further  downstream,  the  high  and  low  speed  flows  begin  to  mix,  and  the  stream 
becomes  more  uniform. 
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The  nature  of  choking  in  a  non-uniform  stream  may 
be  tentatively  explored  with  the  aid  of  a  second  simplified  analytical  model. 

A  flow  of  perfect  gas  past  a  point  in  a  duct  is  assumed  to  be  divided  into  two 
parts,  each  piecewise  \iniform.  Each  part  contains  half  the  total  mass  flow,  w. 
The  stagnation  temperature  of  one  part  is  twice  that  of  the  other.  The  hot  part 
is  denoted  by  the  subscript  h,  and  the  cold  part  by  c.  The  total  mass  flow  and 
energy  are  fixed. 

The  flow  will  be  defined  as  choked  when  it  has  the 
minimum  total  momentum  sufficient  to  pass  the  given  mass  flow.  This 
definition  is  consistent  with  that  used  for  the  uniform  flows  discussed  previously. 


The  total  momentum  of  the  combined  stream  is  the  sum 


of  that  for  its  parts; 


F  =  Fh  +  Fc 


(43) 


This  may  be  expressed  in  terms  of  the  flow  parameter  N,  defined  in  Equation 
(41): 


F  =  wh, 

The  boundary  conditions  imposed  are: 

vijj  =  Wg  =  l/2w 


/RTo^  /rToc 

A  gNh  ^  "fc/Y  gNc 


(44) 


(45) 


and 


T  =  2T 
oh  oc 


The  mean  total  temperature  of  the  combined  stream  is 


(46) 


^oh 


oc 


(47) 
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Combining  Equations  (44),  (45),  (46)  and  (47)  and 
performing  some  algebraic  manipulations,  a  non-dimensional  expression  for 
the  total  momentum  is  obtained  as  a  function  of  and  N 

•  f/lt  -  ^  k) 

(48) 

N^.  and  Nj^  are,  in  turn,  functions  of  the  respective  Mach  numbers  of  the  two 
parts  of  the  flow.  This  function  may  be  found  in  Appendix  B. 

The  total  momentum  is  plotted  as  a  function  of  the 
two  Mach  numbers  in  Figure  157  .  The  total  momentum  is  a  minimum  when 

both  Mach  numbers  are  unity.  With  no  further  constraints,  the  flow  thus  chokes 
when  the  Mach  number  is  uniformly  one, with  the  total  momentum  less  than 
required  to  pass  the  flow  were  it  mixed  to  uniform  temperature. 

The  attainability  of  a  choked  two-part  flow  having  both 
Mach  numbers  unity  may  be  challenged  on  intxiitative  grounds.  Since  the  temp¬ 
eratures  of  the  two  parts  are  unequal,  the  parts  must  have  unequal  velocities 
in  order  to  have  equal  Mach  numbers.  The  two  parts  would  be  separated  by 
a  slip  streamline  or  shear  layer.  Flows  strongly  influenced  by  pressure  gradients 
can  contain  thin  mixing  layers  approximating  slip  streamlines  for  short  distances. 
Such  a  flow  would  be  the  approach  to  the  throat  of  a  converging  noxzle.  A  flow 
approaching  the  choking  point  through  a  long  duct  with  only  mild  pressure  grad¬ 
ients  is  much  less  likely  to  contain  velocity  discontinuities.  Viscous  interaction 
and  turbulent  transport  between  the  two  parts  of  the  stream  tend  to  equalize 
their  velocities.  If  the  hot  part,  which  has  the  higher  sonic  velocity,  is  adjacent 
to  the  solid  boundary  of  the  duct,  viscous  interaction  with  the  boundary  will  tend 
to  retard  its  velocity.  These  effects  may  impose  additional  constraints  on  the 
system. 


Superimposed  on  Figure  157  are  lines  on  co.istant 
Vh  /V^  .  If  thf*  relative  velocities  of  the  two  parts  of  the  stream  are  constrained 
to  a  fixed  ratio,  and  this  ratio  is  nearer  unity  than  that  for  equal  Mach  numbers, 
the  minimum  total  momentum  required  to  pass  the  flow  is  greater  than  that  for  the 
unconstrained  flow.  Choking  occurs  with  the  Mach  number  of  the  hot  part  of  the 
stream  subsonic,  and  that  of  the  cold  part  supersonic.  If  the  two  velocities 
are  held  equal,  the  minimum  total  momentum  is  the  same  as  that  which  would 
result  in  choking  of  the  stream  if  mixed  to  uniform  temperature  (and,  incidentally, 
the  pressure  of  the  two-part  choked  stream  is  the  same  as  that  of  the  mixed 
choked  stream,  a  pheonomenon  peculiar  to  the  condition  of  equal  velocities). 
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These  considerations  help  to  explain  the  presence  of 
significant  variations  in  local  Mach  number  in  the  exit  streams  of  the  test  com¬ 
bustors  that  otherwise  appear  to  be  choked.  Figures  95  through  98  and  102 
show  supersonic  peak  Mach  numbers,  generally  in  regions  having  leaner  than 
average  equivalence  ratios,  and  large  areas  of  slightly  subsonic  Mach  numbers, 
usually  coinciding  with  the  richer  equivalence  ratios. 

Local  velocity  and  Mach  number  are  plotted  against 
the  local  frozen  total  temperature  in  the  exit  stream  from  a  typical  choked 
combustor  in  Figure  158  Mach  numbers  in  the  hotter  parts  of  the  stream 
were  subsonic,  while  those  in  the  cooler  parts  were  supersonic.  Velocities  in 
the  hot  parts  of  the  stream  were  equal  to  or  less  than  those  in  the  cooler  parts. 
The  velocity  appears  slightly  more  uniform  than  the  Mach  number,  having  a 
standard  deviation  of  17%  of  the  average,  as  compared  to  25%  for  the  Mach 
numbers. 


The  wall  pressures  measured  in  the  aft  portions  of 
the  step  combustor  provide  further  evidence  that  the  combustors  operated  in 
the  transonic  mode.  Since  mixing  has  progre:  sed  to  some  extent,  the  velocity 
profiles  are  much  more  uniform  than  in  the  forward  sections  of  the  combustors, 
and  it  may  be  postulated  that  the  behavior  of  the  stream  pressure  has  some 
relationship  to  the  one -dimensional  equivalent  of  the  actual  flow.  These  one¬ 
dimensional  equivalent  flows  may  be  termed  subsonic  ur  supersonic,  even 
though  the  actual  flow  is  non-uniform  and  contains  both  subsonic  and  supersonic 
local  Mach  numbers. 


Since  the  pressure  in  the  dump  chamber  was  main¬ 
tained  much  lower  than  the  combustor  exit  static  pressure,  the  combustor  exit 
stream  was  necessarily  either  supersonic  or  choked.  With  the  exit  flow  super¬ 
sonic,  it  is  improbable  that  the  flow  immediately  upstream  would  be  subsonic. 
With  the  flow  immediately  upstream  of  the  exit  supersonic,  its  pressure  would 
be  rising  under  the  influence  of  friction  and  heat  addition.  Figures  92,  93,  ICO, 
and  101  show  that,  at  the  highest  equivalence  ratios,  the  pressure  of  the  stream 
approaching  the  exit  was  falling,  indicating  a  subsonic  flow  approaching  tho  sonic 
exit. 


At  lower  equivalence  ratios,  the  pressure  of  the  stream 
approaching  the  exit  is  seen  to  be  rising,  indicating  a  supersonic  flow  approach¬ 
ing  a  sonic  or  supersonic  exit.  The  point  of  derrarcation  between  sonic  and 
supersonic  exit  flows  is  not  well  defined. 

In  the  proceeding  discussion,  it  was  assumed  that  the 
station  at  which  the  flow  choked  was  located  at  the  burner  exit.  In  step  combustors 
having  fuel  injection  near  the  step,  such  as  Configuration  AEN,  this  is  generally 
the  case,  as  heat  release  is  restricted  to  the  region  between  the  step  and  exit.  In 
configurations  having  fuel  injection  upstream  from  the  step,  such  as  Configuration 
AON,  choking  can  also  occur  in  the  smaller  inlet  bore  of  the  combustor  at  the 
plane  of  the  step.  Should  this  occur,  there  is  no  mechanism  within  the  combustor, 
upstream  from  the  choked  plane,  by  which  the  total  momentum  of  the  flow  can  be 
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adjusted  to  the  level  necessary  to  sustain  flow.  The  flow  seeks  an  adjust* 
ment  of  momentum  upstre/.m  from  the  combustor.  In  the  component  test, 
this  momentum  adjustment  occurs  through  separation  of  the  flow  in  the  air 
supply  nozzle,  the  diverging  portion  of  the  nozzle  acting  as  a  "step"  upon 
which  an  increase  in  pressure  may  act  to  increase  the  momentum  of  the  flow. 

In  an  engine,  the  adjustment  would  be  one  of  mass  flow,  rather  than  total 
momentum;  the  inlet  would  spill  excess  flow,  and  allow  to  enter  the  combustor 
only  the  flow  sustainable  at  the  choked  plane  by  the  available  total  momentum. 

A  separated  burner  inlet  stream  does  not  always  imply 
a  choked  flow  at  any  plane.  The  boundary  layers  of  the  burner  inlet  stream 
may  be  separated  by  excessive  pressure  gradients  imposed  by  fuel  injection  or 
combustion,  even  though  the  flow  is  far  from  choked. 

In  combustors  having  a  gradual  increase  in  flow  area 
with  length,  the  mode  of  combustion  is  less  easily  defined  than  in  step  com¬ 
bustors.  In  a  step  combustor,  the  flow  can  choke  at  one  or  both  of  only  two 
social  locations;  the  burner  exit  and  the  brink  of  the  step.  In  a  conical  com¬ 
bustor,  the  flow  can  choke  at  any  axial  location  at  which  the  rising  total 
momentum  fails  sufficiently  to  keep  pace  vd  th  the  rising  stagnation  temperature. 
If  choking  occurs  partway  along  the  conical  divergence,  the  combustor  can 
operate  in  the  transonic  mode  even  though  both  inlet  and  exit  are  supersonic. 

The  supersonic  exit  occurs,  in  this  case,  due  to  expansion  of  the  flow  aft  of  the 
choked  plane. 


The  existence  of  a  choked  plane  in  a  conical  combustor 
is  difficult  to  detect.  A  high  pressure  peak  along  the  length  of  the  combustor 
does  not  necessarily  imply  choking,  as  non-ur.  aormities  in  the  flbw  cin  create 
high  pressures  without  choking.  Separation  of  the  burner  inlet  is  considered  a 
fairly  reliable  indication  of  the  existence  of  a  choked  plane,  provided  the  inlet 
boundary  layers  are  thin,  capable  of  negotiating  large  pressure  gradients. 

bj _ Wall  Pressure  Forces 

In  the  step  combustors,  pressures  on  the  base  of  the 
wall  step  were  sufficiently  high  to  provide  good  burner  performance  when  the 
equivalence  ratio  was  high  enough  to  cause  the  burner  to  operate  well  within  the 
transonic  combustion  mode,  as  shown  in  Figure  156  .  At  lower  equivalence 
ratios,  (he  pressure  fell  rapidly  to  levels  much  lower  than  desired. 

With  no  fuel  injection,  a  low  base  pressure  was  expected. 
Figure  156  shows  the  no-fu'.l  pressure  to  be  about  0.2  times  the  pressure  of 
the  burner  inlet  stream.  The  flow  phenomena  that  establish  this  pressure  are 
complex.  A  qualitative  explanation  can  be  formulated  with  the  aid  of  the  con¬ 
ceptual  flow  diaj’ram  of  Figuie  159  .  For  a  more  informed  discussion  of  these 
phenomena,  see  Reference  20  . 
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The  aupertonic  flow  across  the  step  undergoes  an 
expansion  turn  to  the  lower  pressure  existing  in  the  step  wake.  The  flow 
then  proceeds  toward  the  downstream  wall  with  a  "free  boundary".  This 
boundary  is  actually  a  turbulent  layer  in  which  low-speed  gas  from  the  wake 
IS  mixing  with  the  main-stream  flow.  Upon  contact  with  the  downstream  wall, 
the  main-stream  flow  is  forced  to  negotiate  a  compression  turn  to  its  initial 
direction.  This  is  the  "reattachment  point". 

The  effect  of  the  pressure  rise  at  the  reattachment 
point  on  the  mixing  layer  determines  the  pressure  in  the  wake.  The  higher 
velocity  portion  of  the  layer,  adjacent  to  the  main-stream  flow,  is  able  to 
negotiate  the  compression,  and  continues  downstream  with  the  main-stream 
flow.  The  lower  velocity  portion,  adjacent  to  the  wake,  is  unable  to 
negotiate  the  compression,  and  is  turned  back  ("recirculated")  into  the  wake. 

The  amount  of  recirculated  gas  depends  upon  the  strength  of  the  compression. 

If  the  pressure  in  the  wake  were  reduced  from  its 
equilibrium  value,  the  expansion  of  the  approaching  air  would  be  greater,  and 
the  main  stream  would  approach  the  dowmstream  wall  at  a  greater  angle.  The 
reattachment  compression  would  thus  be  stronger,  causing  a  greater  proportion 
of  the  mixing  layer  to  be  recirculated.  The  added  flow  into  the  wake  would  tend 
to  increase  the  wake  pressure.  Conversely,  if  the  pressure  in  the  wake  were 
increased,  the  reattachment  compression  would  be  weakened,  and  the  recir¬ 
culated  flow  reduced,  tending  to  reduce  the  wake  pressure. 

It  was  expected  that  combustion  of  fuel  in  the  wake 
would  increase  the  wake  pressure  substantially,  even  with  the  combustor 
operating  in  the  fmly  supersonic  mode.  Heating  a  gas  reduces  its  density, 
therefore,  it  was  expected  that  low-density  gases  entering  the  mixing  layer 
would  reduce  the  momentum  of  the  flew,  so  that  a  greater  volume  of  gas  would 
be  unable  to  negotiate  the  reattachment  compression  and  would  recirculate  to 
increase  the  wake  pressure.  Also,  partially  burned  gases  recirculating  into  the 
wake  would  complete  their  reactions  while  in  the  wake,  expanding  to  increase 
wake  pressure.  This  anticipated  effect  was  demonstrated  by  Townend 
(Reference  21  ),  who  burned  hydrogen  in  the  wake  of  the  blunt  base  of  a  cylindri¬ 
cal  missile  in  a  supersonic  stream.  With  sufficient  burning,  Townend  was 
successful  in  elevating  the  base  pressure  to  that  of  the  surrounding  stream.  This 
effect  was  also  demonstrated  by  Bowyer  and  Carter  (Reference  22  ),  in  experi¬ 

ments  using  a  wall  step  in  a  rectangular  duct. 

In  the  present  tests,  efforts  to  elevate  the  base 
pressure  by  burning  fuel  with  the  combustor  in  the  supersonic  mode  were 
unsuccessful.  Four  possible  explanation)^  may  be  advanced: 
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(1)  A  combustible  fuel-air  mixture  wao  not  established  in  the  wake. 
Gas  samples  drawn  from  the  wake  region  of  Injector  E,  with  the 
bu.'ner  fully  supersonic,  indicated  little  fuel  in  the  wake.  The 
pedestals  of  Injector  E  evidently  placed  the  fuel  too  far  into  the 
8trean\  to  be  recirculated.  Injector  J  placed  all  its  fuel  directly 
into  the  wake.  Wake  gas  samples  indicated  that  all  air  had  been 
exch’ded.  Wake  gas  samples  were  not  obtained  with  Injectors  G, 
H  or  F;  these  had  better  opportunity  to  establish  a  combustible 
mixture  in  the  wake. 

(2)  Wake  pressures  were  too  low  for  stable  combustion.  Flame- 

holder  theory  (Reference  23  )  holds  that  a  bluff-body  flame 

stabilizer  is  stable  if  the  residence  time  in  the  mixing  layer 
is  greater  than  the  ignition  delay  of  the  mixture  of  hot  com¬ 
bustion  products  and  unburned  fuel  and  air  existing  in  the 
mixing  layer.  Low  pressures  tend  to  lengthen  igrition  delay 
times,  and  could  be  responsible  for  the  ineffectiveness  of  the 
step  as  a  flameholder. 

(3)  The  reattachment  compression  was  weaker  than  that  in  the 
Townend  experiment.  The  collison  of  flows  converging  on 
the  axis  of  symmetry  aft  of  Townend's  cylindrical  missile 
would  produce  a  much  stronger  compression  than  the 
diverging  axisymmetric,  flows  meeting  the  wall  aft  of  the 
step.  The  stronger  compression  innately  tends  to  recirculate 
more  of  the  nnixing  layer. 

(4)  The  attainable  temperature  rise  was  relatively  much  less  than 
in  Townend's  experiment.  Townend's  air  stagnation  temp¬ 
erature  was  only  540*R,  whereas  the  air  temperatures  used 
in  the  present  tests  were  in  excess  of  2500'R. 

In  the  transonic  combustion  mode,  the  step  base 
pressure  was  forced  to  acceptably  high  levels.  Unfortunstely,  it  is  expected 
that  transonic  combustion  will  be  increasingly  more  difficult  to  attain  at 
higher  flight  speeds.  The  heat  release  afforded  by  a  given  equivalence  ratio 
may  be  approximated  by  a  fixed  stagnation  temperature  rise  Tq  =  Tq4  - 
Tq2  in  the  simplified  analytical  model  of  Figure  155  .  The  base  pressure  of 
the  analytical  model  is  determined  by  the  ratio  of  stagnation  temperatures 


Jg-i.  =  1  +  -Iit-I _ IsL.  =  1  +  Aj[o 

To2  T  ^2 
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Thus,  with  a  burner  inlet  Mach  number  of,  say  3,  an  equivalence  ratio  pro¬ 
ducing  a  base  pressure  1.  5  times  the  inlet  pressure  of  flight  Mach  6 
(hQ2  =  767.  5  Btu/lbm)  would  be  insufficient  to  choke  the  burner  at  flight  Mach  9 
(hQ2  =  1610.4  Etu/lbm). 


Tabulations  and  correlations  were  made  of  step  pressure 
data  obtained  from  step  burners  tested.  The  step-to-inlet  pressure  ratio  was 
correlated  with  equivalence  ratio,  total  enthalpy,  and  a  semi-empirical 
function  of  total  enthalpy-equivalence  ratio. 

Good  agreement  was  shown  between  similar  injectors 
over  the  range  of  flight  Mach  numbers  tested.  A  map  of  step-to-inlet  pressure 
ratio  vs.  total  enthalpy  was  generated  to  facilitate  extrapolation  of  step 
pressures  over  a  range  of  burner  operating  conditions. 

The  slope  of  P  /Ps2  with  respect  to  ER  varies  for 
different  levels  of  flight  Mach  number,  tl.e  largest  slope  being  at  the  lowest 
Mp,  see  Figures  ,  161  ,  162  and  163  .  Differences  between  injectors 

are  evident  in  Figure  160  .  Injectors  (G)  and  (F),  located  upstream  of  the 
step  and  injecting  normal  to  the  air  stream,  produce  similar  results.  Injector  H 
located  upstream  from  the  step  and  injecting  obliquely,  and  Injector  E,  injecting 
normally  downstream  of  the  step  produce  similar  results.  The  normal/upstream 
injectors  have  higher  base  pressures.  Table  VIII  is  a  tabulation  of  the  step 
burner  data  collected. 


A  drawing  of  the  general  character  of  the  effects  of 
ER  on  the  stop-to-inlet  static  pressure  ratio  for  all  step  burners  showing  the 
steep  slope  whi>.h  is  indicative  of  burner  exit  choked  conditions  is  shown  in 
F'igure  164  • 


The  lines  correlating  the  data  in  Figures  160  and  161 
at  Mach  6  and  8  were  replotted  to  produce  an  empirical  relation  between  step- 
to-inlet  pressure  ratio  and  enthalpy  for  an  ER  range.  Only  data  correlations 
of  the  (H)  and  (E)  injectors  with  the  A  arc -tunnel  notzle  were  used.  This 
map.  Figure  165  ■  facilitates  prediction  of  step  pressure  over  an  ER  range 

from  .  4  to  1.2  and  Mp  range  from  6  to  8.  A  few  points  to  Mp  =  5.  5  from 
Figure  160  are  also  show.-,  in  Figure  165  .  Next  this  data  was  replotted  in 

Figure  166  against  a  semi -empirical  function  of  heat  addition. 

Figure  166  is  a  semi-empirical  correlation  of  the 
effects  of  heat  addition  on  the  step-to-inlet  pressure  ratio.  The  points  on  the 
plot  were  obtained  from  the  lines  of  data  correlation  for  Mp  5.  5,  6  and  8  in 
Fig\ires  160  and  161  .  The  derivation  that  follows  indicates  that  an  ideal 

frictionlesB  gas  .  The  step  pressure  should  be  correlated  by  one  line.  All 
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Symbol  Injcctor  Mp 
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o 

O 
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E  7.7-7.85 

E  7. 7-7. 9 

E  7. 8-8.1 

E  7. 8-8.0 

E  7. 8-8.1 

F  8.0-8.25 

E  e.J5 


161  -  lUIect  of  Iquivalonc*  Rntlo  on  8-mp  Proisuro 
Mneh  r.7  Roulo 
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Symbol  Injictor  Mr 

Q  C.  8. 8-9.0 

^  H  8.95 


71fur«  163  -  Iffvct  of  Iqulvalonco  tetlo  on  Stop  Prooouro 
(Mach  3.35  Sosnlo) 
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TTTT  .  anr-Bonnm  data 


nbol  Run 


(Coly  data  points  where  nitrogen  vaa 
not  on  are  tabulated) 

Ig.  Conflg.  h+o 


Pa  step 
P.o  Inlet 


117 

A23f 

598 

5.20 

.2912 

.726 

116 

17 

AHI 

645.2 

5.43 

•  4029 

1.009 

116 

V 

AEV 

688.5 

5.64 

.6327 

1.432 

128 

V 

An 

761.6 

5.98 

.6321 

1.60 

128 

IV 

API 

7^3 

6.03 

.729 

1.84 

IU6 

II 

AQI 

770.4 

6.02 

.758 

1.442 

146 

m 

AS! 

765.4 

6.0 

.8818 

1.6 

194 

2B 

AGO 

720 

5.79 

.5467 

1.34 

194 

2C 

AGO 

725 

5.81 

.7462 

1.77 

176 

n 

AHP 

747 

5.91 

.363 

.706 

176 

12A 

AIP 

758 

5.96 

.4o4 

.935 

176 

12B 

AHP 

761 

5.97 

.587 

1.168 

176 

12c 

AHP 

775 

6.04 

.606 

1.470 

177 

6a 

AIP 

756 

5.96 

.741 

1.336 

177 

6b 

AHP 

755 

5.95 

.765 

1.3^ 

177 

6c 

AIP 

751 

5.94 

.763 

1.371 

177 

6d 

AIP 

735 

5.86 

.770 

1.370 

111 

AEI 

870 

6.44 

.785 

1.371 

no 

AO 

906 

6.60 

.769 

1.312 

107 

AEir 

963 

6.82 

.817 

1.225 

183 

7A 

EHO 

975 

6.87 

.6831 

.87 

183 

7B 

BIO 

985 

6.91 

.6685 

.865 

217 

2 

AE06 

n92 

7.66 

1.26 

.943 

217 

3A 

AE06 

1210 

7.75 

1.144 

.82 

217 

3B 

AE08 

1218 

7.75 

.824 

.623 

217 

3C 

AEOS 

1247 

7.85 

.418 

.213 

217 

4A 

AEOS 

n43 

7.84 

.612 

.3135 
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Pe  itep 


Run 

Rdg. 

Conflg. 

^2 

ER 

Ps2  1 

216 

2A 

AEOS 

1229 

7.79 

1.189 

.901 

216 

2B 

ASOS 

1219 

7.75 

1.198 

.904 

216 

2C 

AS06 

1251 

7.87 

1.20 

.88 

216 

2D 

AEOS 

1247 

7.85 

1.194 

.879 

216 

2E 

AB06 

1280 

7.96 

1.205 

.866 

216 

2P 

AEOS 

1259 

7.89 

1.203 

.877 

216 

3A 

AEOS 

1174 

7.60 

.975 

.80 

216 

3B 

AEOS 

1202 

7.70 

.785 

.693 

216 

3C 

AEOS 

1227 

7.78 

.5M 

.324 

216 

3D 

AEOS 

1210 

7.73 

.392 

.214 

185 

liA 

BBO 

1245 

7.84 

.8038 

.286 

185 

4b 

BHO 

1220 

7.76 

.7925 

.288 

185 

6a 

BBO 

1220 

7.76 

.6126 

.272 

185 

6b 

BBO 

1295 

8.01 

.4406 

.264 

202 

3 

AEOS 

1245 

7.84 

.4917 

.215 

202 

5 

AEOS 

1265 

7.91 

1.1544 

.856 

202 

7A 

AEOS 

1290 

7.99 

1.172 

.857 

202 

7B 

AEOS 

1290 

7.99 

1.2023 

.876 

202 

7C 

AEOS 

1290 

7.99 

1.1964 

.851 

202 

7D 

AEOS 

1320 

8.09 

1.1926 

.784 

202 

7F 

AEOS 

1330 

6.12 

1.2028 

.781 

122 

I 

ABI 

1233.2 

7.8 

.3335 

.277 

122 

III 

AEB 

1221.8 

7.76 

.8847 

.5^ 

122 

IV 

AEI 

1295.7 

8.01 

.5059 

.281 

126 

II 

AEB 

1228.9 

7.79 

.4317 

.302 

126 

IV 

AEB 

1314 

8.07 

.592 

.329 

132 

I 

APB 

1369.1 

8.25 

.5747 

.285 

132 

II 

APB 

1290.4 

7.99 

.5863 

.2299 

129 

II 

APB 

1315 

8.05 

.445 

.215 

192 

U 

BOO 

1397 

8.34 

.90664 

.373 

187 

6a 

BBO 

1401 

8.36 

.37 

.242 

1.66 

6a 

BHO 

1425 

8.44 

.7292 

.298 

186 

6b 

BHO 

1455 

8.53 

.7489 

.305 

188 

6c 

BHO 

1455 

8.53 

.7637 

.292 
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Symbol 


Run 

R<4s. 

Config. 

ht2 

193 

5A 

BOO 

1902 

188 

8a 

BBO 

1595 

188 

8b 

EBO 

1595 

193 

5B 

BOO 

1595 

193 

5C 

BOO 

1568 

193 

5D 

BOO 

1569 

193 

5B 

BOO 

1568 

193 

7A 

BOO 

1618 

193 

7B 

BOO 

1630 

193 

7C 

BOO 

1637 

193 

7D 

BOO 

1575 

193 

7? 

BOO 

i6Il1 

193 

70 

BOO 

l£2iO 

193 

11 

BOO 

1589 

193 

13 

BOO 

1595 

3 


IR 

Pg  «t«p 
Pt2  inlet 

8.68 

1.152 

.829 

8.95 

1.6739 

.544 

8.95 

1*6701 

.521 

8.96 

1.149 

.815 

8.86 

1.155 

.809 

8.68 

1.135 

.813 

8.68 

1.157 

.799 

9.03 

.942 

.611 

9.06 

.717 

.53 

9.08 

.567 

.462 

8.9 

.357 

.389 

9.09 

.383 

.352 

9.09 

.555 

.433 

6.94 

.571 

.483 

6.96 

1.166 

.604 

9 


9 


9 


9 
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points  in  Figure  166  do  not  lie  on  one  line  because  of  the  large  deviations  from 
an  ideal  frictionless  gas.  The  parameter  h^2  *  (1500)  ER  was  arrived  at  by 

usi^^g  the  derivation  of  - -  " 

Generalized  Irreversible  Flow  Function.  ^2  Appendix  I  . 

A  step  burner  operating  thermally  choked  at  the  exit 
was  analyzed.  The  following  assumptions  were  made  to  simplify  the  analysis; 

1.  latentropic  flow 

Z,  Ideal  frictionleas  gas 

3.  Constant  airflow 

4.  Heat  addition  only  -  no  mass  addition 


*^4 

A.  /  A2 


1.  3  constant 
1  choked  exit 
w^  airflow 

R2  gas  constant 

2.  5 


Algebraic  manipulation  of  the  one>dimeniiional  momentum  equation  results  in 
tne 

Step  to  Inlet  Static  Pressure  Ratio  ^ ^  ^2^^ 


A4/A2  -  1 


In  Appendix  I,  the  following  ratios  were  derived: 


Impulse  Function  Ratio 


-)  (t^) 
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N;  _  2  (V  ♦  1)  M2^  (I  ) 


where: 


N' 


To*  •  (Toa) 


1  +  Y  M. 


(52) 


04'  M. 


N*  •  (N4)  M4  -  1 


Combining  equations  (51  and  52) 


w 


(1+  YMj'') 


P2  (A4/A2  -  1)  y  To2 
Combining  equations  (53  and  54) 


y  1  o')  N 


-  1 


(53) 


(1  +  Y  M2'‘) 
(A4/A2  -  1) 


To*.  2  (  Y  +  I)  Mj’  (1  ♦  M2S' 


02 


(1  4-Y  M22)2 


Simplifying  (55) 


(54) 


w 


(1  +  Y  M2‘‘) 


P2  (A4/A2  -  1)(1  +YM2') 


J  ^02 


'2(Y  +  1)  M2^(1  +^M2^)' 


(1  +  Y  Mj^)^ 


-  I 


w 


P2 


(A4/A2 '  i) 


Fo*  (1  +  Y  M2-‘) 


02 


A4/A2  *  1 


But  using  the  original  assumptions  of  ideal  frictionless  gas,  and  constant 
Mj,  y  I  Cp,  R  and  A4/A2  some  of  the  terms  may  be  lumped  together  into 


constants. 


w 


-C,/- 


Tq* 

—  -C2 

o2 


(55) 
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whe  re 


2  (  Y  +  1  )  ( 1  + 


(  1  +  Y 


(A^/A2  -  1  ) 

Therefore,  the  step-to-inlet  static  pressure  ratio  can  be  defined  as  a  function 
of  the  square  root  of  the  total  temperature  ratio: 


Also,  by  keeping  in  mind  the  assumption  of  heat  addition  and  no  mass  addition, 
the  following  approximation  can  be  made: 


C  Tq*  =  hj2  +  (1500)  ER 


Where  the  weight  of  fuel  per  weight  of  air  is  the  equivalence  ratio  times  the 
stoichiometric  fuel/air  ratio  of  H2  and  air: 

W-  ,W, .  lb  fuel 

_J  =  ER  X  =  - 

W.  \W./„  .  lb  air 


»ER=1 


where: 


W 

=  .029  Stoichiometric  H2  fuel/air  ratio 

^»ER=1 


Heating  value  of  =  51,600  Btu/lb 

n  .  Heating  value  of  fuel 

_i  X  51,600  Btu/lb  fuel  =  - — - — : - 

^  lb  of  air 
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then: 


ER  X 


X  (51,600  Btu/lb  fuel)  = 


Heating  value  of  fuel 
lb  of  air 


therefore: 


(1500)  ER 


Heating  value  of  fuel 
lb  of  air 


I 

I 


I 

i 

t 

j 


I 

t 


Again  from  equation  (8) 


h^2  +  (1500)  ER 


(58) 


Therefore,  the  atep-to-inlet  itatic  pressure  ratio  is  a  function  of  the  square 
root  of  the  total  temperature  ratio  as  well  as  a  function  of  a  total  enthalpy- 
equivalence  ratio  term: 


h^2  +  (*500)  ER 


t2 


(59) 


The  effect  of  the  semi-empirical  total  enthalpy-equivalence  ratio  function, 
equation  (59),  on  the  step-to-inlet  pressure  ratio  is  showm  in  Figure  J66 
The  effects  of  the  ideal  frictionleas  gas  assumptions  not  holding  true  during  the 
heat  addition  can  be  seen  by  the  fact  that  all  the  data  are  not  correlated  by  one 
line. 


The  conical  combustors  are  more  suited  to  use  at 
high  flight  speeds  than  the  step  combustors,  from  the  consideration  of  high  wall 
pressure  forces.  In  the  conical  combustors,  the  rearward-facing  surface  is 
distributed  along  the  length  of  the  combustor.  With  no  combustion,  the  mean 
pressure  on  the  rearward-facing  surfaces  is  higher  than  that  of  the  step 
combustors,  since  the  flow  is  attached  to  the  surface.  Any  combustion  producing 
an  increase  in  stream  pressure  will  increase  the  mean  wall  pressure,  since  it 
is  not  necessary  to  transmit  the  pressure  rise  through  a  wake  region  to  the 
rearward-facing  surface. 

The  data  substantitate  the  wall  force  advantage  of  the 
cTnical  combustors.  Tables  V  and  VI  show  a  mean  wall  pressure  ratio  of  .  96 
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for  Configuration  AGQ  and  .  19  for  Configuration  AFN  under  connparable 
conditions  (h^  =  1250-1300  Btu/lbm,  ER  =  .4).  A  graphic  comparison  of  the 
wall  force  of  the  various  combustor  types  is  provided  in  Figure  167. 

A  disadvantage  of  the  conical  combustors  appears  at 
'iow  enthalpy  levels,  where  thermal  choking  occurs  readily.  Should  the  flow 
tend  to  choke  at  a  location  near  the  burner  entrance,  sufficient  rearward-facing 
surface  is  not  available  to  provide  the  necessary  increaje  in  total  momentum 
to  sustain  the  flow.  The  flow  then  seeks  relief  upstream  from  the  combustor 
by  separating  the  flow  in  the  air  supply  nozzle.  This  phenomenon  limited  the 
maximum  useful  equivalence  ratio  of  Configuration  AFQ  to  .  5  at  the  flight 
Mach  6  enthalpy  level,  and  limited  the  maximum  ER  of  Configuration  AGO  to  .  5 
at  an  even  higher  Mach  8  enthalpy  level. 

The  step-cone  combustor  was  a  compromise  between 
the  step  combustors  and  the  conical  combustors.  A  small  step  near  the 
burner  entrance  provided  for  stabilization  of  transonic  combustion  at  low 
enthalpy  levels,  while  a  conical  section  following  the  step,  together  with  a 
smaller  combustor  area  ratio,  enchanced  the  mean  wall  pressure  at  higher 
enthalpy  levels.  It  was  possible  to  operate  Configuration  AHmR  at  equivalence 
ratios  as  high  as  .  7  at  low  enthalpy  levels  without  separating  the  burner  inlet 
stream.  With  Configuration  BHmR,  a  wall  pressure  ratio  of  .99  was  achieved 
at  flight  Mach  8.  4  enthalpy  level  and  stoichiometric  equivalence  ratio,  a 
substantial  improvement  over  the  pressure  ratios  of  the  step  combustors. 

c) _ Combustion  Efficiency 

The  combustion  efficiency  is  a  measure  of  the  degree 
to  which  the  conversion  of  chemical  energy  to  sensible  energy  has  been  corn- 
plated.  Combustion  efficiency  is  difficult  to  define  with  perfect  rigor  for  a 
number  of  reasons.  Principal  reasons  are  the  fact  that  a  certain  amount  of 
chennical  energy  remains  unconverted  when  the  stream  has  reached  equilibrium, 
and  that  the  residual  chemical  energy  depends  upon  the  interchange  of  sensible 
and  kinetic  energy  occurring  simultaneously  with  the  combustion  process. 

The  combustion  efficiency  for  the  combustors  reported 
here  is  based  upon  an  approximate  definition  commonly  used  to  facilitate  engine 
cycle  calculations.  By  this  definition,  the  burner  exit  stream  is  assumed  to 
be  in  chemical  equilibrium,  but  an  amount  of  heat  equal  to  the  fraction  of  the 
uonunal  heating  value  of  the  fuel  represented  by  the  combustion  inefficiency  is 
discarded  from  the  system.  The  use  of  equilibrium  gas  properties  thereby  per¬ 
mitted  greatly  simplifies  cycle  calculations.  The  studies  of  Reference  14 
have  shown  that  the  difference  in  results  between  this  and  more  rigorous  defini¬ 
tions  is  minor. 
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In  a  high-temperature  combustor,  two  requirements 
must  be  satisfied  in  order  to  complete  conversion  of  chemical  energy  to 
sensible  energy  to  occur:  (1)  the  fuel  and  air  must  be  intimately  mixed,  and 
(2)  sufficient  time  must  be  allowed  for  the  reaction  to  proceed  to  equilibrium. 

1;  is  believed  that  the  former  was  the  primary  contributor  to  the  combustion 
inefficiency  of  the  test  combustors. 

When  the  combustors  were  operating  in  the  transonic 
combustion  mode,  the  gas  stream  pressure  rose  quickly  to  about  1.  0  atmos¬ 
pheres  and  remained  at  that  level  for  much  of  the  length  of  the  mixing  pipe. 

At  this  pressure  level,  reaction  rates  are  relatively  fast.  The  chemical 
kinetics  ^calculations  of  Zakkay  and  Krause  (Reference  24  )  predict  a  reaction 
time  of  2  X  10"^  seconds  under  these  conditions.  At  a  velocity  of  6000  feet  per 
second,  this  would  require  1.  2  feet  for  completion  of  the  reaction,  as  compared 
to  the  2.  5  feet  of  mixing  length  available. 

Means  of  detecting  incomplete  chemical  reactions 
were  not  available  for  these  tests.  The  gas  sampling  rake  used  at  the  burner 
exit  was  incapable  of  freezing  the  composition  of  the  gas  sample.  Many  of  the 
samples  contained  less  than  the  freestrcam  equilibrium  amounts  of  reactants, 
indicating  that  the  chemical  reactions  had  proceeded  toward  equilibrium  during 
cooling  of  the  gas  sample  within  the  probe.  Since  the  kinetics  calculations  pre¬ 
dicted  that  the  reactions  should  be  locally  complete,  these  samples  were  correct¬ 
ed  to  indicate  chemical  equilibrium  in  the  freestream.  The  quoted  combustion 
efficiencies  for  the  combustor  thus  reflect  only  mixing  imperfections,  but  are 
believed  to  be  reasonably  accurate. 

In  the  mixing  process,  the  objective  is  to  transport 
the  fuel  from  discrete  sources  (the  fuel  nozzles)  to  a  ..^^iform  dispersion  in  the 
kir  stream  within  the  length  of  the  burner.  This  process  is  accomplished 
in  two  phases.  The  first  consists  of  the  breaking  up  and  scattering  of  the  fuel 
jets  by  turbulence  existing  or  induced  in  the  stream.  The  second  phase  is  the 
Intimate  mixing  of  fuel  and  air  molecules  accomplished  by  molecular  diffusion. 
Chemical  reaction  can  occur  only  after  the  latter  phase  has  been  accomplished. 
Since  molecular  diffusion  is  a  relatively  slow  process,  the  approach  to  the 
problem  of  reducing  mixing  length  is  to  reduce  the  transverse  distance  a  fuel 
molecule  must  diffuse  to  reach  an  air  molecule. 

The  first  consideration  in  improving  mixing  is  the 
distribution  of  the  fuel  sources  in  the  air  stream.  If  the  fuel  sources  were 
located  only  at  the  duct  walls,  some  of  the  fuel  would  have  to  be  transported 
by  turbulence  and  diffusion  the  full  radius  of  the  duct  to  reach  the  air  at  the 
center.  If,  on  the  other  hand,  the  fuel  sources  were  projected  into  the  air 
stream,  the  transverse  distance  to  be  traversed  is  reduced.  The  purpose  of 
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injecting  the  fuel  at  angles  to  the  flow  in  the  present  combustors  was  to 
project  the  fuel  sources  away  from  the  duct  walls  by  the  mechanism  of  jet 
penetration. 

Jet  penetration  in  many  of  the  test  combustors  was 
insufficient  to  fully  fuel  the  center  of  the  stream,  especially  when  the  fuel 
flow  was  .'elatively  low.  The  fuel  concentration  profiles  of  Figures  96,  103 
116,  125  and  141  all  show  fuel-lean  regions  near  the  center  of  the  duct  at  the 
burner  exit  plane.  This  indicates  that  the  distance  the  fuel  had  to  traverse  to 
reach  the  center  was  excessive.  All  these  data  were  taken  with  less  than 
stoichiometric  fuel  flow.  As  jet  penetration  increases  with  fuel  flow,  higher 
equivalence  ratios  would  be  expected  to  produce  better  fueling  of  the  centerline. 

The  data  of  Figures  94,  114  and  151  were  taken  with  an  equivalence  ratio  of 
stoichio  •ne»i>  or  higher,  and  show  a  much  more  uniform  distribution.  High 
flight  s:je^d  simulation  appears  to  render  penetration  more  difficult.  The 
data  of  Figures  131  and  152  show  evidence  of  deficient  penetration,  despite  high 
fuel  flow. 

The  function  of  turbulence  is  to  break  the  stream  of 
fuel  from  the  fuel  sources  into  lumps,  to  distribute  these  lumps  throughout  the 
air  stream,  and  to  break  the  large  lumps  into  smaller  lumps  until  the  distance 
between  lumps  is  small  enough  for  molecular  diffusion  to  complete  the  mixing 
process.  If  the  turbulence  existing  in  the  inlet  air  stream  is  inadequate  to 
accomplish  this,  additional  turbulence  must  be  induced  within  the  combustor. 
Penetrating  fuel  jets  may  be  expected  to  induce  turbulence.  Combustion  induces 
turbulence  by  creating  non -uniformity  in  the  flow  field.  The  strong  non-uniformity 
of  the  flow  field  associated  with  transonic  combustion  would  be  expected  to  be 
especially  effective  in  creating  turbulence. 

The  data  substantiate  the  expected  beneficial  effect 
of  transonic  combustion  in  promoting  turbulence.  The  fuel  distribution  profile 
data  of  Figures  94  through  97  and  102  were  obtained  with  equivalence  ratios 
high  enough  to  strongly  choke  the  combustor.  These  data  were  generated  by 
injectors  E  and  F,  having  only  four  fuel  sources.  The  fuel  profiles  show 
radial  gradients,  but  relatively  slight  circumferential  gradients.  In  contrast, 
the  profiles  of  Figure  98,  99,  103  and  122,  obtained  at  lower  equivalence  ratios 
at  which  the  burner  was  supersonic  or  only  weakly  choked,  show  distinct  circum¬ 
ferential  patterns  which  were  related  to  the  locations  of  the  fuel  injectors. 

Induced  turbulence  may  account  for  the  observed  trend 
toward  more  uniform  fuel  distribution  with  decreasing  enthalpy  level  observed 
among  burners  operated  at  high  equivalence  ratios.  An  example  of  this  trend 
may  be  found  in  comparing  Figures  151  and  152.  Increased  turbulence  tends 
to  compensate  for  insufficient  penetration. 
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The  fuel  distribution  profiles  presented  here  an* 
indicative  of  the  degree  to  which  turbulence  l*ad  dispersed  the  fuel  \n  the  air 
stream,  but  do  not  show  the  degree  tc  which  molecular  scale  mi;<ing  had 
progressed.  The  point  equivalence  vatios  were  computed  from  analysis  of 
gas  samples.  Eacn  gas  sample  was  taken  by  a  probe  that  ingested  a  small 
part  of  the  flow  at  a  point  In  space  over  a  relatively  long  period  of  time  in 
order  to  fill  the  sample  bottle.  In  all  probability,  the  composition  of  the  gas 
stream  at  the  sampled  point  was  not  constant  with  time.  More  likely,  the  flow 
consisted  of  lumps  of  fuel  broken  from  the  fuel  jets  by  turbulence,  separated 
by  regions  of  air,  with  blending  of  the  fuel  and  air  having  occurred  to  some 
degree  due  to  molecular  diffusion.  Lumps  and  spaces  might  be  expected  to  be  ^ 
of  the  order  of  .  01  to  .  1  ft.  in  size,  producing  a  period  of  fluctuation  of  2  x  10* 
to  2  X  IC"^  seconds.  The  probe  thus  sampled  a  continuously  varying  composition 
cooling  the  sample  and  mixing  it  in  the  sample  bottle  to  provide  an  approximately 
time-average  coHiposition. 

It  is  significant  that  a  probe  that  was  incapable  of 
quenching  the  high-tempe-ature  reactions  in  the  gas  sample  could,  by  sampling 
a  heterogeneous  stream,  obtain  a  sample  that  appeared  to  indicate  incomplete 
reaction.  In  one  increment  of  time,  the  probe  might  ingest  a  fuel-rich  mixture. 
All  residual  oxygen  would  be  consumed  in  the  probe  during  cooling  d  the  sample, 
and  the  products,  with  excess  hydrogen,  dumped  into  the  sample  bottle.  Once 
cooled  completely,  the  sample  would  not  react  with  other  mixtures  present  in 
the  bottle.  In  another  increment  of  time,  the  probe  might  ingest  a  lean  sample. 
After  completely  reacting,  this  ample  would  contribute  its  excess  oxygen  to 
the  mixture  in  the  bottle.  The  mixed  sample  in  the  bottle  would  thus  contain 
both  hydrogen  and  oxygen,  as  it  would  had  the  probe  quenched  a  homogeneous, 
incompletely  reacted  mixture.  The  prqbabrHty  of  this  occurrence  increases, 
of  course,  as  the  time-average  composition  of  the  stream  approaches  stoichio¬ 
metric.  Experimental  observations  and  more  detailed  discussion  o;  ‘his 
phenomenon  are  found  in  Reference  25  . 

High  over-all  combustion  efficiency  is  most  difficult 
to  attain  when  the  burner  equivalence  ratio  is  near  stoichiometric.  To  attain 
high  efficiency  with  lean  equivalence  ratios,  it  is  only  necessary  to  mix  enough 
to  bring  at  least  one  oxygen  molecule  into  proximity  with  each  two  hydrogem 
molecules.  The  performance  defect  resulting  from  allowing  the  excess  oxygen 
to  remain  unmixed  is  of  secondary  magnitude.  With  rich  equivalence  ratios, 
it  IS  only  necessary  to  brine;  at  least  two  hydrogen  molecules  into  proximity 
with  each  oxygen  molecule,  and  the  excess  hydrogen  may  be  left  unmixed.  But 
at  stoichiometric,  there  are  no  excess  reactants,  and  mixing  mist  be  complete 
to  attain  high  penormance. 
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In  the  event  that  the  burner  equivalence  ratio  ii 
significantly  less  than  stoichiometric,  and  mixing  has  progressed,  not  to  com¬ 
plete  uniformity,  but  to  the  extent  that  all  the  fuel  is  in  proximity  with  at  least 
the  stoichiometric  amount  of  oxygen,  combustion  inefficiency  of  secondary 
magnitude  can  still  exist.  The  same  i-  true  for  burner  equivalence  ratios  well 
above  stoichiometric,  when  local  equivalence  ratios  are  not  uniform,  but  are 
above  stoichiometric  everywhere  in  the  stream.  This  inefficiency  arises  from 
temperature  gradients  in  the  flow.  The  regions  having  local  equivalence  ratios 
near  stoichiometric  have  higher  static  temperatures  than  the  regions  far  from 
stoichiometric.  The  extent  of  dissociation  of  combustion  products  in  chemical 
equilibrium  increases  exponentially  with  temperature.  The  equilibrium 
dissociation  corresponding  to  the  mean  temperature  of  the  flow  may  be  moderate. 
The  dissociation  of  the  cooler  regions  will  be  somewhat  less.  The  dissociation 
of  the  hotter  regions,  however,  will  be  disproportionately  high,  so  that  the 
mean  extent  of  dissociation  is  greater  than  that  corresponding  to  the  mean  temp¬ 
erature. 

Combustion  inefficiency  also  arises  from  temperature 
profiles  caused  by  heat  transfer  to  the  burner  walls.  This  heat  is,  in  general, 
extracted  primarily  from  the  regions  of  the  flow  adjacent  to  the  walls,  leaving 
these  regions  cooler  than  average,  and  the  core  of  the  stream  hotter  than 
average. 

To  illustrate  this  effect,  ::  e  theoretical  curve  of 
Figure  168  may  be  employed.  This  curve  presents  the  extent  of  equilibrium 
diiisociation  of  stoichiometric  combustion  products  at  one  atmosphere  pressure 
as  a  function  of  temperature.  If  the  mean  temperature  of  a  stream  were,  say, 
4600 ‘R,  the  extent  of  dissociation  corresponding  to  this  temperature  would  be 
15%.  If,  however,  half  the  stream  were  actually  at  a  t  iperature  of  4000*R, 
and  the  other  half  at  5200*R,  then  the  two  parts  would  be  4%  and  50%  dissociated, 
respectively,  and  the  mean  extent  of  dissociation  would  be  26%.  The  mean 
extent  of  dissociation  would  thus  be  11%  higher  than  that  corresponding  to  the 
mean  temperature,  and  an  efficiency  decrement  of  about  11  points  would  result. 


An  example  of  combustion  inefficiency  due  to  a  temp¬ 
erature  profile  was  found  in  Run  164,  a  test  of  Configuration  AGQ  at  ER  =  ,42 
and  an  enthalpy  level  simulating  Mach  7.8  flight.  The  measurements  indicated 
that  the  combustor  exit  stream  was  everywhere  in  che.mical  equilibrium. 

Local  equivalence  ratios  were  found  to  vary  from  .  14  to  91,  all  below  stoichio¬ 
metric.  Heat  rejected  the  burner  walls  was  assumed  to  have  been  extracted 
from  the  outer  third  of  the  mass  flow,  rendering  the  stagnation  enthalpy  of 
this  region  370  Btu/lbm  lower  than  the  average.  The  method  of  calculating 
combustion  efficiency  was  such  that  the  rejected  heat  would  not  have  resulted 
in  an  efficiency  decrement  had  it  been  extracted  uniformly  from  the  stream. 

The  combustion  efficiency  computed  for  this  burner  was  78,  despite 
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apparently  adequate  mixing  and  combustion.  The  entire  efficiency  decrement 
for  this  run  was  attributed  to  the  above  effects  of  temperature  non-uniformities 
in  the  burner  exit  stream. 


The  measured  combustion  efficiencies  of  the  various 
configuration  types  have  been  plotted  against  equivalence  ratio,  roughly  segregated 
by  enthalpy  level,  in  Figure  169.  Superimposed  on  this  plot  is  the  target  com¬ 
bustion  efficiency  curve  established  at  the  outset  of  the  program.  The  efficiency 
target  was  met  or  exceeded  by  the  combustors  when  operated  at  the  lower 
enthalpy  level,  where  the  transonic  combustion  mode  is  readily  established. 

At  higher  enthalpy  levels,  the  target  combustion  efficiency  was  less  frequently 
attained,  especially  at  lean  equivalence  ratios,  where  the  combustors  tended  to 
operate  fully  supersonic.  In  general,  the  step  combustors  displayed  the  highest 
efficiency  levels,  attributed  to  the  stroqg  lurbulenct  induced  by  the  flow  about 
the  step.  The  step-cone  combustors  displayed  next  highest  efficiencies, 
followed  by  the  conical  combustors,  which  had  the  least  turbulence  generation. 

dj _ F riction  Drag 

Friction  drag  was  calculated  from  the  change  in 
total  momentum  of  the  gas  stream  through  the  combustor,  using  the  principle 
of  conservation  of  momentum; 


Df  =  F^  * 


P  (A, 

W  i 


A^)  .  F^ 


The  burner  inlet  total  momentum,  F2.  was  calculated  assuming  isentropic 
flow  through  the  air  supply  nozzle.  When  fuel  was  injected  downstream,  the 
fuel  momentum  was  ind  uded  in  this  total.  For  normal  injection,  the  fuel  being 
injected  perpendicular  to  the  axis  adds  no  momentum  to  the  stream.  The  exit 
momentum,  F^,  was  computed  from  the  burner  exit  surveys,  corrected  to  meet 
mass  and  energy  continuit  '.  As  the  velocity  head  of  the  non-uniform  exit  stream 
was  difficult  to  evaluate,  the  friction  coefficients  reported  in  Tables  V,  VI  and 
VII  were  based  on  inlet  velocity  head  and  the  wall  surface  in  shearing  contact 
with  the  flow: 

. 

'  A,  qi  (ei) 

The  friction  coefficient  is  probably  the  least  accurate  of  the  performance 
parameters  reported.  In  Equation  (60),  the  two  total  momentum  terms  are 
large  relative  to  the  friction  drag,  so  that  a  one  percent  error  in  evaluating 
either  total  momentum  will  result  in  an  error  of  the  order  of  20%  in  the  friction 
drag. 
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EQUIVALENCE  RATIO,  ER 


0  STEP  CONEUSTORS,  Mr  <  7 

0  STEP  COf^USTORS,  Mf  >  7 

0  CONICAL  COMBUSTORS,  Mp  >  7 
0  STEP-CONE  COKCUSTORS,  Mp  >  7 
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The  calculated  friction  coefficients  average  .  0025 
with  a  standard  deviation  of  .  0007.  That  this  average  is  higher  than  would  be 
predicted  for  fully  developed  pipe  flow  is  probably  justifiable  on  such  grounds 
as:  the  turbulence  generating  mechanisms,  such  as  the  penetrating  fuel  jets 
and  separated  flows,  tend  to  destroy  established  boundary  layers;  the  com¬ 
bustor  length  is  too  short  to  allow  fully  developed  flow;  etc. 

A  brief  analytical  combustion  study  was  performed 
to  investigate  the  effect  of  measurement  errors  on  the  accuracy  of  combustor 
friction  forces  calculated  from  measurement  of  the  combustor  exit  profiles. 

A  stream  composed  of  two  parts  was  selected  for 
analysis,  in  each  part  occupying  equal  areas  and  having  equal  static  pressures, 
total  momentums  and  air  and  hydrogen  stagnation  enthalpies.  Enthalpy  levels 
were  approximately  equivalent  to  a  SCRAMJET  burner  exit  stream  at  M  =8. 
The  two  parts  of  the  stream  differed  in  that  part  (a)  had  an  equivalence  ^atio 
of  0.  8  and  part  (b)  had  an  equivalence  ratio  of  1.  2.  Both  were  in  chemical 
equilibrium.  This  stream  was  selected  as  being  representative  of  a  burner 
exit  stream  which  migh  be  encountered  in  a  SCRAMJET  engine  in  flight  at 
Mach  8.  The  stream  properties  were  as  follows: 


Area 

Part  a 

1.  0 

Part  b 
1.  0 

Static  pressure 

atm 

1.0 

1.0 

Static  temperature 

•R 

4885 

4956 

Equivalence  ratio 

0.8 

1.2 

Velocity 

ft/sec 

5431 

5728 

Total  momentum 

Ibf 

8465 

8465 

It  was  assumed  that  the  following  measurements 
were  made:  impact  pressure  in  part  (2),  equivalence  ratio  in  part  (a),  static 
pressure  in  both  parts  and  total  fuel  and  airflows  and  stagnation  enthalpies. 
The  impact  pressure  and  equivalence  ratio  measurements  determined  the  flow 
in  part  (a).  The  flow  in  part  (b)  was  adjusted  to  maintain  over-all  continuity 
of  mass  and  energy. 


The  errors  introduced  and  the  resultant  errors  in  the 
calculated  total  momentum  are  outlined  in  the  following  table: 
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Measurement  Error 

1 

Magnitude  of 

Error  -  Percent 

Resultant  Total  Momentum 
Errors 

• 

• 

• 

• 

Part  a 

Part  b 

Overall 

'  \ 

Static  pressure  in  \ 

both  parts  too  low  \  10 

-.  87 

+7.  7 

+3.  4 

Static  pressure  of  part 
(b)  only  measured  low 

10 

0 

+3.  3 

+  1.6 

Impact  pressure  of 
part  (a)  too  low 

10  ‘ 

-9.  1 

+9.6 

+  .  26 

Equivalence  ratio  of 
part  (a)  too  high 

12.  5 

+.  003 

+.  59 

+.29 

Stagnation  enthalpy  of 
both  parts  too  low 

10 

0 

-4.  3 

-2.  1 

Stagnation  enthalpy  of  part 
[a)  too  low;  over -all 
enthalpy  correct 

10 

0 

-.41 

1 

o 

A  t«n  percent  reduction  in  the  ftatic  preeeure  of  both 
parti  of  the  itream  reiulted  in  a  3.4  percent  increase  in  the  overfall  total 
momentum  of  the  stream.  Since  the  combustor  fricton  forces  are  determined 
by  the  difference  between  combustor  entrance  and  exit,  an  error  in  the  exit 
total  momentum  nrught  be  nnagnified  ten  times  in  computing  the  friction.  It  was 
concluded  that  the  static  pressure  measurement  is  critical  to  the  friction  deter¬ 
mination. 


A  ten  percent  reduction  in  the  static  pressure  of 
part  (b)  only  resulted  in  a  1.6  percent  increase  in  the  over-all  total  momentum. 

A  ten  percent  reduction  in  the  impact  pressure  measure¬ 
ment  in  part  (a)  resulted  in  a  9.  1  percent  reduction  in  the  total  momentum  of 
part  (a),  but  this  was  compensated  by  adjustment  of  the  flow  in  part  (b)  to  main¬ 
tain  continuity,  so  that  the  ovei  -all  increased  only  0.  Z6  percent.  It  was  con¬ 
cluded  that  the  impact  pressure  measurement  is  less  critical  than  the  static 
pressure  measurement,  provided  over-all  continuity  is  maintained. 

A  12.  5  percent  increase  in  the  equivalence  ratio 
measurement  in  part  (a)  produced  a  0.  29%  increase  in  the  over-all  total 
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momentum.  This  measurement  is  also  of  lesser  importance  in  determining 
friction  than  the  static  pressure. 

When  the  stagnation  enthalpy  of  both  parts  were 
reduced  ten  percent,  the  over-all  total  momentum  was  reduced  2  1  percent; 
but  when  the  enthalpy  of  part  (a)  only  was  reduced  ten  percent,  with  the  over-all 
heat  balance  maintained  correct,  the  resultant  decrease  in  total  momentum  was 
only  0.20  percent.  This  indicates  that  the  accurate  measurement  of  combustor 
heat  losses  is  critical  to  the  determination  of  friction,  but  that  a  knowledge  of 
the  distribution  of  these  heat  losses  throughout  the  exit  stream  is  of  lesser 
importance. 

Errors  in  measuring  the  degree  of  departure  from 
chemical  equilibrium  in  the  stream  would  produce  much  the  same  error  in  total 
momentum  as  errors  in  heat  loss  measurement. 

Combined  Effects 


It  is  apparent  that  combustion  efficiency  alone  is 
insufficient  to  fully  describe  the  performance  of  a  combustor.  High  combustion 
efficiency  can  be  attained  by  increasing  burner  length,  but  the  friction  drag 
of  extremely  long  burners  renders  them  useless  for  production  of  thrust  in 
an  engine.  A  true  measure  of  combustor  effectiveness  must  combine  the 
relative  effects  of  combustion  efficiency,  friction  drag,  wall  pressure,  etc.  , 
and  must  be  related  to  the  ability  of  the  combustor  to  produce  thrust  when 
integrated  with  an  engine. 

The  over-all  combustor  effectiveness  parameter 
used  here  is  the  net  thrust  potential,  defined  as  the  net  axial  force  on  the 
combustor  and  a  hypothetical  inlet  and  exhaust  nozxle,  compared  to  the  axial 
force  on  an  ideal  combustor  inlet,  and  nozzle  having  the  same  combustor  inlet 
stream  and  exhaust  nozzle  exit  area. 

Net  thrust  potential  is  plotted  at  a  function  of  equi¬ 
valence  ratio  in  Figure  170  The  data  are  segregated  by  configuration  type. 

The  numerals  beside  each  data  point  represent  the  flight  Mach  number 
simulated  by  the  air  stagnation  enthalpy  of  each  test.  Superimposed  on  the 
plot  are  curves  of  net  thrust  potential  obtained  from  engine  cycle  calculations 
using  target  values  of  wall  pressure  force,  friction  coefficient,  and  combustion 
efficiency  established  at  the  outset  of  the  program.  These  curves  correspond  to 
fuel  injection  at  a  30  degree  angle  to  the  airflow,  curves  for  normal  injection 
are  generally  .01  to  .02  higher. 
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The  net  thrust  potentials  of  all  three  configuration 
typfs,  step,  conical  and  step-cone  were  approximately  equal.  The  combustion 
efficiencies  of  the  conical  »  .iibustors  were  much  lower  than  those  of  the  step 
combustors  (See  Figure  y""/,  but  this  deficiency  was  compensated  by  higher 
mean  wall  pressures.  '  the  enthalpy  level  simulating  Mach  7.  8  flight;  the 
step-cone  combustor  .  pears  superior  to  the  other  types,  but  its  performance 
depreciated  badly  at  he  Mach  8.  4  enthalpy  level. 

Target  levels  of  net  thrust  potential  were  exceeded  at 
the  lower  enthalpy  levels  (Mach  6-7  flight)  with  equivalence  ratios  greater  than 
0.  7.  At  higher  enthalpy  levels,  performance  was  below  target  for  all 
eq  livalence  ratios  below  1.2. 

c.  Burner  Nozzle  Tests 
1)  Objectives 

The  early  experimental  work  on  fuel  injectors  was  extended 
to  combustor  tests  in  1964.  In  1965  this  progress  was  further  extended  to 
GE's  first  tests  on  the  combination  of  two  water  cooled  SCRAMJET  components, 
the  combustor  and  exhaust  noarle.  This  testing  provides  initial  background  on 
the  mutual  effect  of  the  two  components  in  one  another,  and  indicates  the  use¬ 
fulness  of  data  obtained  from  tests  of  two  combined  components. 

The  specific  objectives  of  these  initial  exploratory  tests  were 
to: 

1.  Develop  appropriate  test  techniques  and  establish  the  suitability 
of  the  available  facility. 

2.  Identify  any  effects  on  the  burner  due  to  the  presence  of  the 
exhaust  nozzle. 

3.  Obtain  wall  pressures  and  freestream  exit  impact  pressures  for 
an  exhaust  nozzle  with  burner  exit  conditions  similar  to  those 
expected  in  a  vehicle,  for  comparison  with  analytical  calculations. 

4.  Provide  an  indication  of  the  extent  of  mixing  and  combustion 
occurring  in  the  exhaust  nozzle. 

5.  Examine  the  suitability  of  measurements  made  at  the  end  of 
an  exhaust  nozzle,  as  indicators  of  combustion  performance. 

2)  Choked-Burner  Exit  Conditions 

S»ep-burner  combustor  tests  run  at  simulated  Mach  8 
enthalpy  levels,  resulted  in  a  choked  (near  sonic)  burner  exit  condition.  These 
tests  using  a  step-burner  Configuration  AEN,  weie  rerun  with  an  exhaust 
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nozzle  to  provide  results  from  a  uniform,  well  defined  burner  exit  stream, 
with  a  high  level  of  dissociation  at  the  nozzle  inlet. 

Figure  171  compares  the  static  pressure  distributions  from 
the  burner  nozzle  test  Run  216  with  Run  104,  the  comparabls  test  without  a 
nozzle.  It  is  seen  that  the  nozzle  did  not  significantly  affect  the  burner 
pressures  and  that  the  pressure  distributions  for  the  two  runs  were  nearly 
identical. 


Figure  172  presents  the  results  of  gas  samples  taken  at  the 
combustor  exit  shown  as  percent  dissociation.  The  percentage  dissociation  is 
defined  as  the  percentage  of  the  fuel's  heating  value  that  is  still  unreleased  at 
the  combustor  exit  and  is  tied  up  in  partly-dissociated  latent-chenrdcal-energy 
of  the  products.  The  heating  value  used  does  not  include  the  heating  value 
for  that  portion  of  the  fuel  that  is  over  stoichiometric.  This  percentage 
dissociation  could  also  be  defined  in  terms  of  molecular  weight  change  which 
would  give  very  close  to  the  same  values.  The  measured  quantities  of 
dissociated  products  found  in  the  gas  samples  was  less  than  the  theoretical 
equilibrium  quantity  that  should  have  existed  based  on  calculations  from  the 
local  freestream  static  temperature  and  pressure.  The  probe  did  not 
successfully  quench  the  products,  and  recombination  took  place  within  the 
sampling  probe. 


Figure  173  shows  that  the  measured  dissociation  level  at 
the  end  of  the  nozzle  was  greater  tha.n  that  measured  at  the  end  of  the  burner. 
The  samples  at  the  end  of  the  nozzle  were  obtained  at  a  much  lower  total 
pressure  where  quenching  should  be  much  easier,  5  psia  at  the  end  of  the  nozzle 
vs.  30  psia  at  the  end  of  the  burner.  Also  the  quenching  in  the  exhaust  nozzle 
itself  may  have  helped  in  quenching  the  reactions,  In  addition  to  the  5  psia 
samples,  four  samples  were  drawn  through  the  specially  designed  quenching 
probe  (See  Figure  80)  which  cools  the  sample  at  a  pressure  of  1/2  psia.  The 
compositions  found  for  these  samples  were  in  general  agreement  with  the 
5  psia  samples. 


The  measured  dissociation  level  at  the  nozzle  exit  is 
significantly  below  the  theoretical  level  at  the  exit  of  the  burner.  These  samples 
may  be  measuring  the  extent  of  recombination  occurring  in  the  exhaust  nozzle. 
The  nozzle  recombination  does  not,  however,  go  all  the  way  to  equilibrium. 

The  equilibrium  levzl  of  dissociation  at  the  exhaust  nozzle  exit  is  less  than 

0.  1%. 


3) _ Burner  with  Fuel/Air  Profile 

To  demonstrate  the  lack  of  mixing  in  the  supersonic  nozzle, 
a  burner  with  a  significant  fuel/air  profile  was  run.  Rur.  164,  Configuration  AGQ, 
a  conical  burner  which  had  shown  a  significant  fuel/air  profile  at  simulated 
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Mach  8  conditions  and  an  equivalence  ratio  of  0.4,  v'as  retested  with  an 
exhaust  nozzle  as  Run  203,  Configuration  AGQS.  Gas  samples  were  obtained 
at  the  end  of  the  nozzle,  and  the  samples  from  both  tests  are  shown  in 
Figures  174  and  175.  The  prominent  characteristic  of  a  large,  very  lean  center 
region  is  evident  in  both  profiles,  indicating  that  little  mixing  occurs  in  the 
nozzle. 


Figure  176  compares  the  static  pressure  profiles  for 
Runs  203  and  164.  As  was  the  case  with  the  choked  step  burners  already 
discussed,  the  presence  of  the  nozzle  did  not  significantly  alter  the  com¬ 
bustor  pressure  distribution. 

4)  Final  Configuration 

The  final  configuration,  the  R  tailpipe,  was  also  tested  with 
an  exhaust  nozzle.  This  combustor  has  a  supersonic  exit  with  uniform  exit 
profile  except  for  some  leanness  at  the  center. 

Figure  177  contains  the  measured  Mach  number  at  the  end 
of  the  exhaust  nozzle.  One -dimensional  expansions  from  the  burner  exit  were 
made  with  constant  y  calculations  from  the  data  previously  presented  in 
Figure  142,  to  show  the  approximate  agreement  of  the  shape  of  the  profile 
at  the  two  stations. 


Figure  178  compares  the  fuel/air  data  measured  in  Run  205, 
a  burner-nozzle  test  at  simulated  Mach  =  8  conditions,  with  a  line  representing 
the  data  at  the  burner  exit  which  was  previously  presented  in  Figure  141,  for 
Run  ^06.  The  somewhat  lean  center  region  of  the  burner  exit  profile  is  also 
evidi  -.t  in  the  exhaust  nozzle  profile. 

Figure  179  presents  the  measured  percentage  of  dissociation 
at  the  nozzle  exit.  If  the  samples  were  properly  quenched  in  the  probe,  then 
these  results  are  measurements  of  the  combined  effect  of  combustion  efficiency 
and  nozzle  recombination.  By  comparison  with  the  curve  determined  for 
theoretical  dissociation  at  the  burner  exit,  it  is  seen  that  the  results  are 
reasonably  consistent  with  the  assumption  of  frozen  nozzle  Tow,  '.he  assumption 
used  in  cycle  calculations  and  in  EtaNT  determinations.  This  consistency  is 
dependent  on  the  existence  of  high  local  combustion  efficiencies  at  the  burner 
exit.  The  actual  one-dimensional  combustion  efficiency  numbers  used  in  cycle 
calculation  and  in  EtaNT  calculations  are  significantly  less  than  1007c  because 
of  profile  effects,  especially  that  due  to  convection  heat  loss  to  the  walls.  This 
heat  loss  results  in  an  average  enthalpy  level  for  the  one -dimensional  burner 
exit  stream  that  is  less  than  the  local  level  in  the  freestream.  The  theoretical 
dissociation  level  is,  therefore,  lower  for  the  one-dimens  ional  stream.  For  the 
data  points  presented  here,  the  one-dimensional  dissociation  level  for  the  burner 
exit  was  seventeen  (17)  percent. 
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Static  pressure  profiles  for  Runs  205,  215  and  206, 

Figure  180  shows  that  for  the  step-cone  geometry,  as  for  all  other  geometries, 
there  is  no  significant  effect  of  the  nozzle  on  the  combustor  pressure  distribution. 

5)  Applicabil’ty  of  Data  Taken  from  an  Exhaust  Nozzle 

Burner-nozzle  combinations  were  successfully  tested  at 
simulated  Mach  8  conditions.  Gas  samples  were  successfully  obtained  from 
the  low  pressure  nozzle  exit.  Combustor  wall  static  pressure  measurements 
were  obtained  which  showed  that  there  \'as  no  effect  of  the  noezle  on  the  com¬ 
bustor  pressure  distribution,  confirmin  '  that  nozzle  measure. nents  can  be 
compared  directly  with  burner  measurements. 

Low-pressure  gas  samples  were  successfully  obtained  at  the 
nozzle  exit.  Comparison  of  samples  made  as  the  butner  exit  with  samples  at 
the  exhaust  nozzle  exit  showed  that  very  little  large  scale  mixing  occurred 
down  the  nozzle.  Thus  some  features  of  Inadequate  mixing  in  the  burner  can  be 
detected  in  the  measured  profile  at  the  nozzle  exit.  Furthermore,  the  exhaust 
nozzle  sampF'f  showed  more  dissociation  that  samples  taken  at  the  burner 
exit  (at  leai't  ;^jr  choked  burners),  suggesting  better  quenching  of  the  reactions. 
These  samples  may  be  measuring  the  recombination  taking  place  in  the  nozzle. 

No  quantitative  verification  of  the  sampling  technique  is  available.  The  sum 
of  chemical  reactions  taking  place  in  the  combustor  and  the  nozzle  is  possibly 
more  significant  value  than  reactions  in  the  combustor  alone. 

The  impact-gas-sampling  probe  is  much  less  subject  to 
damage  when  used  downstream  of  the  exhaust  fiozzle.  The  flow  at  the  nozzle 
exit  is  at  lower  pressure  and  at  a  lower  mass  flow  rate  per  square  inch  than 
at  the  burner  exit,  resulting  in  significantly  lower  heat  transfer  rates.  The 
life  of  the  probe  is  increased  and  the  rel.\xation  of  cooling  requirements  makes 
it  possible  to  design  probes  with  improved  aerodynamic  design. 

The  wall  pressures  on  the  nozzle  ire  a  bonus  from  combustor 
tests  with  an  exhaust  nozzle.  These  measurements  provide  an  indication  of 
the  thrust  produced  by  the  combination.  A  comparison  of  these  nozzle 
measurements  with  analytical  calculations  is  reported  in  Volume  III,  which 
contains  a  discussion  of  exhaust  nozzle  performance,  under  Task  3a  of  Item  II. 

d^ _ i-lesults  of  Ignition  Tests 

1) _ Auto-ignition  Experience 

Ignition  of  the  test  combustors  and  stabilization  of  com¬ 
bustion  after  ignition  proved  to  be  somewhat  more  severe  problems  than  origi¬ 
nally  anticipated.  It  was  recognized  at  the  outset  that  for  the  lower  Mach  number 
cycle  conditions,  the  freestream  static  tempeiatures  were  too  low  to  result 
in  auto-ignition.  However,  it  was  hoped  that  sufficient  recovery  of  total  temp¬ 
erature  would  occur  in  the  fuel  injection  and  mixing  process  oc  in  boundary 
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layers,  to  result  in  ignition. 

The  term  "auto- ignition"  means  that  the  static  temperature 
of  the  fuel  and  air  streams  are  sufficient'*/  high  so  that  the  combustion 
reaction  begins  spontaneously  shortly  after  the  streams  begin  to  mix. 

The  distance  required  for  auto-ignition  to  occur  at  given 
conditions  of  temperature,  pressure  and  velocity  is  approximately  calculable. 

The  ignition  lag  curve  of  Figure  181  is  derived  from  the  empirical  correlation 
of  shock  tube  data  by  Schott  and  Kinsey  (Reference  31  ).  Similar  predictions 
can  be  obtained  by  calculation  of  chemical  kinetics. 

At  the  flight  Mach  6  enthalpy  level,  the  air  stream  entering 
the  test  combustors  had  a  static  temperature  of  about  1300*R.  Figure  181 
shows  that  this  temperature  is  too  low  for  auto-ignition  to  occur.  Cross- 
stream  injection  of  the  fuel  was  expected  to  raise  the  static  temperature  at 
the  leading  edge  of  the  jet;  but  this  region  is  small  and  could  not  be  relied  upon 
to  provide  ignition.  The  step  in  the  step  burner  was  expected  to  allow  ignition 
of  the  burner  by  providing  a  low  velocity,  hence  high  temperature,  region  in 
which  a  fuel-  r  mixture  could  be  retained  for  a  sufficient  length  of  time 
for  auto-ignition  to  occur. 

When  neither  of  these  ignition  mechanisms  succeeded  in 
lighting  •'he  burner  at  M  =  6  conditions,  a  test  program  was  initiated  to  investi¬ 
gate  a  number  of  different  ignition  schemes.  Following  is  a  list  of  the  successful 
and  unsuccessful  techniques  investigated. 

Successful  Unsuccessful 


1. 

High  fuel  flow 

1.  Spark  Plug  in  step 

2. 

High  back  pressure 

2.  Hydrogen  torch  igniter  in  step 

3. 

Cold  gas  injection  in  step 

4. 

Cold  gas  injection  at  exit 

5. 

An  explosive  charge  in  step 

6. 

Staged  fuel  injection 

2)  Successful  Igniter  Tests 
aj _ High  Fuel  Flow 

In  Figure  182  the  results  of  a  successful  ignition 
test  at  Mach  6  flight  conditions  are  presented.  In  this  test,  the  M  =  2.  7  arc 
tunnel  nozzle  -  A  was  used  along  with  the  normal  long  row  injector  (G).  As 
the  fuel  flow  or  equivalence  ratio  was  increased,  the  (G)  injector  produced 
greater  blockage  of  the  main  air  stream  producing  auto  ignition  of  the  H2  air 
mixture.  Auto  ignition  occurred  at  ER  =  1.  97. 
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bj _ High  Back  Pressure 

Previous  to  the  ignition  tests  reported  in  this  study, 
ignition  at  Mach  6  flight  conditions  had  been  achieved  only  by  increasing  the 
facility  back  pressure.  Thio  high  back  pressure  resulted  in  boundary  layer 
separations  in  the  combustor  and  high  pressure  subsonic  regions  for  ignition 
in  the  wake  of  the  separations.  A  test  was  conducted  to  evaluate  ignition  in 
the  wake  of  the  separations.  A  test  was  conducted  to  evaluate  ignition  by  in¬ 
creasing  back  pressure  at  low  equivalence  ratios.  Figure  183  indicates  the 
results  of  this  test  where  ignition  occurred  at  ER  =  .  363. 

cj _ Cold  Gas  Injection  in  Step 

A  jet  of  high  pressure  cold  air  was  injected  through 
an  injector  port  that  was  downstream  of  the  step  at  Mach  6  flight  conditions. 

The  results  of  the  cold  gas  injection  are  presented  in  Figure  184  for  a  number 
of  different  burner  and  injector  configurations.  It  can  be  seen  from  Figure  184 
that  using  the  upstream  injectors  (H)  or  (G)  the  cold  gas  injection  produced 
separation  of  the  approach  airstream.  In  a  flight  vehicle  such  a  separation 
would  unstart  the  engine  inlet.  By  using  an  injector  positioned  downstream 
of  the  step  the  cold  gas  injection  produced  ignition  in  the  burner  without  causing 
separation  upstream  of  the  step. 

This  ignition  technique  accomplishes  ignition  by 
increasing  local  static  pressures  and  temperatures  by  locally  blocking  a  large 
portion  of  the  available  flow  area,  and  by  creating  shock  waves  that  propagate 
across  the  stream. 

d)  _ Cold  Gas  Injection  at  Burner  Exit 

Injection  of  a  large  volume  of  high  pressure  cold  gas 
at  the  exit  plane  of  a  burner  successfully  produced  ignition  in  the  burner.  In 
this  case  the  fuel  injectors  were  upstream  of  the  step  but  the  burner  approach 
flow  was  not  separated.  The  effects  of  the  gas  injection  at  the  exit  on  pressure 
distribution  are  shown  in  Figure  185.  The  effects  of  cold  gas  injection  on  the 
burner  are  similar  to  the  effects  of  high  back  pressure,  as  seen  from  the 
similarities  of  the  pressure  traces  of  Figures  185  and  183. 

e)  _ An  Explojive  Charge  in  Step 

A  .  38  caliber  blank  cartridge  with  a  10  grain  smokeless 
powder  charge,  was  fired  into  the  step  region  and  resulted  in  ignition  of  an  H2 
air  mixture  at  Mach  6  flight  conditions.  In  Figure  186  the  results  of  two  tests 
using  the  .  38  cartridge  are  presented.  The  results  show  that  using  the  upstream 
injector  (H),  the  .  33  cartridge  caused  upstream  separation,  but  using  the  down¬ 
stream  injectors  (E)  the  .  33  cartridge  did  not  cause  upstream  separation.  This 
result  of  upstream  separation  using  upstream  injectors  is  similar  to  the  results 
of  using  cold  gas  injection  in  the  step  region  in  conjunction  with  upstream 
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injectors  shown  in  Figure  184. 

_ Staged  Fuel  Injection 

Injecl’on  of  fuel  from  injectors  downstream  of  the 
step  at  the  same  time  that  a  small  amount  of  fuel  is  injected  from  injectors 
upstream  of  the  step  satisfactorily  produced  ignition  at  Mach  6  flight  conditions. 
The  results  of  a  test  using  the  (G)  upstream  injector  and  the  (E)  injectors 
downstream  of  the  step  are  shown  in  Figure  187.  The  flow  disturbance  due  to 
the  (E)  injectors  ignited  the  mixture  from  the  upstream  (G)  injector. 

3)  The  Recommended  Igniter  System 

The  two  stages  of  fuel  injectors  provided  for  performance  also 
provide  a  satisfactory  ignition  technique.  It  was  established  in  these  component 
tests  that  although  a  single  fuel  injector  system  would  not  auto  ignite  at  the 
burner  inlet  at  M  =  6  conditions,  a  penetrating  jet  would  initiate  combustion  in 
a  stream  which  was  already  carbureted  from  an  upstream  injector.  With  an 
equivalence  ratio  between  0.  1  and  0.  5  from  the  upstream  injectors,  the  down¬ 
stream  injectors  should  auto  ignite.  It  is  recommended  that  this  technique  be 
adopted  for  the  6-12  vehicle.  If  any  difficulties  occur  in  lighting  the  engine, 
a  flare  or  explosive  charge,  such  as  used  in  component  tests,  could  be  incor¬ 
porated  into  the  design. 

3.  Combustor  Design  Considerations 

a.  Description  of  the  Problem 

The  function  of  the  combustor  is  to  accept  a  stream  of  air  from 
the  engine's  induction  system  and  a  stream  of  hydrogen  from  the  structural 
cooling  system,  to  mix  and  chemically  react  these  streams  in  the  most 
efficient  manner  possible,  and  to  discharge  the  resulting  stream  of  combustion 
products  to  the  exhaust  system  in  a  condition  to  provide  maximum  thrust. 

The  engir*  induction  system  delivers  air  to  the  combustor  through 
six  nearly  circular  ducts  spaced  about  the  periphery  of  the  engine.  Each  duct 
is  approximately  4.45  inches  in  diameter.  The  properties  of  the  air  stream 
vary  with  flight  speed,  as  shown  in  Figure  188.  The  air  stream  is  very  non- 
uniform,  having  thick  boundary  layers  developed  on  the  long  compression  lur- 
faces  of  the  inlet.  The  properties  shown  are  those  of  a  true  one -dimensional 
equivalent  of  the  air  stream,  defined  as  a  uniform  stream  having  the  same 
stagnation  enthalpy,  mass  flow,  total  momentum  and  area  as  the  a>.iuai  s'ream. 
This  equivalent  stream  is  used  by  one -dimensional  cycle  analysis  computer 
programs  to  calculate  the  correct  thrust  produced  by  the  engine. 

To  properly  perform  its  function,  the  combustor  must  not  alter 
the  properties  of  the  air  stream  delivered  to  it  by  the  induction  system. 
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The  mass  flow  and  temperature  of  the  hydrogen  supplied  to  the 
combustor  are  dependcn*'  upon  the  demands  of  both  the  combustor  and  the 
structural  cooling  system.  The  functions  of  the  combustor  are  most  easily 
performed  whr  n  the  fuel  temperature  is  high.  Structural  containment  con¬ 
siderations  li  nit  the  maximum  fu^l  temperature  to  about  2000'R.  At  low 
flight  speeds,  the  flow  demanded  by  th*  combustor  to  produce  adequate  engine 
thrust  is  greater  than  can  be  heated  to  2000‘R  by  the  cooling  system,  and  a 
lesser  temperature  must  be  accepted.  At  high  flight  speeds,  the  cooling  system 
must  supply  more  fuel  than  is  needed  by  the  combustor  in  order  to  limit  fuel 
temperature  to  2000*R. 

The  variation  of  hydrogen  flow  and  tem.perature  with  flight  speed 
is  shown  in  Figure  189.  The  fuel  flow  is  expressed  as  equivalence  ratio, 
defined  as  the  fuel  flow  divided  by  the  exact  flow  required  to  react  with  all  the 
oxygen  in  the  air  stream. 

The  combustor  must  accept  the  hydrogen  at  the  lowest  pressure 
possible.  Pumping  hydrogen  at  high  pressure  requires  much  auxiliary  power, 
and  the  pressure  loss  through  the  structural  cooling  system  is  great. 

The  efficiency  with  which  the  processes  of  mixing  and  reaction 
are  accomplished  within  the  combustor  depends  not  only  upon  the  degree  of 
completion  of  the  processes  attained,  but  also  upon  the  drag  forces  exerted 
upon  the  flow  in  accomplishing  the  processes.  Minimizing  drag  forces  requires 
that  the  combusto-  be  as  short  as  possible,  with  a  minimum  of  structure 
immersed  in  the  stream.  The  combustor  length  must,  however,  be  sufficient 
to  allow  space  for  fuel  tankage  within  the  flight  vehicle. 

The  combustor  discharge  is  a  single,  circular  duct,  located  con¬ 
centrically  within  the  engine.  The  entrance  to  the  exhaust  nozzle  is  adjustable 
to  fit  the  combustor  discharge.  The  nozzle  provides  no  additional  geometric 
constriccion  to  the  flow. 

To  produce  maximum  thrust  when  expanded  through  the  exhaust 
nozzle,  the  combustor  discharge  stream  must  be  as  uniform  as  possible,  and 
must  have  the  smallest  possible  fraction  of  its  total  energy  in  the  form  of 
latent  chemical  energy.  Chemical  reactions  left  to  be  accomplished  in  the 
exhaust  nozzle  must  be  minimized. 

b_; _ Combustor  Modes 

1) _ Supersonic  Combustion 

Supersonic  combustion,  as  defined  herein,  is  a  process  in 
which  air  enters  a  duct  at  supersonic  velocity,  fuel  is  injected  into,  mixes 
and  reacts  with  the  air  stream  in  such  a  manner  that  the  flow  within  the  duct 
remains  effectively  supersonic,  and  the  products  of  combustion  depart  from 
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the  duct  at  principally  supersonic  velocity.  The  flow  within  the  duct  may  have 
significant  regions  of  subsonic  flow  without  violating  this  definition.  These 
regions  are  normally  found  in  the  shear  layers  adjacent  to  the  duct  walls,  in 
wake  regions  aft  of  struts  or  wall  steps,  and  in  regions  of  separated  flow  in  the 
vicinity  of  fuel  injection  points.  Much  of  the  energy  conversion  (burning)  may 
occur  in  subsonic  regions.  As  long  as  the  properly  integrated  total  momentum 
of  the  entire  stream  is  greater  than  the  minimum  required  to  pass  the  flow, 
the  flow  is  considered  effectively  supersonic,  and  the  process  of  supersonic 
combustion  exists. 

The  definition  of  a  flow  as  being  effectively  supersonic  or 
effectively  choked,  based  on  its  total  momentum,  was  discussed  at  length 
in  a  previous  section  entitled  "Arc  Tunnel  Combustor  Tests;  Summary  of 
Performance  Measurements".  It  was  shown  that  a  uniform  (one -dimensional) 
flow  having  a  given  mass  flow,  total  energy  and  area  required,  by  continuity, 
a  total  momentum  not  less  than  a  minimum  value.  A  stream  having  the  mini¬ 
mum  total  momentum  was  termed  "choked",  and  its  velocity  was  sonic.  Streams 
having  greater  than  minimum  total  momentum  were  unchoked,  and  were  either 
subsonic  or  supersonic.  It  was  also  shown  that  the  minimum  total  momentum 
for  a  non-uniform  stream  could  differ  from  that  of  a  uniform  stream  having  the 
same  mass  flow,  area  and  total  energy. 

A  stream  having  greater  than  the  minimum  total  momentum 
will  be  either  subsonic  or  supersonic,  depending  on  the  subsequent  processes 
to  be  negotiated  by  the  stream.  Generally  the  stream  can  be  subsonic  only  if 
the  flow  is  choked  at  some  location  downstream  from  the  point  of  consideration, 
or  if  the  flow  discharges  to  a  high-pressure  environment.  If  the  flow  discharges 
unchoked  to  a  low-pressure  environment,  as  is  the  case  with  supersonic  ramjet 
combustors,  the  flow  naturally  seeks  the  lower-pressure  supersonic  condition. 

A  ramjet  flight  Mach  number  increasas,  the  static  temperature 
in  subsonic  combustors  increases  beyond  the  point  where  heat  can  be  released 
by  burning  hydrogen  and  air.  At  high  temperatures,  the  hydrogen  does  not 
burn  completely  to  water,  but  reacts  with  air  to  form  dissociated  species  such 
is  H,  OH  and  O.  The  large  amount  of  chemical  energy  normally  converted  to 
.sensible  energy  by  hydrogen  combustion  is  realized  only  when  all  of  the  hydrogen 
is  converted  to  water. 

Figure  168  is  a  plot  showing  the  percent  of  the  heating  value  of 
the  fuel  that  can  be  converted  to  sensible  heat  by  stoichiometric  combustion  to 
equilibrium  conditions.  At  ten  atmospheres  pressure,  50%  of  the  heat  is  released 
at  5900*R  v/hich  is  the  combustor  exit  total  temperature  at  M  =  8  flight  conditions. 
At  6500*R.  no  heat  is  released;  howe/er,  an  enthalpy  equal  to  the  heating  value 
of  th  ■  fuel  is  converted  to  the  chemical  energy  of  dissociation  of  the  exhaust 
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products.  At  higher  static  temperature,  Instead  of  releasing  heat, the  injected 
hydrogen  will  actually  absorb  heat  from  the  air  by  dissociating  into  atvjmic 
hydrogen. 


From  this  viewpoint,  subsonic  burners  operating  at  ve-y 
high  inlet  static  temperatures  are,  therefore,  no  burners  at  all.  Part  or  all 
of  the  chemical  heat  release  occurs  in  the  exhaust  nozzle  as  the  static  temp¬ 
erature  drops  due  to  expansion.  The  subsonic  section  provides  only  mixing  of 
fuel  and  air.  In  exhaust  nozzles,  the  rate  of  expansion  may  be  too  fast  to  pro¬ 
vide  adequate  reaction  time  at  the  static  temperature  conditions  where  recomb¬ 
ination  can  occur. 


Engine  performance  may  be  improved  at  higher  Mach  flight 
conditions  if  the  inlet  does  not  compress  to  subsonic  conditions  before  com¬ 
bustion.  This  technique  provides  the  following  advantages: 

(1)  The  total  pressure  loss  in  the  engine  inlet  is  reduced. 

(2)  The  supersonic  combustor  can  be  designed  to  complete  the 
combustion  reactions  by  providing  acequate  length  and 
reaction  time  at  static  temperature  c  ^nditions  at  which 
combustion  can  take  place. 

(3)  The  lower  combustor  pressures  typical  in  supersonic 
combustors  permit  operation  at  lower  altitudes  before  structural 
pressure  limits  and  heat  transfer  limits  are  exceeded.  Thus, 

at  the  static  temperatures  where  burning  occurs  (supersonic 
Mach  numbers)  higher  .static  pressures  can  be  provided  in  a 
SCRAMJET  combustor  than  is  provided  by  the  process  noted  in 
the  preceding  paragraph  where  heat  release  occurs  in  the 
exhaust  nozzle  The  increase  in  static  pressure  level  results 
in  greatly  accelerated  combustion  rates. 

For  maximum  engine  performance,  the  combustion  process 
should  occur  at  the  minimum  velocity  consistent  with  the  other  requirements 
of  the  system.  If  the  combustor  exit  area  is  too  large  in  comparison  with  the 
entrance  area,  the  flow  will  tend  to  accelerate  during  the  combustion  process, 
and  the  combustion  entropy  rise  will  be  unnecessarily  high.  For  this  reason, 
the  combustor  are  a  ratio  should  be  maintained  at  the  minimum  value  for  which 
the  exit  static  temperature  is  consistent  with  acceptable  dissociation  levels. 

Another  reason  for  limiting  the  area  ratio  of  the  supersonic 
combustor  is  the  desirability  of  maintaining  steep  pressure  gradients  in  the 
mixing  region.  It  is  known  that  steep  gradients  have  a  strongly  beneficial 
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el  ect  on  the  process  of  mixing  fuel  with  air.  Pressure  gradients  are  maxi¬ 
mized  by  constricting  the  flow  during  combustion.  The  compression  shock 
wares  creating  the  pressure  gradients  induce  no  losses  in  the  system  if  caused 
only  by  the  various  combustion  processes. 

Supersonic  combustion  is  useful  only  at  high  flight  speeds, 
where  the  combustor  inlet  stagnation  enthalpy  and  Mach  number  are  sufficiently 
high  to  prevent  thermal  choking  in  the  combustor.  At  lower  flight  speeds, 

(Mach  6-8),  thermal  choking  due  to  combustion  occurs  at  usefully  high  equi¬ 
valence  ratios.  This  thermal  choking,  if  not  properly  controlled,  can  cause 
the  airflow  to  "back  up"  in  the  combustor  until  the  excess  spills  from  the 
induction  system.  If  properly  controlled,  thermal  choking  can  be  used  to 
improve  combustor  performance,  as  discussed  in  the  next  section. 

2) _ Transonic  Combustion 

Transonic  combustion  as  defined  herein,  is  a  process 
wherein  air  enters  a  duct  at  supersonic  velocity  and  fuel  is  injected  into, 
mixes  and  reacts  with  the  air  stream  in  such  a  manner  that  the  stream  becomes 
choked  at  one  or  more  axial  locations  within  the  combustor.  The  flow  at  the 
choked  location  is  in  general,  highly  heterogeneous,  but  behaves  as  would  a 
uniform  stream  at  sonic  velocity.  The  flow  at  the  burner  exit  is  either  choked 
or  effectively  supersonic. 

Transonic  combustion  occu'S  at  moderate  flight  speeds 
(Mach  6-8),  where  the  combustion  heat  release  is  significantly  large  compared 
to  the  total  energy  of  the  flow.  Its  occurrence  depends  to  a  lesser  extent  upon 
the  Mach  number  of  the  burner  entrance  stream,  although  choking  can  occur 
with  infinite  inlet  Mach  number  if  the  inlet  total  energy  is  sufficiently  low. 

Thermal  choking,  if  properly  controlled,  can  be  strongly 
beneficial  to  the  performance  of  the  combustor.  Control  of  the  transonic  com¬ 
bustor  generally  requires  diverging  walls,  either  in  the  combustor  itself,  or  in 
the  engine's  induction  system,  downstream  of  the  point  of  maximum  contraction. 
When  thermal  choking  occurs  at  a  point  in  a  duct,  further  increase  in  the 
sensible  energy  of  the  flow  requires  that  the  total  momentum  of  the  flow  increase 
in  order  to  maintain  flow  past  the  choked  point.  The  flow  "piles  up"  ahead  of 
the  choked  point,  the  boundary  layers  separate  and  increase  the  pressure  of  the 
core  flow.  *  If  a  rearward-facing  wall  surface  has  been  provided  ahead  of  the 


*  This  increase  in  pressure  is  not  to  be  mistaken  for  the  type  of  compression 
which  takes  place  in  the  engine  inlet,  where  increase  in  pressure  is  accompanied 
by  a  decrease  in  stream-flow  total  momentum.  While  the  increase  in  momentum 
in  the  combustor  does  provide  higher  engine  performance  by  roviding  higher 
wall  forces,  this  increase  in  performance  is  not  related  to  tae  increase  in  per¬ 
formance  which  results  from  a  pressure  rise  due  to  increased  inlet  contraction 
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choked  point,  the  increased  pressure  reacts  with  this  surface  to  provide  the 
required  increase  in  total momentunv.  If  sufficient  divergence  is  provided, 
the  choked  flow  can  be  sustained  throughout  a  wide  range  of  sensible  energy. 
The  separated  regions  vary  in  pressure  and  extent  to  supply  the  demand  for 
total  momentum. 


Excessive  choking  of  the  transonic  combustor  is  detrimental 
to  the  performance  of  the  engine.  Excessive  choking  results  from  excessive 
heat  release  in  the  choked  combustor  creating  a  demand  for  more  total 
momentum  than  can  be  supplied  by  the  diverging  walls  provided.  When  this 
occurs,  the  separations  advance  forward  of  the  point  of  minimum  area.  Since 
the  increased  pressure  reacting  with  forward-facing  surfaces  produces  a  re¬ 
duction  of  total  momentum  the  separations  advance  unchecked  along  the  com¬ 
pression  surfaces  of  the  inlet  until  the  excess  mass  flow  is  spilled  overboard. 
It  is  thus  essential  that  sufficient  internal  divergence  be  provided  to  cm  tain 
the  separations  within  the  combustor,  with  th.*  desired  amount  of  heat  release. 

The  separations  and  shock  waves  preceding  the  choked  point 
in  a  transonic  combust  are  not  indicative  of  thrust  losses  in  the  system. 

The  entropy  rise  incurred  by  these  combustion-induced  shocks  is  an  integral 
part  of  the  necessary  entropy  rise  associated  with  heating  of  the  high-velocity 
stream.  This  becomes  obvious  upon  consideration  of  the  process  of  one- 
dimensional  simple  heating  of  a  perfect  gas.  In  this  process,  known  as 
Rayi -igh  line  flow,  the  total  temperature  of  the  gas  increases  in  a  constant- 
area  frictionless  duct.  The  mass  flow  and  total  momentum  of  the  gas  remain 
constant. 


The  state  of  a  one -dimensional  perfect  gas  flow  is  determined 
by  the  generalized  irreversible  flow  function  derived  in  Appendix  I  ; 


N  (  Y  ,  M) 


RTo 
Y  8 


(62) 


This  function  attains  a  maximum  value  at  the  sonic  point: 


N*  =  N  (y  .  1) 


(63) 


For  Rayleigh  line  flow,  with  w  and  F  constant, 

Ji  -  i£ 

N*  ■  To* 


(64) 
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Thus,  for  a  given  Mach  number  at  the  inlet  to  the  duct,  choking  will  reault 
from  a  definite  total  temperature  ratio. 

Two  approaches  to  the  choked  duct  exit  may  be  postulated, 
for  a  given  supersonic  entrance  Mach  number.  The  first  is  the  fabled  shock- 
free  combustion,  in  which  the  Mach  number  decreases  steadily  with  heat 
addition  to  unity.  In  the  second,  a  normal  shock  is  assumed  to  stand  at  the 
entrance,  anri  the  subsonic  Mach  number  downstream  from  the  shock  increases 
steadily  with  heat  addition  to  unity.  In  the  normal  shock  process.  To,  w  anO 
F  all  remain  constant,  so  that  the  value  of  N  does  not  change.  N*  is  a  function 
of  X  alone.  Obviously,  the  same  total  temperature  ratio  is  required  to  choke 
the  flow  after  the  normal  shock  as  was  required  to  choke  the  shock-free  flow. 
Further,  both  choked  flows  have  identical  values  of  N*,  therefore,  are  at  the 
same  state.  The  entropy  gains  of  both  processes  are  equal.  The  entropy 
rise  of  the  normal  shock,  added  to  the  entropy  rise  of  the  subsequent  subsonic 
heat  addition,  exactly  equals  the  entropy  rise  of  the  supersonic  heat  addition 
process. 


Transonic  combustors,  properly  stabilized,  have  been  tested 
and  found  to  provide  excellent  performance.  The  separate^  flows  and  strong 
pressure  gradients  preceding  the  choked  point  have  a  powerfully  beneficial 
effect  on  the  mixing  process.  The  use  of  transonic  combustion,  where 
possible,  is  highly  desirable.  The  somewhat  conflicting  requirements  of  large 
burner  area  ratio  for  transonic  combustion  at  moderate  flight  speeds  and  small 
*fca  ratio  for  supersonic  combustion  at  high  flight  speeds  present  a  design 
problem. 


3)  Subsonic  Combustion 

Subsonic  combustion  is  a  process  in  which  air  enters  a  duct 
at  subsonic  velocity  and  fuel  is  injected,  mixed  and  reacted  at  low  speed.  If 
the  exhaust  nozzle  following  the  combustor  is  of  the  converging -diverging 
type,  the  burner  exit  stream  is  subsonic.  If  the  exhaust  nozzle  only  diverges, 
the  burner  exit  stream  is  choked. 

With  a  converging-diverging  exhaust  nozzle,  the  subsonic 
combustor  shows  good  advantage  at  low  flight  speed,  where  burner  temperatures 
cannot  reach  levels  of  excessive  dissociation.  The  advantage  arises  from 
minimization  of  combustion  entropy  rise  at  the  low  combustion  velocities. 

When  the  burner  exit  is  choked,  much  of  this  advantage  is  lost. 

The  transonic  combustor  may  become  a  subsonic  combustor 
if  the  separations  preceding  the  choke  point  are  stabilized  sufficiently  ahead 
of  the  point  of  fuel  injection.  While  some  improvement  is  wall  pressure  may 
be  gained  by  this  means,  much  of  the  mixing  benefit  of  the  transonic  com¬ 
bustion  is  lost.  The  principle  mixing-promoting  pressure  gradients  occur 
ahead  of  the  fuel  injector,  where  there  is  no  fuel  to  mix. 
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c.  Combustor  Features 


1)  Area  Ratio 

The  area  ratio  of  a  SCRAMJET  combustor  is  optimized, 
when  the  burning  is  initiated  at  the  smallest  p>ermissible  flow  area  consistent 
with  engine  inlet  unstarting,  and  when  the  subsequent  divergence  achieves 
substantial  recombination  of  the  dissociated  products  of  combustion,  while 
minimizing  the  high  friction  losses  associated  with  the  small  burner  inlet 
area. 


Cycle  calculations  have  been  used  to  study  the  effects  of 
burner  area  ratio  on  performance  for  many  postulated  vehicles.  These 
results  can  be  generalized  to  a  considerable  extent.  For  frictionless  com* 
bustors  with  equilibrium  nozzles,  cycle  calculations  predict  higher  per¬ 
formance  for  constant  area  than  for  any  diverging  area  combustor.  Combustion 
at  the  highest  temperature  and  pressure  and  at  the  lowest  Mach  number  gives 
the  best  performance. 

Diverging  area  combustors  are  adopted  in  spite  of  the  cycle 
advantage  of  constant  area,  to  avoid  inlet  unstarting  at  low  flight  Mach 
numbers  and  because  of  chenucal  kinetic  considerate  ''  of  nozzle  freezing. 

At  flight  M  =  6  conditions,  constant  area  passages  v  ...i  o’chiometric  burning 
cannot  pass  the  flow  and  the  inlet  unstarts. 

One -dimensional  calculations  how  '  .  :'c  stoichiometric 

combustion  the  engine  inlet  unstarts,  the  flow  in  i  'at»  inlet  passages 
goes  subsonic,  and  the  inlet  spills  more  than  the  Jesi^n  sp.Ii  flow.  It  has  been 
shown  (see  discussion  of  Figure  157)  that  under  some  condi.ions  a  two-part 
or  two-dimensional  flow  can  pass  through  a  slightly  smaller  flow  area,  than 
the  equivalent  mixed  one -dimensional  flow.  However,  because  the  pressure 
rise  due  to  combustion  will  encourage  considerable  mixing  o'  the  flow,  it  is 
appropriate  to  treat  the  one-dimensional  calculation  as  an  effective  limit. 

Even  at  lower  fuel  flow  conditions  or  at  higher  flight  Mach 
number  conditions,  where  one -dimensional  mass  flow  continuity  is  not  violated, 
the  inlet  may  still  unstart.  Boundary  layer  separations  propagating  upstream 
from  the  high  static  pressures  generated  by  the  combustion  can  unstart  an 
inlet.  This  limit  may  be  more  severe  for  engines  where  the  fuel  is  injected 
close  to  the  minimum  contraction  area.  For  vehicles  which  inject  the  fuel  far 
downstream  of  the  minimum  contraction  area,  as  in  the  design  vehicle,  inlet 
data  taken  with  any  method  of  back  pressuring  should  be  adequate  for  deter¬ 
mining  the  limits  of  unstart.  Angle -of-attack  further  increases  the  tendency  to 
unstart  by  creating  pressure  distributions  and  fuel/air  distributions  around  tne 
circumfer'‘nce  that  can  locally  initiate  inlet  unstarting. 
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At  cunditions  where  there  ia  no  risk  of  the  combustion 
pressure  rise  unstarting  the  engine  inlet,  the  combustion  should  be  partly 
completed  in  a  constant-area  burner  inlet  section.  Because  of  the  high 
friction  loss  in  the  constant  area  section,  divergenc-;  should  begin  before 
combustion  is  entirely  complete. 

In  addition  to  the  cycle  prediction  of  high  performance  for 
constant  area  burning,  the  pressure  rise  generated  in  the  constant  area  section 
can  be  a  valuable  aid  for  achieving  good  mixing  of  fuel  and  air.  The  wake 
mixing  theory  discussed  in  thi»  report  indicated  a  large  increase  in  mixing 
rate  due  to  a  pressure  rise  just  downstream  of  the  injectors.  As  can  be  seen 
in  Figure  56,  a  factor  of  two  increase  in  the  pressure  decreased  the  lengths 
required  for  mixing  by  a  factor  of  five,  for  the  example  of  sonic  fuel  velocity 
in  the  arc  tunnel. 

Component  tests  at  air  enthalpies  simulating  M  =  9  -  10  flight, 
exhibited  increased  burning  when  the  constant  area  section  was  made  long 
enough.  This  increased  burning  is  attributed  to  the  increased  mixing  rate 
and  also  to  the  effects  of  higher  static  temperature  and  static  pressure  on 
ignition  and  combustion  rates. 

As  the  combustion  exhaust  gases  expand  into  the  exhaust 
nozrle,  the  static  temperature  of  the  gas  drops.  This  permits  those  exhaust 
products  which  are  dissociated  at  these  high  temperatures,  to  partly  recombine. 
In  general,  exhaust  nozzle  expansions  are  at  too  rapid  a  rate  for  the  dissociated 
species  in  the  combustion  exhaust  to  recombine  as  the  temperature  in  the 
nozzle  drops.  By  providing  a  gradual  expansion  in  the  early  part  of  the 
expansion,  most  of  the  dissociated  species  can  be  recombined.  In  the  work 
on  this  contract  this  gradual  early  expansion  has  been  treated  as  a  combustor 
function.  The  exhaust  nozzle  is  handled  as  a  frozen  expansion  in  cycle  cal¬ 
culations.  With  this  cycle  assumjjtion  the  optimum  combustor  is  one  with 
diverging  area.  The  rate  of  area  divergence  near  the  downstream  end  of  the 
combustor  ia  selected  from  chemical  kinetic  calculations  to  give  the  best 
possible  recombination. 

Contracting  area  combustors  have  not  been  given  significant 
consideration.  A  contracting  area  combustor  involves  a  design  with  an 
increased  risk  of  unstarting  the  inlet.  Frequently  such  a  design  could  be 
improved  simply  by  doing  more  contraction  in  the  inlet  before  beginning  the 
combustion. 


CONFIDENTIAL 


AF  APL-TR-65-103 


CONFIDENTIAL 


2)  Burner  Length 

aj _ F fiction  Loss 

Short  combustora  are  desirable  for  minimizing  heat 
transfer,  friction  loss  and  engine  length  and  weight.  The  combustor  length  is 
determined  by  the  requirements  to  achieve  mixing  of  fuel  and  air  and  to  com¬ 
plete  the  burning  process.  However,  in  supersonic  combustors  the  friction 
loss  and  heat  transfer  can  be  so  great  as  to  result  in  significant  compromises 
with  mixing  and  combustion  requirements. 

Identification  of  optimum  compromises  are  accomp¬ 
lished  with  the  aid  of  cycle  calculations  and  appropriate  treatment  of  component 
data.  For  vehicle  design  studies,  the  friction  loss  and  heat  transfer  effects 
are  accounted  for  in  the  cycle  calculations.  In  comparative  evaluations  of 
combustors  in  component  tests,  the  friction  loss  is  included  in  the  over-all 
EtaNT  performance  parameter.  Combustors  with  high  friction  loss  have  a 
lower  EtaNT  or  thrust  potential. 

The  flow  cross  section  shape  of  the  combustor  is  one 
significant  variable  affecting  friction  loss.  For  the  same  length  of  combustor, 
an  annular  combustor  passage  has  more  friction  loss  than  a  burner  of  circular 
cross  section.  ,  However,  insofar  as  the  burners  are  mixing  limited  rather 
than  reaction  limited,  an  annular  combustor  can  be  shorter.  Several  circular 
burners  have  more  friction  loss  than  a  single  burner  with  circular  cross 
section  having  the  same  length,  but  again  mixing  limited  combustors  can  be 
made  -shorter  in  smaller  diameters. 

bj _ Mixing 

Extensive  effort  has  gone  into  the  study  of  mixing  of 
fuel  and  air  in  supersonic  flows,  and  reasonable  mixing  has  been  demonstrated 
in  General  Electric  component  tests,  documented  with  freestream  gas  samples. 
Mixing  theory  is  inadequate  to  treat  all  aspects  of  the  mixing  problem.  Most 
of  the  theories  in  the  literature  treat  a  single  mixing  mechanism  and  are  con¬ 
fined  to  constant  pressure  fields.  An  approach  baaed  on  a  single  shear 
mechanism  was  identified  under  previous  contracts,  and  a  machine  program 
was  written  for  handling  certain  problems.  The  approach  treats  cocurrent 
flow,  density  difference  and  combustion.  Static  pressure  fields  are  treated 
independent  of  the  machine  program  as  an  effect  on  the  velocity  field  and 
resulting  velocity  shear  gradients.  Either  axisymmetric  or  two-dimensional 
problems  can  be  solved,  but  the  method  does  not  treat  overlapping  mixing  fields 
or  mixing  fields  affected  by  the  presence  of  a  wall.  The  findings  oi  the  pene¬ 
tration  study  in  this  report,  permits  the  flow  field  after  injection  to  be  defined. 

By  approximating  the  penetrated  jets  as  a  two-dimensional  cocurrent  flow,  the 
problem  can  be  reduced  to  simple  wake  equations  which  do  not  require  machine 
program  calculations. 
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Figure  61  presented  previously,  showed  the  mixing 
efficiency  to  be  expected  to  a  constant  pressure  field  for  a  wall  injector  con¬ 
figuration. 


Static  pressure  gradients  generated  by  the  com¬ 
bustion  affected  the  mixing  efficiencies  by  changing  the  momentum  defect  of 
the  mixing  wakes.  These  same  penetration  and  mixing  calculations  can  be 
applied  to  other  configurations  including  configurations  with  fuel  injection 
struts. 


Perhaps  the  most  useful  approach  for  shortening 
mixing  length  is  by  utilization  of  the  static  pressure  rise  generated  by  the 
combustion.  This  static  pressure  rise  increases  the  velocity  difference 
between  the  low  Mach  number  injected  fuel  and  the  supersonic  airstream, 
thus  increasing  the  mixing  rate.  By  designing  the  burner  divergence  or  the 
fuel  staging  to  achieve  the  maximum  pressure  rise  that  can  be  maintained  just 
downstream  of  the  fuel  injectors,  high  mixing  rates  should  result.  The  wake 
mixing  theory  predicts  that  when  the  pressure  rise  is  upstream  of  the  fuel 
injection  station  the  effect  on  mixing  is  eliminated.  In  this  case,  turbulence 
or  mixing,  is  generated  by  the  pressure  rise  due  to  its  action  on  t  le  wall 
boundary  layer,  an  effect  not  included  in  the  wake  mixing  analysis  presented 
in  this  report.  This  effect  on  wall  boundary  layers  was  not  examined  analyti¬ 
cally  under  the  present  contract. 

Reduction  in  mixing  length  by  utilization  of  a  strong 
pressure  rise  also  provides  high  static  pressures  and  temperatures  early  in 
the  burner  that  shorten  the  chemical  kinetic  requirements  on  burner  length. 

c) _ Chemical  Kinetics 

The  chemical  reactions  of  interest  in  a  combustor 
are  of  two  types:  auto-ignition  reactions  and  heat-releasing  reactions. 

The  freestream  static  temperatures  expected  at  .1,,. 
burner  inlet  at  M  =  6  flight  conditions  are  too  low  for  auto-ignition  to  occur. 
However,  once  the  fire  is  lit  locally,  the  ignition  can  propagate  by  mixing  as 
a  turbulent  diffusion  flame.  Also  pressure  rise  near  the  burner  inlet 
generated  by  the  downstream  combustion  process,  increases  the  static  temp¬ 
erature  at  the  inlet,  in  some  cases  resulting  in  auto-ignition  temperatures. 

The  basic  problem  of  igniting  the  burner  is  discussed  later. 

The  heat  releasing  reactions  are  not  as  sensitive 
to  burner  inlet  temperature  as  the  ignition  reactions,  but  are  very  sensitive 
to  pressure  level.  The  conibustor  inlet  pressures  for  most  missions  of 
interest  are  high  enough  to  result  in  efficient  combustion  in  short  constant  area 
lengths.  These  constant  area  combustors  are  mixing  limited,  not  reaction 
1 1  mi  ted. 
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However,  the  recombination  of  dissociated  exhaust 
species  which  takes  place  in  the  upstream  portion  of  the  nozxle  or  in  the  final 
portion  of  a  diverging  combustor  is  limited  by  the  pressure.  The  recombin¬ 
ation  reactions  are  the  identical  reactions  that  release  heat  in  the  combustion 
process  and  can  be  treated  with  the  same  calculations. 

Machine  programs  for  simultaneously  solving  the 
chemical  kinetic  equations  are  available.  These  calculations  show  that  very 
high  altitude  flight  missions  are  unsatisfactory,  requiring  excessively  long 
combustion  le.igths.  An  abbreviated  equation  is  used  routinely  by  the 
General  Electric  Company  in  cycle  calculations  to  prevent  the  selection  of 
missions  or  configurations  which  are  significantly  limited  in  combustor 
efficiency.  These  same  machine  programs  can  be  used  for  calculating  the 
progress  of  reaction  through  the  exhaust  expansion.  Abbreviated  calculation; 
programs,  which  identify  ithe  '  ■  point  in  the  nozzle  where  the  reactions 
effectively  freeze,  are  also  available  for  estimating  the  recombination  in  a 
nozzle  or  diverging  burner.  Figure  190  is  an  example  of  freezing  point  cal¬ 
culations,  these  calculations  used  the  rate  constants  that  Lezberg  (30)  found 
to  agree  with  experimental  measurements  in  an  exhaust  nozzle.  The  curve 
represents  the  rate  of  expansion  for  which  the  freezing  criteria  is  just  met. 
Also  shown  on  the  figure  is  the  expansion  for  a  burner  divergence  equivalent 
to  a  1.  67*  half  angle  cone.  It  is  seen  that  the  predicted  kinetic  freezing 
point  occurs  just  at  the  end  of  this  burner. 

As  the  area  ratio  of  the  combustor  is  increased, 
the  theoretical  dissociation  level  decreases.  At  some  point  in  the  expansion 
(the  freezing  point)  the  pressure  drops  too  low  for  the  chemical  species  to 
recombine.  This  limit  can  be  extended  by  increasing  the  length  of  the 
expansion  region  and  by  decreasing  the  rate  of  expansion.  In  general,  the 
expansion  rate  in  the  exhaust  nozzle  is  much  faster  than  the  burner  divergence 
and  the  reactions  are  frozen  in  the  exhaust  nozzle  expansion. 

dl  Vehicle  Geometry  Limitations 

Frequently,  combustor  lengths  are  determined  by 
mechanical  features  of  the  vehicle  desipi.  Examples  are:  the  length  of  a 
structural  strut;  the  length  of  a  translating  part;  the  length  required  to  get 
from  inlet  annulus  to  centerburner;  or  the  fuel  tank  length.  Also  once  the 
combustor  length  or  envelop  for  a  vehicle  design  is  established,  further  burner 
optimization  is  confined  to  other  features  of  the  burner.  The  combustor 
designer  can  optimize  within  a  fixed  length  by  diverging  the  combustor  in  the 
excess  length,  thus  reducing  friction  loss  and  maximizing  recombination,  or  by 
utilizing  th^s  length  for  mixing  around  the  circumference,  thus  correcting  any 
initial  maldistribution  of  fuel  and  air.  For  very  over-rich  conditions,  film 
cooling  of  the  walls  could  conceivably  be  used  in  the  region  downstream  of  the 
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burner  pressure  rise  to  reduce  skin  friction  loss  and  cooling  loads. 

The  general  shape  ai  the  burner,  annular  vs.  circular 
was  affected  to  some  extent  by  arc  tunnel  testing  considerations.  It  is 
desirable  to  select  a  final  design  very  close  to  a  configuration  tested  in  the  arc 
tunnel.  The  arc  tunnel  facility  is  particularly  well  suited  for  testing  combustors 
with  circular  cross  section.  Testing  a  large  annular  burner  in  the  arc  tunnel 
would  be  more  difficult.  This  arc  tunnel  consideration,  therefore,  contributed 
to  the  decision  to  uesign  the  burner  for  the  6-12  vehicle  with  a  circular  cross 
section  rather  than  annular. 

3)  Fuel  Injection 

aj _ Struts  and  Wall  Injectors 

Fuel  injection  struts  in  a  supersonic  stream  are 
objectionable  for  several  reasons.  They  generate  form  drag  losses  as  well 
as  friction  loss.  They  are  difficult  to  cool  and  create  severe  structural  prob¬ 
lems.  At  the  beginning  of  this  contract,  it  was  not  known  whether  adequate 
mixing  could  be  obtained  without  i’uel  injection  struts.  However,  the  aim  of 
the  program  was  to  first  investigate  combustor  designs  that  depended  on  in¬ 
jection  from  the  walls  of  the  combustor.  Cold  flow  tests  on  penetration  indicate 
that  wall  injectors  can  penetrate  a  substantial  distance  into  the  duct.  Mixing 
theory  predicts  that  these  penetrated  jets  mix  adequately,  if  sufficient  length  is 
available.  Combustor  tests  verified  the  adequacy  of  mixing  in  long  ducts.  If 
much  shorter  L/D's  were  to  be  achieved,  fuel  injection  struts  would  be  investi¬ 
gated,  This  only  seems  desirable  in  very  large  ducts  where  mechanical 
problems  may  be  minimired. 

Combustors  that  are  designed  to  mix  across  only  the 
distance  between  struts  will  hav^  significant  f/a  profiles  at  the  burner  exit, 
resulting  from  the  initial  air  distribution  at  the  burner  inlet.  Burners  with 
wall  injectors  are  designed  to  mix  over  greater  radial  distances,  almost  across 
the  combustor.  This  tends  to  minimize  problems  associated  with  the  initial 
radial  air  distribution.  The  6-12  vehicle  utilizes  wall  injectors.  However, 
the  six  barrels  approaching  the  centerburner  are  similar  to  a  round  duct  with 
six  radial  struts.  Fuel  injection  from  the  approach  barrel  walls  is  very  ■  imilar 
to  injection  from  struts  and  this  principle  is  utilized  in  the  design. 

In  additio-  to  the  advantageous  placement  of  fuel  by 
the  use  of  struts,  strut  wakes  provide  a  significant  mixing  mechanism.  The 
end  of  the  six  barrels  also  provides  this  mecha.nism  with  much  of  the  momentum 
defect  in  the  approaching  boundary  layers  contributing  to  the  generation  of 
mixing  phenomena. 
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b] _ Geometry 

Cold  flow  penetration  testa  indicated  that  some 
improvement  in  penetration  over  that  obtained  for  a  round  hole  could  be  obtained 
by  making  the  hole  have  a  low  aspect  ratio  shape.  Any  geometry  that  provided 
low  aspect  ratio  achieved  this  improved  level;  long-rows-of-holes  as  well  as 
dots.  Thus  a  mechanically  convenient  configuration  can  be  selected.  The  low 
aspect  ratio  injectors  can  be  made  sonic;  a  shaped  supersonic  hole  is  not 
reqmred  for  good  penetratici.. 

The  injectors  should  be  choked,  but  high  pressure  is 
not  required  for  penetration.  As  indicated  in  the  cold  flow  studies,  the  pene¬ 
tration  is  dependent  on  the  mass  flow  per  injector,  but  independent  of  the 
design  pressure.  This  permits  the  fuel  injectors  to  be  designed  to  give  mini¬ 
mum  back  pressure  to  the  fuel  system,  thus  minimizing  pumping  requirements. 

Figure  191  is  a  fuel  injector  pressure  schedule  for 
a  set  of  cycle  conditions  calculated  for  a  6-12  vehicle.  The  injector  flow  area 
was  set  to  just  choke  the  injectors  at  the  M  =  8  condition  assuming  that  the  com¬ 
bustion  process  had  increased  the  local  freestream  static  pressure  to  twice  the 
cycle  value  for  the  burner  inlet.  The  pressures  at  other  conditions  were  those 
required  to  pass  the  flows  indicated  in  the  cycles. 

Figure  63  is  a  plot  of  penetration  for  a  set  of  cycle 
conditions  in  the  6-12  vehicle.  It  is  seen  that  the  penetration  remains  relatively 
constant  over  the  entire  mission.  This  simplifies  injector  design.  A  single 
configuration  provides  suitable  penetration  at  all  conditions. 

cj _ Location 

The  best  performance  will  be  achieved  by  burning  at 
the  lowest  possible  Mach  number,  or  in  the  smallest  possible  flow  area.  This 
is  limited  by  inlet  unstarting  at  low  flight  Mach  numbers.  Combustion  in  a 
diverging  area  combustor  at  M  =  6  and  in  a  constant  area  combustor  of  M  =  12 
can  be  accomplished  by  incorporating  two  sets  of  fuel  injectors,  one  upstream 
of  the  other. 


d.  The  Recommended  Combustor  Design 
1)  Design  Features 

In  discussing  Combustor  Design  Considerations,  Task  IID, 
in  the  mid-contract  report  for  the  previous  SCRAMJET  contract,  written  in 
December  1963,  (Reference  8  ),  it  was  stated  that,  "The  available  know¬ 

ledge  is  too  incomplete  to  design  an  operable  SCRAM  combustor  at  this  time". 
Today  both  the  experimental  background  and  theoretical  understanding  of  the 
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phenomeni  »re  adequate  for  designing  a  flight  combuitor.  Extensive  experi¬ 
mental  data  are  available  simulating  flight  Mach  numbers  from  6-9.  Experi¬ 
mental  component  tests  simulating  the  M  =  10  to  12  range  are  lacking  for 
f>erformance  estimates  and  experimental  data  at  M  =  9  to  10  have  indicated 
increasing  difficulty  with  increasing  Mach  number,  for  diverging  burners. 
However,  some  tests  at  M  ^  10  to  10.  5  have  indicated  encouraging  results  for 
burners  with  a  constant  area  inlet  section. 

The  objective  of  this  contract  was  to  identify  a  workable 
design  rather  than  a  completely  optimized  burner.  This  resulted  in  a  con¬ 
servative  approach  with  effort  directed  at  establishing  good  reliability  for  the 
recommended  design  with  accurate  performance  estimates  baaed  on  extensive 
test  data.  Close  sinularity  to  burners  tested  in  the  arc  tunnel  was  incorporated 
in  the  recommended  design. 

aj _ Area  Ratio 

Figure  192  shows  the  burner  contour  in  the  6-12 
vehicle,  a  diverging  area  combustor  with  area  ratio  of  2.  09.  Although  con¬ 
stant  area  gives  high  performance  at  conditions  where  it  can  be  applied,  at 
M  =  6  one -dimensional  continuity  is  violated  in  constant  area  at  a  fuel 
equivalence  ratio  of  one. 


A  smaller  area  ratio  than  2.09  could  have  been 
selected  without  violating  continuity;  but  the  2.  09  area  ratio  limits  the 
pressure  rise  at  the  burner  inlet  to  a  value  that  will  not  separate  the  approach 
boundary  layer.  A  pressure  limit  of  twice  the  approach  stream  static  pressure 
was  assumed  to  be  satisfactory  based  on  unpublished  test  results  on  inlet 
Model  28, together  with  observations  from  arc  tunnel  combustor  tests.  The 
pressure  limit  for  M  =  6  operation  was  used  to  deterntine  the  burner  area  ratio. 
The  average  axial  wall  force  was  calculated  by  performing  cycle  calculations 
for  Mach  6.  0  flight  conditions,  assuming  M  =  1  flow  at  the  burner  outlet. 
Although  the  burner  area  ratio  was  made  small  to  optimize  performance  at 
M  =  ^  conditions,  the  area  ratio  also  provides  significant  recombination  at  the 
higi  r  flight  Mach  number  conditions. 

_ Divergence  Rate 

The  burner  begins  in  the  six  ducts  that  feed  the 
central  duct.  The  initial  section  of  the  burner  is  approximately  constant  area. 
This  constant  area  permits  the  combustion  to  generate  a  significant  pressure 
rise  upstream  of  the  diverging  area  region  at  the  high  flight  Mach  numbers,  thi  : 
increasing  the  mixing  and  burning  rates  and  resulting  in  high  wall  forces  and 
high  Mach  numbers  at  the  burner  exit. 

Sud  ’  1  expansion  exists  where  the  six  burner  inlets 

come  together  into  the  centra.  ct.  This  sudden  expansion  is  in  the  burner 
not  only  for  the  mechanical  simplicity  of  avoiding  fairings  in  making  this 
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transition,  but  also  to  help  contain  the  combustion  generated  pressure  rises 
at  low  Mach  number.  The  final  portion  of  the  burner  is  diverging  to  further 
relieve  the  pressures  created  by  the  combustion  process  and  to  permit  gradual 
expansion  of  the  burned  gases  to  lower  temperatures  where  the  dissociated 
exhaust  products  portly  recombine  before  entering  the  exhaust  nozzle.  This 
sudden  expansion  and  subsequent  divergci.co  have  a  very  close  relation  to  the 
step  cone  (R)  tailpipe,  which  was  extensively  tested  in  the  arc  tunnel  tests 
and  presented  in  previous  sections  of  this  report. 

c) _ Combustor  Length 

The  over-all  length  of  the  combustor  was  set  to 
achieve  appreciable  mixing  and  recombination  before  entering  the  exhaust 
nozzle.  The  length  is  the  same  L/D  used  in  most  of  the  arc  tunnel  combustor 
tests  and  the  performance  is,  therefore,  well  documented. 

The  length  of  the  combustor  was  affected  to  a  con¬ 
siderable  extent  by  vehicle  fuel  volume  considerations.  It  was  not  possible 
to  reduce  burner  friction  loss  by  shortening  the  combustor  since  this  would 
shorten  the  proposed  engine  and  reduce  its  fuel  capacity  below  that  required 
to  fly  the  6-12  vehicle.  Thus,  the  combustor  selected  was  not  actually 
optimized  on  a  thrust  potential  basis;  i.  e.  ,  the  reduction  In  friction  loss  for 
a  shorten  combustor  was  not  balanced  against  the  loss  in  combustion 
efficiency  to  select  an  optimum  length.  Shorter  lengths  might  be  desirable 
to  reduce  the  cooling  requirements  on  the  fuel,  but  this  optimization  was  also 
not  incorporated. 


By  making  use  of  the  six  inlet  barrels  as  fuel  injector 
struts,  the  effective  L/D  of  the  combustor  is  increased  beyond  the  tested  value 
of  10.  The  good  performance  obtained  in  component  tests  could  probably  be 
achieved  in  a  burner  having  a  length  somewhat  shorter  than  the  indicated 
length.  However,  the  extra  length  will  be  needed  to  achieve  the  indicated 
performance  if  significant  mal-distribution  of  airflow  between  inlet  barrels 
exists  due  to  engine  angle-of-attack. 

Application  of  mixing  theory  calculations  to 
estimate  for  length, indicate  adequate  length  and  that  substantial  comoustion 
should  be  completed  in  the  six  barrels  upstream  of  the  centerburner  at  M  =  6-12 
conditions. 


d) _ Fuel  Staging 

Two  sets  of  fuel  injectors  are  provided.  At  M  =  6 
the  fuel  is  injected  near  the  transition  from  six  barrels  to  one  burner.  The 
other  fuel  injector  is  placed  as  far  upstream  as  possible  without  running  the 
risk  of  unatarting  the  engine  inlet. 
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The  injectors  are  a  low  aspect  ratio  configuration 
each  consisting  of  a  long  row  of  holes.  These  injectors  could  be  built  the 
same  as  those  in  the  "R"  tailpipe  arc  tunnel  tests,  however,  a  configuration 
improvement  is  reconunended.  Ground  testing  before  flight  can  be  used  to 
verify  these  changes  in  the  vehicle.  The  long  row  of  holes  can  be  made  from 
six  holes  instead  of  12  or  14.  The  cold-flow  penetration  correlations  indicate 
that  this  will  penetrate, as  well  aa  longer  rows,  at  the  injection  pressure 
designed  for  the  engine.  This  reduced  number  Holes  simplifies  the  mechanical 
problems  of  construction  and  reduces  the  chances  of  fuel  hole  plugging. 

The  number  of  injectors  for  low  Mach  number  flight 
could  be  modified  to  take  advantage  of  the  injection  struts  provided  by  the 
partitions  between  the  six  barrels,  but  this  modification:  is  incorporated  in 
the  recommended  design  only  for  the  high-fllght-Mach  number  or  upstream 
fuel  injector  stage. 


These  injectors  are  designed  to  give  sonic  choked 
hydrogen  flow  at  the  injector  throat,  at  all  conditions. 

A  second  stage  of  fuel  injectors  is  provided  upstream 
of  the  first  to  achieve  higher  performance  at  the  higher  Mach  numbers.  As 
flight  Mach  number  increases  from  M  =  6  to  near  M  =  8,  some  of  the  fuel 
is  diverted  to  the  upstream  injector.  This  upstream  burning  results  in 
increased  wall  forces  and  improved  performance.  By  M  =  10  the  downstream 
injectors  are  completely  shut  off.  The  six  barrels  act  like  six  short  constant- 
area  mixing  and  combustion  chambers  that  feed  a  single  recombination  chamber. 
This  single  centerburner  also  mixes  any  mal-distribution  of  fuel  and  air 
coming  from  the  six  barrels. 

The  upstream  fuel  injectors  have  a  larger  flow  area 
than  the  downstream  injectors.  This  area  is  larger  to  carry  the  hotter, 
higher  equivalence  fuel  flows  at  the  high  Mach  numbers.  Tentatively,  the  in¬ 
jection  holes  in  both  stages  are  angled  at  30*  to  the  wall  to  provide  some 
downstream  fuel  thrust.  Subsequent  mechanical  considerations  may  alter  this 
plan. 


Test  configurations  AHinR  and  BHmR  were  function¬ 
ally  similar  to  the  aft  stage  of  the  recommended  combustor  design  with  the 
forward  stage  inoperative.  Configuration  AHmR  was  capable  of  operation  with 
equivalence  ratios  up  to  at  least  0.  7  at  simulated  Mach  6  fliglit  conditions, 
without  separating  the  burner  inlet  stream  (Figure  139).  Configuration  BHmR 
demonstrated  high  performance  at  enthalpy  levels  simulating  Mach  7.8  flight 
(Figure  170),  indicating  that  the  forward  etage  is  not  needed  in  the  flight  speed 
rang-,  of  Mach  6.  0  -  7.  8.  Introduction  of  some  fuel  into  the  forward  stage 
in  the  upper  part  of  this  range  would  have  no  adverse  effects,  however. 
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At  ■imulated  flight  speeds  in  excess  of  Mach  7.  8, 
the  performance  of  Configuration  BHmR  deteriorated,  as  evidenced  by  re¬ 
duced  thrust  potential  (Figure  170)  and  low  levels  of  wall  static  pressure 
(Figure  147).  Performance  was  restored  by  moving  part  of  the  fuel  injection 
upstream  in  Configuration  BHmGR.  This  is  seen  in  the  wall  static  pressure 
data  from  tests  of  this  configuration  (Figures  1S3  and  154).  Test  Configuration 
BHmGR  was  geometrically  similar  to  both  stages  of  the  recommended  com¬ 
bustor  design,  although  its  "forward  stage"  was  foreshortened. 

Ideally,  sufficieirt  fuel  would  be  injected  in  the 

forward  stage  to  maintain  choked  flow  at  its  exit,  where  possible.  Practically,  ' 

however,  several  factors  may  limit  the  useful  flow  through  the  forward  stage 
to  lesser  values.  One  of  these  is  the  physical  blockage  of  the  aft  stage  fuel 
jets,  located  at  the  exit  from  the  forward  stage.  This  three-dimensional  mass 
addition  effect  will  cause  choking  of  the  forward  stage  at  a  lower  fuel  flow 

than  would  otherwise  occur.  Another  factor  is  the  pressure  gradient  ^ 

negotiable  by  the  boundary  layers  of  the  combustor  inlet  stream.  If  excessi¬ 
vely  steep  gradients  are  induced  in  the  forward  stage,  the  boundary  layers 
may  separate  upstream  into  the  induction  system.  In  the  latter  respect,  the 
boundary  layers  of  the  combustion  test  vehicle  were  probably  mor'^  stable  than 
those  to  be  encountered  in  the  engine. 

At  a  flight  speed  of  Mach  10  or  higher,  it  iS  expected 
that  the  inlet  stream  to  the  forward  stage  will  have  sufficiently  high  enthalpy 
and  velocity  so  that  all  the  fuel  can  be  injected  into  the  forward  stage  without 
adversely  affecting  the  induction  system.  This  is  substantiated  by  the 
relatively  weak  pressure  gradients  observed  in  the  forward  part  of  Configuration 
BHmGR  at  high  enthalpy  test  conditions  (Figure  154).  ^ 

At  flight  speeds  between  Mach  7.  8  and  Mach  10,  the 
fuel  must  be  divided  between  the  forward  and  aft  stages,  to  limit  the  pressure 
gradients  in  the  forward  stage  to  levels  tolerable  to  the  induction  system. 

The  wall  static  pressure  data  of  Figure  153  obtained  from  Configuration  BHmGR 
at  test  conditions  simulating  Mach  8.9  flight,  provide  information  useful  in  • 

estimating  the  correct  flow  split.  Two  sets  of  data  obtained  at  similar  equiva¬ 
lence  ratios  (1.  15-1.  17)  are  shown.  In  one  set,  84%  of  the  fuel  was  injected 
from  injector  Hm,  located  ahead  of  injector  G.  The  pressure  in  the  forward 
pKJrtion  of  the  combustor  increase!  by  a  factor  of  six  in  a  distance  of  four 
inches.  This  gradient  is  considered  dangerously  steep.  It  is  feared  that  in  the 
engine,  this  pressure  rise  would  separate  the  boundary  layer  and  propagate  • 

upstream  into  the  induction  system.  In  another  set,  only  17%o.‘  the  fuel  was 
injected  from  the  forward  injector.  The  pressure  increased  by  a  factor  of  only 
four  in  the  first  four  inches  of  the  burner.  This  gradient  was  caused  primarily 
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by  separations  induced  by  the  second  fuel  injector,  since  little  fuel  was:  in¬ 
jected  from  the  first.  The  gradient  would  have  been  even  more  gentle  had 
the  second  injector  been  located  further  downstream,  and  had  the  second 
injector  directed  its  fuel  obliquely  into  the  airflow,  instead  of  perpendicularly. 

Of  the  two  sets  of  data,  the  first  showed  evidence  of 
excessive  fuel  from  the  forward  injector,  and  the  second  showed  evidence  of 
insufficient  fuel  from  the  forward  injector.  It  is  estimated  that  50%  of  the 
fuel  injected  from  the  forward  injector  would  have  produced  optimum  per¬ 
formance  at  this  test  condition. 

Two  considerations  other  than  performance  affected 
the  design  decision  on  the  selected  fuel  splits  between  the  two  stages.  It  is 
desirable  to  maintain  choked  flow  in  the  fuel  injectors,  and  to  cenfine  fuel 
split  valves  to  on-off  valves  rather  than  infinitely  variable  control  valves.  If 
the  injectors  are  choked  at  a  very  low  equivalence,  0.  1-0,  3  for  example, 
then  the  resulting  injection  pressures  at  high  equivalence  ratios  will  be  excessive 
A  minimum  flow  limit  of  0.  3  equivalence  ratio  to  either  injector  was  adopted. 

The  division  of  fuel  between  the  two  stages  of  the 
reconunended  combustor  design  is  prescribed  as  shown  in  Figure  '193. 

In  the  range  of  flight  speeds  between  Mach  6  and  Mach  7.  8  all  fuel  is  injected 
into  the  aft  stage.  From  Mach  7.  8  to  Mach  9.  5,  the  fraction  of  total  fuel 
injected  into  the  forward  stage  is  increased  linearly  from  30%  to  70%  of  the 
total  fuel.  This  variation  can  be  approximated  by  step  changes.  Above 
Mach  9.  5  all  fuel  is  injected  into  the  forward  stage. 

e) _ Ignition 

The  two  stages  of  fuel  injectors  provided  for  per¬ 
formance  also  provide  the  needed  ignition  technique.  It  was  established  in 
component  tests  that  although  a  single  fuel  injector  system  would  not  auto- 
ignite  at  the  burner  inlet  at  M  =  6  conditions,  a  penetrating  jet  would  initiate 
combustion  in  a  stream  which  was  already  carbureted  from  an  upstream 
injector.  With  an  equivalence  ratio  between  0.  1  and  0,  5  from  the  upstream 
injectors,  the  downstream  injectors  should  auto  ignite.  If  any  difficulties 
occur  in  lighting  the  engine,  a  flare  or  explosive  charge  such  as  used  in  com¬ 
ponent  tests  could  be  incorporated  into  the  design. 

2) _ Combustor  Performance  Over  the  Flight  Map  (Mach  6  to  12) 

a) _ Efficiency,  Wall  Force  and  Friction  from  Mach  6 

to  9  Tests 

Of  the  various  combustor  configurations  tested,  the 
step-cone  burners  (Configurations  AHmR,  BHmR  and  BHmGR)  resemble 
most  closely  the  recommended  combustor  design.  The  measured  performance 
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of  these  burners  may  be  used  to  predict  the  performance  of  the  recommended 
combustor  design,  together  with  supporting  data  from  other  configurations. 

The  predicted  performance  trends  are  also  consistent  with  trends  identified 
by  calculations  from  mixing  theory. 

The  combustion  efficiency  of  Configuration  AHmR 
at  a  simulated  flight  speed  of  Mach  7.  8  was  .  75  at  ER  =  .  99  and  .  84  at 
ER  =  1.  19.  Configuration  BHmR,  which  had  a  more  realistic  burner  inlet 
Mach  number  for  this  enthalpy  level,  showed  an  efficiency  of  .75  at  ER  =  .  98, 
closely  comparable  with  that  of  Configuration  AHmR.  These  values  appear 
in  Table  VU  and  Figure  169. 

At  thigher  enthalpy  level,  simulating  Mach  8  4 
flight,  the  combustion  efficiency  of  Configuration  BHmR  degenerated  to  .66 
at  ER  =  1.  08.  This  reduced  efficiency  is  evident  in  the  low  level  of  the  wall 
static  pressures  measured  during  the  test  (Figure  147).  In  the  test  of 
Configuration  BHmGR,  which  injected  fuel  further  upstream  from  the  step, 
the  high  level  of  wall  static  pressures  indicative  of  high  efficiency  was 
restored  (Figure  153),  and  was  maintained  at  higher  enthalpy  levels,  up  to  a 
simulated  flight  speed  of  Mach  10  (Figure  154).  This  is  considered  good 
evidence  that  by  proper  fuel  staging,  the  efficiencies  can  be  maintained  at 
the  flight  Mach  7.  8  level  as  flight  speed  is  increased  up  to  at  least  Mach  10. 

The  estimated  combustion  efficiency  for  the 
recommended  combustor  design  based  on  component  test  results  is  shown 
in  Figure  194,  plotted  as  a  function  of  equivalence  ratio  for  various  flight 
speeds,  and  in  Figure  195,  plotted  as  a  function  of  flight  speed  for  ER=  1.  0. 

At  low  flight  speeds,  up  to  Mach  6.8,  the  efficiency  level  is  expected  to  equal 
the  high  efficiencies  attained  by  the  step  combustors  (.90),  due  to  the  high  mixing 
achieved  in  the  transonic  combustion  mode.  F rom  Mach  6.  8  to  7.  8  the  efficiency 
is  expected  to  decline  gradually  to  the  level  measured  in  the  combustor  tests 
at  enthalpy  levels  simulating  Mach  7.8. 

At  Mach  7.8  the  variation  of  comh  ration  efficiency 
with  equivalence  ratio  is  predicted  to  be  as  shown  in  Figure  194.  The 
efficiency  is  expected  to  decrease  approximately  linearly  with  ER  from  a 
value  of  .  90  at  ER=.  5  to  .74  at  ER=1.  0.  This  trend  was  shown  by  the  step 
combustor  test  data  at  this  enthalpy  level  (Figure  169).  Above  stoichiometric, 
the  efficiency  is  expected  to  increase  with  ER  through  a  value  of  .84  at 
ER- 1.  2.  This  trend  was  established  from  the  step-cone  combustor  test  data. 

It  is  interesting  to  notice  that  a  minimum  combustion  efficiency  near  stoichio¬ 
metric  is  also  predicted  from  mixing  theory  as  can  be  seen  in  Figure  64. 
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Proper  fuel  staging,  together  with  increasingly  higher  fuel  temperatures,  are 
expected  to  maintain  the  combustion  efficiency  at  its  Mach  7.  8  level  as  flight 
speed  is  increased  up  to  Mach  10.  Beyond  Mach  10,  prediction  of  the 
efficiency  trend  is  more  uncertain,  as  no  test  data  are  available  at  these 
conditions.  However,  if  the  combustor  pressure  rise  at  M=  12  flight  conditions 
can  be  made  to  occur  in  a  short  distance  downstream  of  the  fuel  injector  as  was 
accomplished  at  M=10,  Figure  154,  then  equivalent  mixing  rates  and  equivalent 
combustion  eff  ciencies  can  be  expected  for  the  two  Mach  numbers. 

The  combustion  efficiencies  shown  in  Figure  194 
for  M  =  7.  8  to  M=  12  are  close  to  the  values  that  were  used  for  most  of  the 
mission  studies  that  were  done  during  the  contract.  The  combustion  eKici- 
encies  used  for  the  final  performance  calculations  were  higher  than  these 
values.  These  higher  values  were  predicted  for  the  vehicle  to  account  for  an 
expected  improvement  in  mixing  in  the  vehicle. 

Mixing  is  better  in  the  vehicle  due  to  the  presence  of 
six  combustor  inlets  instead  of  one,  and  to  the  greater  fuel  penetration  that 
occurs  with  the  hotter  fuel  at  the  higher  flight  Mach  nujiibers.  Penetration  of  a 
given  quantity  of  fuel  increases  when  the  fuel  temperature  increases.  Com¬ 
ponent  tests  in  the  arc  tunnel  were  confined  to  500-550  R  fuel.  Part  of  the 
jjerformance  losses  in  the  component  tests  were  due  to  lean  center  regions 
that  could  have  been  corrected  with  increased  penetration.  The  burner  inlet 
in  the  component  tests  was  a  single  duct.  In  the  vehicle  at  high  Mach  number, 
fuel  will  be  injected  in  six  inlet  barrels,  having  a  total  number  of  injectors 
six  times  as  great  as  in  the  componert  tests.  This  increased  number  of 
injection  points  results  in  an  improvement  in  mixing  in  the  centerburner.  The 
centerburner  has  the  same  L/D  as  in  component  tests. 

Figure  196  is  the  performance  level  used  in  the  final 
cycle  calculations.  This  includes  the  performance  increases  above  the  com¬ 
ponent  test  level  that  is  expected  in  the  vehicle.  Cycle  calculations  using  this 
performance  level  also  use  an  assumption  of  frozen  nozzle  expansion.  No 
recombination  of  the  exhaust  gases  takes  place  in  the  exhaust  nozzle,  the  com¬ 
position  is  frozen  at  the  burner  exit. 

The  mean  pressure  on  the  walls  of  a  diverging  com¬ 
bustor  has  an  important  effect  on  its  over-all  performance.  In  the  step  com¬ 
bustors  tested,  only  the  pressure  acting  on  the  step  face  influence  the 
com.bustor  performance.  The  test  data  (Figure  156)  showed  that  this  pressure 
was  invariably  low  unless  the  step  combustor  were  operated  in  the  transonic 
mode.  With  the  conical  combustors  and  the  step-cone  combustors,  however, 
the  area  divergence  was  distributed  along  the  length  of  the  burner,  and  the 
effective  wall  pressures  were  much  higher. 
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Inspection  of  the  wall  pressure  data  for  the  step-cone 
combustors  Figures  139i  140,  145  through  149,  153  and  154  reveals  that  the 
mean  pressure  acting  on  the  step  and  the  diverging  walls  was  in  many  cases 
approximately  equal  to  the  burner  exit  pressure.  Since  the  step-cone  com¬ 
bustor  most  closely  resembles  the  recommended  combustor  design,  these 
data  are  considered  directly  applicable. 


The  cycle  program  assumes  that  the  burner  is 
choked  at  the  exit  st  M=6  conditions.  For  the  recommended  design,  this 
results  in  a  calculated  wall  force  that  is  less  than  the  burner  exit  pressure 
giving  a  conservative  performance  calculation.  At  higher  Mach  numbers,  the 
cycle  analysis  program  uses  a  weighting  factor,  K,  to  define  the  combsistor 
wall  pressure  in  terms  of  tne  inlet  and  exit  pressures: 


P 


w 


P4  *  (Pz  -  P4  ) 


A  cycle  input  value  of  K=0  which  is  consistent  with 
the  experimental  measurements  would  cause  the  cycle  program  to  use  a  wall 
pressure  equal  to  the  burner  exit  pressure.  The  resulting  performance  level 
would  be  higher  than  the  currently  used  cycle  value  of  K=.  5,  which  is  a  wall 
pressure  equal  to  the  average  of  burner  inlet  and  exit  pressures.  Thus  the 
cycle  calculations  that  have  been  made  are  slightly  conservative  with  respect 
to  this  performance  parameter,  in  the  range  of  the  experimental  measure¬ 
ments.  The  proper  value  to  use  above  M^IO  is  not  established. 

The  remaining  parameters  affecting  combustor 
performance  are  wall  friction  and  the  related  length  of  the  burner.  The 
friction  coefficients  measured  in  the  combustor  teats  averaged  .  0025,  with 
considerable  scatter.  These  data  do  not  justify  a  deviation  from  the  value 
of  .  00265  presently  assumed  in  cycle  analyses. 


y _ Applicability  of  Performance  Parameters  to  Cycle  { 

Analyses 

In  dealing  with  thrust  producing  machines,  the 
thermodynamic  calculations  are  conventionally  reduced  to  one-dimensional 
quantities  at  the  entrance  and  exit  of  each  component.  That  is,  quantities  such 
as  pressure  and  temperature  are  invariant  across  the  area  in  question  for 
simplicity  of  calculation.  In  the  actual  component,  these  quantities  (such  as 
pressure  and  temperature)  ordinarily  vary  significantly  across  the  area  in 
question.  The  problem  of  creating  one-dimensional  equivalents  is  the  well- 
known  averaging  problem.  Historically,  jet  propulsion  devices  have  dealt 
with  flow  at  subsonic  M  i  numbers  and  with  flows  which  were  close  to  uniform 
in  the  case  of  high  performance  components.  In  these  subsonic  flows,  the 
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type  of  solution  to  the  averaging  problem  frequently  adopted  introduced 
errors  in  the  component  performance  numbers,  but  these  errors  were  small 
relative  to  the  inefficiencies  in  the  high  performance  component,  and  these 
errors  were  not  always  sought  out  and  isolated. 

SCR-AMJET  cycle  calculations  Involve  a  momentum 
balance  across  the  combustor  component.  This  balance  utilizes  impulse 
functions  and  forces  on  walls.  The  one -dimensional  values  used  in  the  cycle 
should,  :herefore,  represent  the  correct  impulse  function  at  the  burner 
inlet  and  burner  outlet.  This  is  correctly  accomplished  if  the  thermodynamic 
quantities  used  to  cbtain  one-dimensional  averages  are;  area,  massflow, 
total  momentum  and  energy  (or  total  enthalpy). 

In  general,  calculation  of  the  correct  average 
quantities,  which  allow  the  above  four  quantities  to  be  correct,  will  result 
in  fictitious  values  for  the  other  thermodynamic  state  quantities  such  as 
entropy,  velocity,  static  temperature,  static  pressure,  etc.  These 
fictitious  quantities,  which  may  not  appear  anywhere  in  the  actual  profile 
measurements,  are  neither  cause  for  alarm  nor  are  th<*y  csuse  to  discard 
the  above  averaging  procedure.  The  true  static  temperatures  and  pressures 
which  are  of  interest  in  estimating  initial  chemical  reaction  rates,  must  be 
determined  independently  of  the  one-dimensional  cycle  calculation;  the  entropy 
^hich  is  associated  with  certain  common  definitions  of  inlet  efficiency,  must 
also  be  determined  independently  of  the  cycle.  With  this  approach  for  the 
cycle  calculations,  the  inlet  efficiencies  that  describe  the  burner  inlet  con¬ 
ditions  are  lower  than  those  determined  by  some  other  techniques  for  averaging 
the  burner  inlet  profile  measurements.  Also  less  inlet  contraction  is  involved 
than  for  calculations  which  attempt  to  agree  with  the  measured  burner  inlet 
static  pressure  or  the  entropy  when  this  agreement  is  achieved  by  assuming 
an  effective  flow  area  rather  than  the  true  physical  area  of  the  flowpath. 

In  the  final  one -dimensional  cycle  calculations  pre¬ 
sented  for  the  recommended  6-12  vehicle,  the  component  performances  are 
reported  in  terms  of  a/crage  quantities  in  which  massflow,  momentum, 
energy  and  area  are  implicit.  The  pressure  forces  on  the  burner  walls  and 
the  forces  between  the  wall  and  the  airG*ream  due  to  friction  loss  are  input  to 
the  cycle  independently  of  the  one -dimensional  average  quantities.  The 
"Combustion  momentum  loss"  or  "total  pressure  loss"  is  properly  accounted 
for  in  the  combustor  momentum  balance  without  the  need  for  a  specific  cycle 
input. 


The  parameters  of  combustion  efficiency  (Eta-BM) 
friction  coefficient  (Cf),  and  wall  pressure  factor  (K),  used  to  describe  the 
performance  of  the  test  combustors  and  to  predict  the  performance  of  the 
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recommended  combustor  design,  can  be  used  directly  as  input  to  cycle 
analysis  computer  programs  to  predict  engine  performance  over  the  flight 
map.  Ahhough  the  thrust  potential  (EtaNT)  is  used  extensively  in  the  com¬ 
bustor  analysis  work,  it  is  not  used  as  input  to  cycle  analysis.  It  is,  however, 
a  parameter  descriptive  of  the  over-all  performance  of  the  combustor,  shewing 
the  combined  effects  of  the  other  parameters,  and  is  generated  in  a  manner 
closely  parallel  to  the  cycle  analysis  techniques. 

Particular  effort  was  required  to  derive  the  com¬ 
bustion  efficiency  from  the  test  data  so  that  it  would  be  compatible  with  the 
definition  used  in  cycle  calcuatlons.  The  cycle  analysis  program  assumes 
one -dimensional  flow  of  a  gas  in  chemical  equilibrium.  The  exit  stream  from 
an  inefficient  combustor  is  defined,  not  by  comput  ng  a  non -equilibrium  flow, 
but  by  using  a  flow  in  chemical  equilibrium.  The  stagnation  enthalpy  of  this 
flow  is  reduced  by  a  fraction  of  the  nominal  heating  value  of  the  fuel  equal  to 
the  inefficiency.  The  combustion  inefficiency  Is  thus  taken  as  heat  lost  from 
the  othi  rwise  ideal  system. 

In  reducing  the  test  data,  a  hypothetical  exhaus  t 
nozzle  having  an  area  ratio  near  that  used  by  current  study  engines  was 
assumed  to  have  followed  the  test  combustor.  The  non-uniform,  non¬ 
equilibrium  combustor  exit  stream  was  expanded  through  this  hypothetical 
nozzle  in  a  fairly  rigorous  manner  to  determine  its  thrust.  A  hypothetical 
one-dimensional,  equilibrium  stream  having  the  same  stagnation  enthalpy, 
equivalence  ratio,  mass  fl..>w,  area  and  total  momentum  as  the  combustor  exit 
stream  was  then  expanded  through  the  hypothetical  nozzle.  The  stagnation 
enthalpy  of  the  hypothetical  stream  was  reduced  'until  the  nozzle  produced  the 
same  thrust  as  with  the  test  combustor's  exit  stream.  The  amount  by  which 
the  stagnation  enthalpy  was  reduced,  taken  as  a  ratio  to  the  heating  value  of  the 
fuel,  defined  the  combustion  inefficiency  (1-Eta-BM). 

The  quoted  values  of  combustion  efficiency,  when 
input  to  the  cycle  analysis  program,  will  produce  the  correct  thrust  from  the 
exhaust  nozzle. 

e.  Generalizations  of  the  Recommended  Design 


1)  Mach  3  to  6 

To  extend  the  operable  range  of  the  combustor  to  lower  Mach 
numbers,  the  burner  area  ratio  must  be  increased  or  the  equivalence  ratio 
must  be  increased  or  the  equivalence  ratio  must  drastically  reduced.  Increas¬ 
ing  the  burner  area  ratio  for  low  Mach  number  operation  does  not  eliminate 
the  need  for  maintaining  combustion  in  the  smaller  area  for  high  performance 
at  M  =  6. 
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To  Accomplish  both  tasks,  M=6  and  also  lower  Mach  numbers, 
an  additional  fuel  injector  stage  is  required,  positioned  in  a  larger  flow  area 
region  downstream  of  the  M=6  injectors,  followed  by  additional  burner  length. 
Variable  inlet  and  combustor  geometry  are  also  possible  solutions. 

At  the  lower  Mach  numbers  ignition  will  be  more  difficult, 
and  flame  stabilization  and  flame  spreading  between  fuel  injectors  will  have  to 
be  considered  in  the  design. 

2)  Mach  12  and  Above 

With  increasing  flight  Mach  number,  the  length  of  the 
constant  area  section  at  the  burner  may  need  to  be  longer  to  achieve  good 
mixing.  The  pressure  rise  may  require  longer  lengths  for  development 
because  of  the  reduced  angle  of  shock  waves  at  higher  Mach  numbers  and  the 
pressure  rise  may  be  less  because  of  the  smaller  burner  temperature-rise 
ratio  that  may  be  involved.  The  increased  difficulty  of  mixing  resulting  from 
the  more  gradual  and  lesser  pressure  rise  may  involve  significant  performance 
losses.  One  encouraging  observation  with  respect  to  mixing  is  associated 
with  the  initial  fuel  conditions.  Although  the  airflow  is  at  high  Mach  number 
and  its  velocity  Is  not  much  affected  by  static  pressure  gradients,  the  fuel 
injected  from  a  penetrating  jet,  may  have  an  effective  downstream  Mach 
number  between  zero  and  one. 

A  static  pressure  gradient  just  downstream  of  the  fuel 
injectors  can  have  a  big  effect  on  the  resulting  mixing,  just  as  was  discussed 
in  this  report  for  M=6  conditions.  Also,  at  the  higher  Mach  numbers,  higher 
equivalence  ratios  may  be  involved,  relieving  considerably  the  uniformity 
of  fuel  required. 

To  minimize  friction  loss  and  heat  transfer  loads  it  may  be 
necessary  to  design  shorter  burners.  Film  or  transpiration  cooling  may  be¬ 
come  an  essential  part  of  the  design  to  further  minimize  friction  and  heat 
transfer  problems. 

3)  Effects  of  Size 

The  combustor  is  easily  scaled  to  larger  sizes.  In  contrast 
to  some  other  types  of  burners  which  do  not  scale  easily,  these  SCRAMJET 
burners  are  mixing,  rather  than  reaction  limited,  and  all  dimensions  can  be 
scaled,  the  length  as  well  as  the  diameter.  The  effects  of  Reynolds  number 
on  the  mixing  are  negligible,  and  have  an  effect  only  insofar  as  they  effect 
the  vehicle  performance  through  boundary  layer  effect  on  the  walls.  To 
obtain  equivalent  operation,  all  dimensions  must  be  scaled,  the  length  as  well 
as  the  diameter  of  the  duct  and  the  diameter  for  the  fuel  injector  parts. 

Although  the  combustor  is  basically  mixing  limited,  a  small 
performance  improvement  is  predictable  with  increasing  size,  due  to  the 
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increased  chemical  reaction  lengths  available  in  the  reconr'.bination  region  of 
the  burner  or  exhaust  nozzle. 


D.  CONCLUSIONS  fc  RECOMMENDATIONS 

1.  CONCLUSIONS 


a.  Demonstrated  Performance  Levels 

Combustor  performance  adequate  to  accomplish  the  flight  test  vehicle's 
nrussion  was  demonstrated  experimentally  with  test  conditions  simulating  flight 
speeds  to  Mach  7.8. 

Combustors  designed  with  an  abrupt  increase  in  area  by  a  factor  of  2.  5 
showed  high  combustion  efficiency  and  excellent  resistance  to  inlet  inter¬ 
ference,  but  as  simulated  flight  speeds  above  Mach  7,  they  suffered  low  wall 
pressure. 

Combustors  having  an  area  increase  by  a  factor  of  2.  5  by  means  of  a 
straight  taper  showed  high  wall  pressures  at  high  simulated  flight  speeds,  but 
were  more  subject  to  inlet  interference  and  suffered  lower  combustion 
efficiency  than  the  step  combustors.  High  wall  pressures  were  obtained  with¬ 
out  steep  pressure  gradients.  Reduced  efficiency  was  attributed  to  the  absence 
of  steep  pressure  gradients. 

Combustors  designed  with  an  area  ratio  of  2.0,  accomplished  via  a  small 
step  followed  by  a  straight  taper,  provided  both  high  wall  pressure  and  high 
combustion  efficiency  with  conditions  simulating  flight  speeds  up  to  Mach  7.  8. 
Resistance  to  inlet  interference  at  low  flight  speeds  was  acceptable.  Mainten¬ 
ance  of  high  performance  levels  at  flight  speeds  above  Mach  7.8  required 
shifting  the  combustion  to  a  constant-area  duct  located  ahead  of  the  diverging 
combustor.  This  was  true  in  tests  which  were  conducted  with  simulated  flight 
speeds  up  to  Mach  10. 

Appending  an  exhaust  nozzle  to  the  test  combustors  did  not  alter  their 
performance.  The  composition  of  the  exhaust  gas  departed  from  equilibrium 
during  the  nozzle  expansion.  ^ 

b.  Increased  Knowledge 

1)  Ignition 

Auto  ignition  of  hydrogen  jets  with  a  total  temperature  of  500*R 
is  unreliable  at  flight  speeds  less  than  Mach  7.  7,  even  though  the  jets  are 
directed  normal  to  the  air  stream.  Ignition  is  easily  effected  by  any  device 
that  momentarily  chokes  'ne  combustor,  such  as  an  air  blast,  a  fuel  surge, 
o-  a  short-duration,  solid-propellant  gas  generator.  Ignition  occurs  because 
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of  the  high  static  pressure  and  static  temperature  created  in  the  fuel/air 
mixture.  A  jet  injecting  normally  into  a  fuel/air  mixture  produces  a  shock 
wave  in  the  mixture  which  ignites  the  fuel.  This  last  mechanism  was 
recommended  as  the  ignition  device  for  the  vehicle  because  two  fuel 
injector  stages  were  considered  desirable  for  performance  reasons.  Once 
initiated,  combustion  is  easily  sustained  at  low  flight  speeds  provided  sufficient 
fuel  is  burned  to  thermally  choke  the  combustor.  This  was  demonstrated  at 
simulated  flight  speeds  as  low  as  Mach  5. 2,  however,  the  low  flight  speed 
limit  was  not  investigated. 

2)  Jet  Penetration 

A  simple  but  general  correlation  of  cold-flow  penetration  data  was 
obtained,  useable  for  designing  combustor  fuel  injectors.  Configurations 
giving  greater  penetration  than  round  90*  holes  were  identified,  including  a 
configuration  injecting  a  30*  to  the  stream,  which  provides  some  downstream 
thrust.  These  improved  configurations  were  used  in  arc  tunnel  combustioa 
tests,  and  were  incorporated  into  the  design  of  the  6-12  vehicle. 

The  shape  of  the  jet  strongly  influences  its  penetration  at  low 
injection  pressures:  jets  greatly  elongated  in  the  airflow  direction  penetrate 
farther  than  nearly  circular  jets. 

3)  Fuel  Distribution 

Fuel  injectors  having  eight  fuel  jets  spaced  about  the  periphery 
of  the  cylindrical  air  duct  produced  uniform  fuel  distribution  in  the  air  stream 
ten  diameters  downstream  when  mixing  was  assisted  by  strong  pressure 
gradients  in  the  duct.  With  lesser  pressure  gradients,  the  radial  distribution 
was  uneven,  rich  near  the  walls  and  lean  in  the  center. 

Without  strong  pressure  gradients  to  assist  mixing,  attainment  of 
uniform  fuel  distribution  reqidres  over-stoichiometric  fuel  flow,  high  fuel 
temperature,  or  injection  struts. 

Injectors  having  only  four  points  of  injection  required  stronger 
pressure  gradients  to  attain  uniform  distribution.  Without  strong  pressure 
gradients,  the  fuel  distribution  was  uneven  circumferentially, as  well  as, 
radially. 


A  unified  penetration  and  mixing  theory  was  developed  and  the 
observed  beneficial  effect  of  pressure  gradients  on  mixing  was  explained 
theoretically. 

c.  Projected  Performance  Levels 

With  continued  development  effort,  a  combustion  efficiency  of  .90  is 
believed  attainable  at  all  flight  conditions. 
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An  upper  limit  to  attainable  efficiency  is  imposed  by  the  necessity  of 
I  cooling  the  burner  walla  requiring  a  temperature  profile  in  the  burner  exit 

stream. 
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2.  RECOMMENDATIONS 

Flight  test  experience  with  a  SCRAMJET  combustor  in  a  hypersonic 
ramjet  is  needed  to  verify  the  results  of  component  ground  tests,  provide 
data  at  conditions  unattainable  in  ground  test  facilities,  and  identify  areas 
requiring  further  development.  The  available  data  provide  sufficient  back* 
ground  for  the  reliable  aerothermo  design  of  the  conrbustor  for  such  a  flight 
test. 
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Techniques  should  be  investigated  for  extrapolating  performance  data 
from  combustor  tests  to  conditions  unattainable  in  ground  test  facilities. 
These  techniques  should  include  design  of  combustion  experiments  repre¬ 
sentative  of  higher  flight  speeds  than  those  directly  simulated. 

Test  experience  is  needed  with  geometric  configurations  different  from 
the  cylindrical  burners  tested  here.  Annular  combustors  are  of  particular 
interest.  This  additional  experience  would  permit  the  technology  from  this 
engine  to  be  extrapolated  to  other  proposed  engine  configurations  proposed 
for  this  Mach  6-12  mission,  as  well  as,  for  other  missions. 

The  development  of  techniques  for  measuring  combustor  performance 
and  of  facilities  for  better  simulation  of  flight  conditions  should  be  continued. 

Component  ground  test  of  a  flight -weight,  fuel-cooled  combustor  would 
provide  added  assurance  of  success*  of  the  flight  test  mission. 
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APPENDIX  I 


DERIVATION  OF  GENERALIZED  IRREVERSIBLE  FLOW  FUNCTION 

Consider  the  one-dimensional  flow  of  a  perfect  gas  past  a  point  in  a  duct.  The  gas  has 
the  equation  of  state 


p-p  RT  ^  (1) 

where  P  ■  static  pressure,  Ibf/ft* 

P  ■  density,  Ibm/ft* 

R  ■  1545.4/m,  gas  consunt,  ft.lbVlbm*R 
m  ■  molecular  weight.  Ibm/mole 
T  ■  static  temperature.  *R 

The  equation  of  continuity  of  mass  is 

w  ■  P  AV  (2) 

where  w  ■  flow.  Ibm/sec 

A  ■  flow  area,  ft* 

V  ■  velocity,  ft/sec 

Combining  (1)  and  (2), 

w  ■  pAV/RT  ) 

The  sonic  velocity  of  a  perfect  jas  is 

a  -  /  Y  gRT  (4) 
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where  Y  »  ratio  of  specific  heats 

g  ■  gravitational  consunt  •  32. 174  ft.lbm/lbf  sec* 

The  Mach  number  is  defined  as 

M  -  V/a 


Combining  (3),  (4),  and  (5), 

.■pam/|T 


(5) 


(6) 


The  well  known  relationship  between  toul  (adiabatic  sugnatlon)  temperature  and 
static  temperature  is 


h  .  1 

T 


Y  -  1 


M* 


(7) 


Using  (7),  equation  (6)  can  now  be  written 


The  toul  momentum  (impulse  function,  stream  thrust)  Is  defined  as: 

F  •  pA  +  wV/g  (9) 


Combining  (3)  and  (9), 

F  -  pA  +  -  pA  ('l  + 

gRT  ^  V 

Using  (4)  and  (S), 

F  -  pATl  +  Y  M*)  (11) 

Eliminating  the  product  pA  between  (8)  and  (11),  the  desired  function  is  obtained: 


gRT 


(10) 
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RTo  xWv 

N  *  —  ; 

Yg 


M*  (l 


Y-  1 


M*) 


(  1  +  Y  M*)* 


M2) 


The  function  N  reaches  a  maximum  when  M  ■  1: 
1 


N 


(13) 


2  (Y  +  1) 


Conveniently,  the  ratio 

N  2  (Y  +  1)  M*  (l  l^M*) 
N*  (1  +  M*)* 


(M) 


Is  identical  to  the  oft-tabulated  function  Tq/Tq*  for  Rayleight  -  line  flow  (constant  w, 
F.  Y  ,  and  R). 
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